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-: PREFACE

Current interest In a variety of low Reynolds number applications
has focused attention on the design and evaluation of efficient
airfoil sections at chord Reynolds numbers from about 100,000 to about
1,000,000. These applications include remotely piloted vehicles
(RPVs) at high altitudes, sailplanes, ultra-light man-carrying/man
powered aircraft, mini-RPVs at low altitudes and wind
turbi nes/propellers.

Although the design and evaluation techniques for airfoil
sections above chord Reynolds numbers of 500,000 are reasonably well
developed, problems related to boundary layer separation and
transition have made it difficult to extend these techniques to lower
Reynolds numbers. Presently available design and analysis techniqves
require improved criteria for laminar separation, transition,
reattachment and turbulent separation. Mathematical models of these
complex phenomena require additional, very careful experimental
studies. Because of the sensitivity of the low Reynolds number
airfoIl boundary layer to freestream and surface-qenerated
disturbances, definitive experiments are very difficult. Therefore,
it is important that theoreticians and experimentalists work closely

together in order to advance our understanding of these phenomena.

The purpose of this Conference on Low Reynolds Number Airfoil
Aerodynamics is to bring together those researchers who have been
active in areas closely related to this subject. It is hoped that
this occasion will provide the discussion and exchange of ideas
necessary to indicate the present status and future direction for
research.

This Conference is sponsored by the National Aeronautics and

Space Administration, Langley F',esearch Center, Hampton, Virginia,
(Purchase Order No. L77177B), the U.S. Navy Office of Naval Research,
Arlington, Virginia, (Contract No. N00014-85-G-0123) and the
Department of Aerospace and Mechanical Engineering, University of
Notre Dame, Notre Dame, Indiana. It is a pleasure to thank D.M.
Somers and W.D. Harvey (NASA Langley Research Center), R. Whitehead
(U.S. Navy, ONR) and R. Foch (U.S. Navy, NRL) fur the support and
encouragement needed to produce this Conference. The authors should
also be commended for preparing their papers in timp to have the
Proceedings available at the Conference.

",ccs:-.0 Y•, Thomas J. Mueller

*;I S Conference Organizer
.:TI, Department of Aerospace and
1,)nL.r. i Mechanical Enqineerinq
j!.-, , ,University of Notre Dame

- ",Notre Dame, IN 46556
Tir .X U.S.A.
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AIRFOIL DESIGN FOR REYNOLDS NUMBERS

BETWEEN 50,000 AND 500,000

by

Richard Eppler
Universit~t Stuttgart

and

Dan M. Somers
NASA Langley Research Center, Hampton/VA

ABSTRACT

The design of airfoils for Reynolds numbers between 50,000 and 500,000
is governed by the problem of laminar separation bubbles. All other
problems such as potential-flow design and analysis methods as well as
boundary-layer computation can be solved much more reliably and are,
therefore, only mentioned briefly. The relevant dimensions and some
similarity parameters of the separation bubble are discussed and a simp-
le analogy model is described. This model allows a critical Reynolds
number to be defined, above which the additional drag due to the bubble
seems to be negligible. Several examples are presented which support
the validity of this empirically-founded, critical Reynolds number. No
drag penalty due to the bubble can as yet be predicted by the theory,

however.

TI.e critical Reynolds number of the upper surface can be different from
that of the lower surface. Both critical Reynolds numbers depend on the
lift coefficient. For most applications, the Reynolds number depends on
the lift coefficient as well. The airfoil should be designed such that
the critical Reynolds numbers of both surfaces are lower, for every lift
coefficient, than the application Reynolds number. How this objective
can be met using a particular airfoil design method in a simple,
straightforward manner is described. The limitations uf this design
method are also discussed. -urther improvements can be achieved if bet-

ter empirical laws for the critical Reynolds number and, eventually,
for the drag penalty due to the bubble can be established from recent
experiments.

1. MATHEMATICAL MODEL

The flow around airfoils can be modelled according to Prandtl's boun-
dary-layer concept, if the Reynolds number is high enough. In this case,
the flow outside of a thin boundary layer near the airfoil surface is
idealized as inviscid potential flow which yields the boundary condi-
tions for the viscous flow in the boundary layer. In references LIJ and
[2], a mathematical model arid a computer program for computing such
flcws is described. It contains:

S- A conformal-mapping method for the solution of the inviscid airfoil
design problem, which requires the computation of the airfoil shape



from given properties of the potential-flow velocity (or pressure)
distribution.

- A higher-order panel methxdfor the solution of the inviscid, airfoil
analysis problem, which requires the computation of the potential
flow for a given airfoil shape.

- An approximative boundary-layer computation method for calculating
the boundary-layer flow for a given potential-flow velocity distri-
bution.

- A method for the computation of lift and drag from potential and
boundary flows.

Additional details of this mathematical model will be given only as
far as is necessary for understanding the present paper.

2. AIRFOIL DESIGN METHOD

In the airfoil design method (of references [1] and [21) the velocity
distribution of an airfoil at a certain angle of attack a cannot be
specified directly. Instead, the angle of attack a* at which the poten-
tial-flow velocity is to be constant, is specified for each segment of
the airfoil. In addition, a pressure-recovery function is introduced
toward the trailing edge. This method allows the velocity gradient to
be accurately controlled and modified. Such modifications normally
.violate the closure of the airfoil trailing edge. The method contains
many options for a so-called trailing-edge iteration, which allow the
pressuregradient modifications to be compensated for automatically in
order to always achieve a closed airfoil. This feature of the method
will not be mentioned in each instance, when a velocity distribution
is introduced and modified.

3. BOUNDARY LAYER AND SEPARATION BUBBLE

Turbulent boundary layers cause more skin friction than laminar bounda-
ry layers, but also withstand much more adverse pressure gradient be-
fore separating. Boundary-layer transition should, therefore, be pre-
vented as long as no separation is present, which is the case in a
favorable pressure gradient (increasing potential-flow velocity). As
soon as a region with adverse pressure gradient is approached, which
must occur toward the trailing edge, transition must be promoted in
order to prevent laminar separation.

For Reynolds numbers between 50,000 and 500,000, it is much easier to
maintain a laminar boundary layer than to achieve a transition far
enough forward. Boundary-layer transition is, therefore, a central
issue.

Although it is sometimes reasonable to talk about a transition "point",
it must be emphasized that boundary-layer transition is not .c. ce,•:t-a-
ted at a point but occurs, rather, over some distance. First, (c,'tai,
Tollmien-Schlichting waves are amplified, then secondary insi..iulities
occur, and, after additional nonlinear developments, the transition to
a completely irregular turbulent motion begins in layers with very
high shear velocities like in free shear layers. Obviously, the flow

2



in such free shear layers is much more unstable than the flow in boun-
dary layers. The first instability, the amplification of the Tollmien-
Schlichting waves, depends on two parameters. One parameter is a local
Reynolds number based on, for example, the local, potential-flow velo-
city U and the local boundary-layer momentum thickness 62

R = U62
R2 V

The other parameter concerns the velocity distribution u (y) in the
boundary layer, the so-called velocity profile, where y is the axis
perpendicular to the surface and u is the velocity component in the
boundary layer parallel to the surface. This component approaches U
as y approaches ý, the boundary-layer thickness. The shape of the velo-
city-profile can be characterized by a shape parameter, for example

32 6�3
32 62

where 63 is the boundary-layer energy thickness. This shape parameter
is lower for profiles having an inflection point than for profiles ha-
ving none. Very strong inflection leads to reversed flow near the sur-
face and, thus, to separation. Given certain additional assumptions, a
lower limit for H32 (= 1.51509) exists at which separation of the lami-
nar boundary layer occurs. Low values of H3 2 and, thus, separation are
always caused by adverse pressure gradients. The general facts concer-
ning stability can now be stated precisely.

- Increasing Reynolds number yields less stable boundary layers. For
any boundary-layer profile, there exists a limit for R62 , below which
the boundary layer is stable.

- Decreasing H3 2 and adverse pressure gradients promote instability;
the stability limit for Re62 decreases rapidly as H3 2 decreases.

Although these statements only concern the stability, transition also
exhibits a similar trend. It is possible to develop approximative local
transition criteria, where transition is assumed if R62 exceeds a value
which depends only on H3 2 [1]. Such empirical criteria do not model the
transition process and must, therefore, be used carefully. They can on-
ly detect the end of the laminar boundary layer, whether the laminar
separation, or the beginning of the last phases of the transition pro-
cess. Most experiments for detecting transition determine only the be-
ginning of the fully developed turbulet boundary layer which occurs la-
ter than the end of the laminar boundary layer. The general tendency is,
however, always true. Transition is promoted by adverse pressure gra-
dients which, simultaneously, increase the separation danger. The
question is always: Which will occur first? If the laminar boundary
layer separates, a large wake forms which causes high drag. If transi-
tion occurs before laminar separation, the drag is much lower.

A more complicated phenomenon often occurs, however. The laminar boun-
dary layer separates and a wake forms in which the pressure is approxi-
niately constant. This wake is bounded by a free shear layer which is
much more unstable than the corresponding boundary layer. Accordingly,
transition occurs in the free shear layer within a short distance of



separation. The resulting turbulence spreads out and may reach the sur-
face. Downstream of this reattachment, a turbulent boundary layer forms.
This phenomenon is called a laminar separation bubble and is sketched
in figure 1.

b -ý

..--.. LT .. .,. . . LR --- _J
L B

Separation Transition Reattachment

Figure 1: Sketch of the separation bubble.

It has been clamed that transition never occurs without a buhble. This
seens highly unlikely, although for Reynolds numbers between 50,000
and 500,000, transition by means of a separation bubble will be the
most frequent case.

Tile laminar separation bubble has been the subject of much research
since 1942, when F.W. Schmitz [3] first described it. Therefore, only
those details which influence the design of airfoils will be discussed.

It is generally accepted that increasing Reynolds number decreases the
length LT from separation to transition in the free shear layer and,
thus, the size of the bubble. For a given airfoil at a certain angle of
attack, a transition Reynolds number can be defined as

RT Us LT

which is nearly independent of the chord Reynolds number Re. It is very
unlikely that RT is a universal constant as suggested by Ntim [41.
There is much evidence that RT depends strongly on the relative thick-
ness HT/LT of the bubble. Moreover, the increase in boundary-layer
thickness and, thus, the drag penalty due to the bubble depend on the
absolute thickness HT of the bubble.
It is crucial that some information about the bubble and its associa-

4



ted drag penalty be available during the airfoil design proceoure. The
effect of the bubble can be empirically estimated during the boundary-
layer computation. Turbulent boundary layers have, for the same pressu-
re gradient, higher H32 values than laminar boundary layers. For examp-
le, the laminar boundary layer on a flat plate yields H32 = 1.573; the
turbulent one, H32 , 1.77. If transition is introduced into the compu-
tation, an abrupt increase in H3 2 usually results. There are cases,
however, in which H3 2 increases only slowly near the beginning of the
turbulent boundary layer. These cases become more obvious if the lami-
nar boundary layer separates and then the boundary-layer parameters of
the separating laminar boundary layer are used as initial conditions
for the turbulent boundary layer calculations. The region over which
the H32 of the turbulent boundary layer does not reach high values can
be considered as an analogy to the separation bubble. Thus, the length
LB of,the bubble analogy can be evaluated. Additional information is
required, however, to evaluate the thickness of the bubble and, accor-
dingly, the drag penalty due to the bubble. If, following laminar se-
paration, the potential-flow velocity U were constant, the flow would
not separate from the surface because the resulting free shear layer
has the same, constant velocity. Thus, it can be seen that the thick-
ness of the resulting wake depends on the decrease in U(x) which would
occur had there been no separation. Therefore the decrease AU in U(x)
over the length LB of the bubble analogy is used as the criteryon for
the bubble effect. Specifically LB is the length from the beginning of
the turbulent boundary-layer computation to the point where H3 2 = 1.6
and AUB *is the velocity decrease over LB. Comparisons with many experi-
mental results indicate that essentially no drag penalty is incurred if

AU B
< 0.042

U S

If UB/US exceeds 0.042, a warning is given indicating that no drag pe-
nalty has been included and tat, therefore, the predicted drag coeffi-
cients are probably too low.
Comparisons of experimental [5] and theoretical results for airfoil
387 which was designed previously for model aircraft, illustrate the
validity of this warning. This airfoil and its potential-flow velocity
distributions for three angles of attack are shown in fiqure 2.

The theoretical and experimental section characteristics for Reynolds
numbers of 200,000, 100,000, and 60,000 are shown in figures 3, 4, and
5, respectively. The bubble warning is indicated by triangles at the
appropriate points along the c - c. curves. If the triangle points up-ward (A), a significant (drag- rodu ing) bubble is predicted on the up-

per surface. If the triangle points downward (v), the bubble warning
is for the lower surface. Bubble warnings for both surfaces result in
a six-pointed star. For Re = 200,000 (figure 3), the agreement between
theory and experiment is remarkable, especially considering the empiri-
cal nature of the boundary-layer method and the difficulties associated
with measuring section characteristics, particularly drag coefficients,
at such a low Reynolds number. For Re = 100,000 (fig. 4), bubble war-
nings appear for almost all lift coefficients and the agreement between
theory and experiment is correspondingly poorer.

5
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Figure 5: Theoretical and experimental section characteristics of
airfoil 387, Re = 60,000

For Re = 60,000 (fig.5), numerous warnings are again present and the
agreement is still poorer. It should be noted, however, that the method
predicts the laminar "stall" at c 0.6 and the following turbulent
reattachment and then turbulent Iall at higher angles of attack.

4. AIRFOIL DESIGN

Because most airfoils are applied to aircraft having essentially con-
stant wing loadings, the Reynolds number depends on the lift coeffi-
cient. For a given lift coefficientc and Reynolds number Ro, the
Reynolds number Re for any other lift'coefficient c1 is

Cl
Re = R /-•Io

Typically, an airfoil designed for low Rcynolds numbers might be requi-
red to operate over a range of lift coefficients from 0.2 to 1.4. In
this case, clomight be 1.4 and R0 , 250,000.

An example of such an airfoil is shown in figure 6. The concave pressu-
re-recovery functions selected should produce little shear stress and,
therefore, little friction drag. The section characteristics for five
Reynolds numbers from 250,000 to 1 x 106 are shown in figure 7. Lots of
bubble warnings are present and, therefore, very poor performance must
be expected for this airfoil. The source of these bubble warnings is
the steep, adverse pressure gradient at the beginning of the pressure
recovery. The velocity distribution must be modified to elimir.ate
these warnings.
At one angle of attack a•, the thickness of the bubble on the upper sur-
face can be reduced by introducing a transition ramp as sketched in

"..



figure 6. If laminar separation occurs at the beginning of the ramp,
the adverse pressure gradient thereafter is not large and the bubble
will be thin. As the angle of attack is reduced, however, the adverse
pressure gradient along the ramp is also reduced and, eventually, an

V 
2

1.5 -

0.5 i a relative to the zero lift line

0 0 5 X/C 1

t/,

Figure 6: Airfoil 985 with velocity distributions

.5-- - Re- 25-10 _C T.U.

5- S10' .

-. 10, , . T. - boundary layer transition
/ / -r ." - boundary Iayer separation 1 , f )

9 8 5 / --oe surface

: -0.2 / l-t)

05• .IScp.,o'bubbe w-', 0.5 I SL

I • upper surfce .

I 10' 5' 10'

0 5 10 15 101C , 20 0 05 x C

Figure 7: Theoretical section characteristics of airfoil 985
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angle of attack will be reached at which laminar separation or transi-
tion does not occur on the ramp. At that angle of attack, a thick bubb-
le can again form downstream of the end of the ramp, at the beginning
of the main pressure recover). If, at a certain ,i, the adverse pressu-
re gradient on the upper surface aft of laminar separation is small
over a long segment, a thin bubble will result. As a is decreased, how-
ever, that small adverse gradient is reduced so much that it no longer
causes laminar separation or transition in this segment. Transition/
laminar separation jumps from the beginning to the end of this segment
within a narrow ,L-range. This jump can be seen in figure 7, for examp-
le, where transition/laminar separation jumps from the leading edge to
the middle of the upper surface near c = 1.4. Above this cI, no bubb-
"le warnings appear for the upper surfahe. The reverse is true for the
"lower surface where transition/laminar separation Jumps from the lea-
ding edge to midchord near c = 0.1. Thus, these jumps are beneficial
over a narrow range of anglel of attack but not over a wider range.

To reduce th:e number of bubble warnings over a wide range of lift co-
efficients, it is necessary to eliminate any sharp corner in the velo-
city distribution as shown, for example, in figure 8. Airfoil 987 has
velocity distributions very similar to those of airfoil 985 except
that the corners near the beginning of the pressure recovery are rounded
or smoothed. Transition/laminar separation moves gradually through this
region. The adverse pressure gradient is, however, small only for a
short distance downstream of transition/laminar separation. The bubble

• .thickness is reduced less than in the case of a jump but it is reduced
over a wider range of lift coefficients. The number of bubble warnings
has been reduced significantly as shown in figure 9. Also note that the
slope of the transition/laminar separation lines T.U.(cl) has changed
markedly.

There is a general connection between the slope of these lines and the
critical Reynolds number Rcrit (cl) above which no bubble warnings
appear. Increasing slope mean, decreasing Rcrit. The slope of T.[J.(cl)
can be controlled by a simple, straight-forward technique for selec-
ting the .,",-values used in the airfoil design method of III. Air-
foil 987 does not yet satisfy the design requirements completely. For
cl - 0.8 and R < 350,000, bubble warnings appear for the lower surface.
This is not acceptable because the airfoil ,,ust perform efficiently un-
der these conditions. On the other hand, th2 bubble warnings for the
upper surface for thc same Reynolds numbers and cl < 0.8 are unimpor-
tant because the airfoil operates at higher Reyno ds numbers over this
cl range. For these conditions, the lower surface is even better than
necessary as indicated by the lack of warnings. Thus, the airfoil
should be modified such that,for the lower Reynolds numbers, the war-

7.. nings for the lower surface are el iminated for high lift coefficients.
Additional warnings for low lift coefficients are, of course, acceptab-
"le. This modification requires the slope of F.U.(c 1 ) to be increased
for high c1 and to be decreased for low c1.

* The resulting airfoil 989 is presented in figure 10 and its section
characteristics, in figure 11. The shape and the velocity distributions
of airfoil 989 atre not very different from those of airfoil 987, but

9
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the improvement is significant.

V

1.5 /

a 4.
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Figure 8: Airfoil 987 with velocity distributions.
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Figure 9: Theoretical section characteristics of airfoil 987
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Of course, even lower Reynolds numbers can be accommodated if the tran-
sition ramp is made longer. A certain limit is reached, however, when
the ramp extends over the entire chord length. An example of an air-
foil intended for Reynolds numbers below 100,000 for high c and corre-
spondingly higher Re for low cl is given in figures 12 arn 13. Note the
slope of T.U. (c]) for the upper surface. It increases with cl which
reduces Rr. For Re = 50,000, this airfoil still has a narrow cl
range wit oi bubble warnings.

If airfoils must be designed for even lower R the cI range over which
T.U.(cl) changes rapidly must be reduced. The resul ing airfoils will
accordingly have a narrower cI range over which they can be applied.

The absolute limit is a "point" design. If, for a certain cl, transi-
tion/laminar separation jumps from the leading edge almost to the trai-
ling along the upper surface, then R . cannot be further reduced for
that surface. The lower surface is n oblem in this case. It can be
designed such that no adverse pressure gradient exists for any cl
higher than a certain c.

An example for such a design is airfoi1 63, shown in figures 14 and 15.
It is extremely thin (4,45 %) and has, for R = 50,000, a narrow cI ran-
ge without bubble warnings. For R r 30,000, however, even this airfoil
has no c, without warning. Obviously it is nearly impossible to achieve
transition for that Reynolds number at all. A completely different ap-
proach must be taken in this all laminar flow area. This approach
should not rely on the boundary-layer approximation. For that reason,
this paper does not try to enter the area of R < 50,000. It could even
be said that Reynolds nunmhers below 50,000 should be prohibited by law.
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ABSTRACT

Due to the dependency of airfoil performance at low Reynolds
numbers on the location of the laminar separation bubble, the design
philosophies of such airfoils are considerably different than those
employed at higher Reynolds numbers. While a great deal of current
research is directed toward furthering the understanding of the flow
behavior in the Reynolds number range of 50,000 to 500,000, for the most
part, the results of these efforts have yet to be adequately implemented
into the design process. To facilitate the design of low Reynolds
number airfoils using existing methods, a first step in developing
design philosophies has been undertaken by correlating analysis results
obtained using the Eppler and Somers computer code with experimental
data. From this study, it is found that the velocity distributions of
the airfoils for which the method produces reasonable performance
predictions can be characterized by particular features. By specifying
velocity distributions incorporating these features, a number of new
profiles having anticipated performance levels superior to existing
sections have been designed. One of the airfoils obtained in this
manner is examined. In addition to the velocity distribution features
suggested by the correlations of calculated and experimental results,
another aspect which appears to benefit low Reynolds number airfoil
performance is the implementation of a condition which forces the
pressure gradients occurring at the trailing edge, which are generally
unbounded, to be finite. The potential benefits of using such a
condition are discussed, and an example airfoil designed by an
appropriately modified version of the Eppler and Somers code is
presented.

INTRODUCTION

While the design and analysis of airfoils for Reynolds numbers
above 500,000 can be accomplished with a high level of confidence that
the resulting aerodynamics will be as predicted, this is not the case
for airfoils intended to operate at lower Reynolds numbers. As
discussed in Refs. [r]-[4], the occurence of laminar (transitional)
separation bubbles can have a dominating influence on the aerodynamic
characteristics of an airfoil. At the present time, the capability of
satisfactorily accounting for the effects of such bubbles is limited.
Thus, the difficulties in achieving reliable performance predictions for
airfoils operating at low Reynolds numbers, particularly below about
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..200,000, are du• primarily to the inability of determining the location
and behavior of the separation bubble and its effect on the downstream

boundary layer development.

Although experimental programs, such as those of Refs. [4]-[5],
have resulted in significant progress toward the understanding of
laminar separation bubbles, and there are numerous contributions toward
the development of analytical prediction methods, including those of
Refs. [6]-[9], considerable work remains before adequate engineering
methods for the design and analysis of airfoils at low Reynolds numbers
result. In fact, it has been demonstrated that the aerodynamics of low
Reynolds number flows are so sensitive to external influences not under
the control of a designer, such as free-stream turbulence, surface
contamination, and so-forth, it may be that improving the analytical
prediction capability for particular flow conditions is only of limited
value in that an actual design must perform over the wide range of flow
environments encountered operationally. Thus, from the standpoint of
airfoil design, the most beneficial result cf researching the behavior
of flows at low Reynolds numbers may prove to be the understanding which
"facilitates the specification of velocity distributions that minimize
the impact of environmental factors on the separatioýn bubble and atrfoil

: :-performance.

In order to carry out the design of low Reynolds number airfoils
between now and the time that reliable predictions are possible, there
is a n,ý.,i for design philr,sophies which, when used in conjunction with
existing nethous, will result in airfoils having actual characteristi.cs
close to those intended. In this regard, it is necessary to define the
rlationnship betw,,en the velocity distribution on an airfoil and
the developm.nt of laminar separation bubbles. As a design goal, it is
desired tco minimize the impact on the airfoil aerodynamics caused by the
sensitivity of the laminar bubble tc angle of attack changes and
variations in the flowfield environment. The work discussed in this
paper represents a first step in determining what features and

characteristics of the velocity distribution on an airfoil lead to
desirable and predictable low Reynolds number airfoil performance.

CORRELATTON OF THEORETICAL AND EXPERIMENTAL RESULTS

. In or,Jer to gain insight into the types of velocity distributions
well suited for airfoils operating at low Reynolds numbers, analysis
results obt.,ined using the Eppler and Somers computer code [10] have
been correlated with w'nJ tunnel results of Althaus [11]. While the
dptails are reported fully in Ref. [12], some of the important
"obt3:.aevatio.- of this comparison will be briefly recounted here.

Among the ;it rf-ils for which wind tunnel test results were
considerel2, in addition to examples having no hysteresis in the lift and
drag characteristics, there are sections domonstrating hysteresis at
relatively high angles of attack as is normally associate-d with short
bubble or le-ading -1,g -tall, as well as examples exhibiting hysteresis

. in the middl angle -of attack range with behavior similar, to that
normally associatted with long bubble or thin airfoil stall, In the case
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For the wind tunnel results considered, the long bubble type
hysteresis, as depicted in Fig. 2, is confined to Reynolds numbers below
100,000. In this case, a laminar separation bubble is formed near the
midchord and grows larger with increasing angles of attack. This causes
the lift curve to flatten out and the drag to increase significantly
until, at some point, the bubble collapses into a short bubble near the
nose of the airfoil. Upon collapse of the bubble, the drag coefficient
is decreased markedly and is accompanied by a jump in the lift
coefficient. Upon decreasing the angle of attack, the reformation of
the long bubble occurs at a lower angle of attack than that at which
collapse occurred with increasing angles. Thus, airfoils exhibiting
long-bubble type hysteresis tend to have a high drag knee which extends
through the middle-range of the drag polar. It should be noted that a
number of the airfoils considered display both long and short bubble
hysteresis behavior.

To a large extent, the hysteresis effects caused by laminar
separation bubbles can be eliminated by the use of artificial
turbulation [E1, [11]. As expected, however, because of the sensitivity
of separation bubble behavior to fiowfield variations, the design and
placement of turbulators to achieve desired effects is extremely
critical and benefits are confined to a relatively narrow range of
operating conditions. Consequently, any performance gains achieved at
one operating condition are largely offset by the drag increase which
accompanies the use of turbulators away from the intended angle of
attack and Reynolds number. For these reasons, the concentration of the
effort discussed in this paper has been on the design of low Reynolds
number airfoils which do not require the use of turbulators.

In attempting to predict the aerodynamic characteristics of
airfoils at low Reynolds numbers, in its current form, the Eppler and
Somers code is unable to fully account for the effects of laminar
separation bubbles. In particular, the program execution is such that
if laminar separation is predicted before an empirically developed
transition criterion is satisfied, then an immediate transition is
assumed and the calculations continue using a turbulent boundary layer
model. While such treatment is reasonable for a short separation bubble
which generally has little effect on the aerodynamic characteristics of
an airfoil, this is not true in the case of a long separation bubble
which can extend over most of the airfoil upper surface. This
difficulty is addressed briefly by the code in that if a separation
bubble is predicted to be longer than three percent of the chordlength,
a warning is generated that the predicted sectional characteristics may
not be indicative of the actual characteristics. As expected, this
warning commonly appears for airfoils analyzed at low Reynolds numbers.

In spite of the limitations of the Eppler and Somers code regarding
separation bubbles, through the experience of correlating predicted
aerodynamic characteristics to those obtained experimentally, it can
still be very useful for the design of low Reynolds number airfoils.
Most simply, this usefulness is achieved by specifying velocity
distributions which tend to suppress the formation of the long laminar
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separation bubbles which are not handled by the code. Because the short
bubble type hysteresis generally occurs near the stalling angle of
attack, its impact on aircraft flight mechanics can be eliminated simply
by restricting the operation of the aircraft to angles of attack less
than those for which stall hysteresis occurs. The erratic flight
behavior which would be caused by the long bubble type hysteresis near
the middle of the operational angle of attack range, as well as the
degradation in aerodynamic performance, are both unacceptable. Thus, a
primary goal in the design of airfoils for low Reynolds numbers is to
prevent the formation of long separation bubbles.

In examining the potential flow velocity distributions of the
airfoils considered, it is observed that airfoils demonstrating long
bubble hysteresis are characterized by concave upper surface pressure
recoveries. Airfoils not exhibiting long bubble hysteresis, on the
other hand, are characterized by linear or convex upper surface
recoveries. With a concave recovery, the flow separates upon entry into
the adverse pressure gradient at the beginning of the recovery and,
since the gradient is steep, reattachment is difficult and a long bubble
forms. Increasing the angle of attack further aggravates the situation
in that the bubble length steadily increases until the bubble eventually
collapses. In the case of the convex recovery distribution, the
pressure gradients are not as steep as those of the concave recovery and

/ reattachment is not as difficult. As the angle of attack is increased,
both the separation and reattachment points move forward toward the
leading edge and, as the reattachment point moves forward at a slightly
greater rate than does the separation point, the length of the bubble
decreases. Thus, the bubble does not collapse in this case and
hysteresis does not occur.

An additional observation resulting from the comparison of the
computational and experimental results, which has also been noted by
other researchers (Refs. [3] and [71), is that the short bubble type
hysteresis appears to be dependent on both the leading edge shape as
well as the severity of the adverse pressure gradient on the upper
surface following a pressure peak near the leading edge of an airfoil.
Further, as has also been concluded by others and is discussed in Ref.
[13], the agreement between predicted and experimental results is much
better for airfoils in which steep adverse pressure gradients in the
vicinity of the trailing edge, as caused by upper surface aft loading,
are avoided.

Low Reynolds Number Airfoil Design Example

By making use of the observations noted in the preceding section to
facilitate the specification of design velocity distributions, it is
possible to design airfoils for use at low Reynolds numbers. In so
doing, it is hoped that the actual performance of the airfoil is not
significantly different from that predicted using the Eppler and Somers
code. A number of airfoils designed in this manner, intended for use on
radio-controlled model sailplanes, are presented in Refs. [12] and [14].

An example of an airfoil based on the observations noted is the
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S2027, presented along with its calculated velocity distributions in
Fig. 3. This section, which originally appeared in Ref. [14], Is
intended for the FAI/F3B model sailplane competition event. Although
this event requires tasks in duration, distance, and speed, it is the
speed task, along with the structural demands for a large thickness

-'.• Nratio to withstand the loads imposed by winch launching, which dictate
the design requirements. Consequently, the design goal of the S2027 is

'N. to have low drag in the range of lift coefficients required for high
speed, while still maintaining reasonable performance for duration and
climb at moderate lift coefficients. The aerodynamic characteristics of
this airfoil obtained using the analysis capability of the Eppler and
"Simers code are shown in Fig. 4. Theoretically, this design
demonstrates a number of advantages over other sections commonly used
for this event. More significantly, reports from users of the section
indicate that its design goals have been met successfully.

APPLICATION OF' FINITE TRAILING EDGE PRESSURE GRADIENTS

"The potential flow velocity distribution for any airfoil having a
non-zero trailing edge loading is characterized by the presence of
"unbounded normal and streamwise pressure gradients at the trailing edge.

0= These singularities give rise to strong viscous-inviscid interactions
which lead to the break-down of conventional boundary layer theory in
the vicinity of the trailing edge. As fully discussed in Ref. [13],
these interactions can cause the velocity distribution on an airfoil in
"the actual flow to differ significantly from that predicted by the
potential flow methods often used in the design process.

By including the effects of normal .-essure gradients in the

"vicinity of the trailing edge, wake thickness, and wake curvature,
Melnik, et al. [15] have developed a boundary layer theory able to
account for the strong viscous interactions due to the singularities in
the inv'scid flow solution. This fully self-consistent boundary layer
theory has been incorporated intc the viscous, compressible airfoil
analysis code, GRUMFOIL [16]. As an alternative approach, a method is
introduced in Ref. [13] for which the singularities at the trailing edge
are eliminated. The resulting designs represent a class of airfoils for
"which the strong viscous-inviscid interactions in the vicinity of the
trailing edge are minimized. For such airfoils, which have finite
trailing edge pressure gradients, the potential flow design velocity
distribution is in much better agreement with that developed in the real
-flow than is generally the case. In addition, conventional boundary
layer theory is sufficient for predicting the viscous flow behavior of
such airfoils. Perhaps of most importance, however, by forcing the

* trailing edge pressure gradients to be bounded, it is expected that the
.'- 4real flow will be able to pass off the airfoil and into the wake as

.-. mothly as is possible. In so doing, not only are the critical
"pressure recoveries used in modern airfoil design more likely to be
realized without unpredicted flow separations, but the possibility
"exists for some significant gains in airfoil performance.

As fully reported in Ref. [E 7j, the design of airfoils having
finitý- trailing edge pressure gradients can be accomplished using an
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appropriately modified version of the Eppler and Somers code. One of
the conditions whichi must be met for the generation of such airfoils is
manifested in the code as an integral constraint involving the velocity
at each point on the airfoil. Admissible velocity distributions must
simultaneously satisfy this integral constraint along with that whJch
insures uniformity of the velocity at infinity and the two that

guarantee a closed profile. Thus, the condition for finite trailing

edge pressure gradients has a global influence and effects not only the

flow at the trailing edge, but also the shape of the velocity

distribution as the trailing edge is approached.

In order to demonstrate how a profile can be altered by the

integral constraint which must be satisfied for finite trailing edge

pressure gradients, consider the airfoil obtained using the unmodified

Eppler and Somers code, shown in Fig. 5, along with the result,

presented in Fig. 6, of using the same input data set in the modified

code. Clearly, for the case in which an airfoil is a long way from
satisfying the conditions for finite trailing edge pressure gradients,

imposing the additional constraint can have a significant influence. In

general, however, the geometrical alternations necessary to satisfy the

additional constraint are much less dramatic then those demonstrated by

this example.

Design Example Having Finite Trailing Edge Pressure Gradients

Because the influence of viscous effects on the flow over an

airfoil become relatively more important as the Reynolds number is

decreased, the use of finite trailing edge pressure gradients should be

increasingly beneficial as the Reynolds number at which the airfoil

operates is decreased. An example of an airfoil designed for low

Reynolds numbers and having finite trailing edge pressure gradients is
given in Fig. 7. This section is a redesigned 32027 obtained using the

modified version of the Eppler and Somers code. Shown in Fig. 8 are the

theoretical section characteristics for this redesigned airfoil. Of

greater significance than the performance advantage predicted, the

specified design potential flow velocity distribution of the redesigned

airfoil is less altered by viscous effects than is that of the original
section. Because of this, which has been verified using the GRUMFOIL

code, the actual aerodynamic behavior of the redesigned airfoil should

be closer to that expected than it is in the case of the original

design.

CLOSING REMARKS AND RECOMMENDATIONS

*Through the correlation of' low Reynolds number experimental results

with analytical results of the Eppler and Somers code, particular,

characteristics of the velocity distribution on an airfoil have been
'd(ntified which lead to acceptable agreement between the actual and

predicted aerodynamics. By sppcifyinig design velocity distributions

which have these characteristics, it is hoped that airfoils for use at

low Reynolds numbers can be developed whose actual performance and
behavior is close to that anticipated. In addition, given the
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significant influence of viscous effects on flows at low Reynolds
numbers, the use of finite trailing edge pressure gradients can further
increase the likelihood of obtaining the predicted aerodynamic behavior
by minimizing the strong viscous interactions in the vicinity of the
trailing edge. As a consequence, while more research is needed to
experimentally verify that the benefits demonstrated computationally are
possible, the use of finite trailing edge pressure gradients offers the
potential for achieving some significant gains in airfoil performance.

A clear extension of the correlation between experimental and
predicted low Reynolds number airfoil data would be the consideration of
data from facilities other than that of the Laminar Wind Tunnel at
Stuttgart [11]. The number of different airfoils which have been tested
by the few facilities which have undertaken low Reynolds number testing
is very limited. Consequently, both the empirical and purely analytical
approaches to developing methods for predicting the aerodynamics of low
"Reynolds number airfoils could greatly benefit from additional
experimental data. It is important that such results include the
details of laminar separation bubble formation such as the locations of
"laminar separation and turbulent reattachment. In addition, it is

* important that the flow environment in which these data are taken is

fully documented.

Until such a time that the flow over an airfoil at low Reynolds
numbers can be adequately treated analytically, the design of airfoils
for these flow conditions must be accomplished by means of empirical
approaches such as that which has been described. In fact, even after
rigorous analytical solutions are available for use in design, it is
likely they will be costly and time consuming in terms of computer usage.
Consequently, given the iterative nature of the design process, the
speed and low cost of empirical approaches will justify their continued
"development and application for some time. Thus, in considering
modifications to the Eppler and Somers code to make it more suitable for
the analysis of low Reynolds number airfoils, it is likely that
improvements could be gained by including a more detailed separation
bubble calculation, such as those developed in Refs. [6]-[73, than is
"presently employed. Finally, due to the increased relative importance
at low Reynolds number of viscous effects, the inclusion of displacement

0 thickness-potential flow iteration might ultimately prove necessary.
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AIRFOIL DESIGN AT LOW REYNOLDS NUMBER WITH CONSTRAINED PITCHING MOMENT
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Long Beach, CA

ABSTRACT

A study has been conducted to evaluate the effect of a pitching
moment constraint on the performance of low Reynolds number airfoils
designed for high lift. Two airfoils have been theoretically
designed and experimentally evaluated for a design CZ of 1.2 at
a Reynolds number of 0.40xlO with a Cqmax of 1.8. Airfoil
LNV1O9A was designed to provide a specified pitching moment -0.05,
and has a thickness of 13%. Airfoil LA203A was not constrained, and
it has a thickness of 15.7% and a pitching moment of -0.17. Both
airfoils use Stratford pressure recoveries; however, airfoil LA203A

is distinguished by its aft-loading. The airfoils were tested in
the Douglas Long Beacfi Wind Tunnel over a Reynolds number range from
0.25xl0• to O.65xlOb, and both met the design goals with the
pitching moment constrained airfoil having higher drag at the lower
Reynolds numbers.

INTRODUCTION

The airfoil design problem considered in this study was to develop
and compare two airfoils for the basic specification:

RN = O.40xlO6
0.5 < Ck < 1.5

Cimax = 1.8

where the two airfoils were to be distinguished by the reqjirement
that one of them would have a pitching moment on the order of -0.05,
while the pitching moment of the other airfoil was left
unconstrained. Both airfoils were to be designed to have minimum
drag over the design Ck-range, and a secondary goal was to
minimize the performance degradation which would likely be imposed
by the pitching moment constraint on the one airfoil. Airfoils
designed and theoretically analyzed to meet this specification, were
then tested in the Douglas Long Beach Wind Tunnel to verify their
perFormance.

The transition mechanism for the Reynolds number range considered in
the present study is typically a laminar separation "bubble". Here
the laminar boundary layer in an adverse pressure gradient separates
and subsequently reattaches as a turbulent boundary layer. Bubble
length varies - increasing with decreasing Reynolds number. A

27



stable bubble length may be on the order of 2% to as much as 10% of
the airfoil chord. Beyond this length, the bubble is likely to
"burst", and the flow separates downstream over the entire airfoil.
Alternatively, at higher Reynolds numbers, while a bubble may exist,
it is so short that transition may be considered as instantaneous.
In this study, considerable attention has been directed toward the
control of laminar bubbles.

The theory used in the design of the airfoils for this study is
described in Reference 1, where the basic approach is to first
define an "optimized" airfoil pressure distribution for a given
Reynolds number and design lift coefficient. This pressure
distribution comes from a family of pressure distributions which
have been derived using boundary-layer and potential-flow theories
together with the calculus of variations. It is characterized by an
upper surface pressure distribution which consists of a rooftop plus
a pressure recovery region based on the theory of Stratford [21
which avoids separation by a constant specified margin along its
entire length. Next, the Douglas inverse airfoil design program [3]
is used to calculate the corresponding airfoil shape. A typical
airfoil design is shown in Figure 1. Finally, the Douglas MADAAM
airfoil analysis program, which employs the boundary-layer
calculation of Reference 4, is used to theoretically predict the
aerodynamic performance of the airfoil.

The Stratford imminent separation pressure recovery distribution
requires that the boundary layer be established as fully turbulent
at the onset of the severe initial pressure rise, and for Reynolds
numbers above 106 this has been accomplished via the transition
ramp shown in the pressure distribution of Figure 1. Here laminar
boundary layer on the rooftop region has become sufficiently
unstable by the time it reaches the transition ramp, and the mild
adverse gradient provided by the ramp causes almost instantaneous
trangition to a turbulent boundary layer, particularly at RN >
5xlO .

As mentioned above for the case of lower Reynolds numbers (say,
106 and below), the transition mechanism is typically a laminar
separation bubble which is initiated by an adverse pressure
gradient. For airfoils of the class considered in this study, one
of the primary factors controlling the behavior of the laminar
bubble is the local Reynolds number RNp at the rooftop peak (i.e.
RN based on the velocity at the rooftop peak and the length of t e
rooftop). As a general rule, if RNp is less than 0.10 x T0,
the laminar bubble is likely to burst; however, there are several
other important factors such as the airfoil surface condition and
turbulence level in the free-stream onset flow which can have a
strong iniluence on transition.

Given a free-stream Reynolds number, the method of Reference 1
provides an infinite family of optimized pressure distributions for
the upper surface of the airfoil as shown in Figure 2, where that
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particular member of the family which provides the maximum lift is
also identified. As the rooftop length is increased beyond that of
the maximum lift value, the rooftop level is reduced; however, the
peak Reynolds number increases, as indicated in example in Figure
"2. Also, the loss in lift coefficient CLu which results from
increasing the rooftop length beyond the maximum lift value is
rather gradual as can he seen from the values given in Figure 2.
CRu refers to the lift contribution of the upper surface of the
airfoil, and the actual lift of an airfoil is roughly proportional
to CRu for a family of airfoils of the same thickness. Ck,
the actual lift coefficient of an airfoil, will be less than Ctu.

Another method of controlling transition involves the use of
transition strips, which artifically induce transition when properly
sized and located on the airfoil surface. A major difficulty arises
from the fact that 0 strip which has been sized for a Reynolds
number of 0.25 x lOb will be too high for a Reynolds number of
0.50 x 106 by a factor of /2. While transition strips have been
"used in some of the testing in this study, it is desirable that an
airfoil design should not depend on them.

Specification of the boundary-layer transition region of the
pressure distribution represents one of the more difficult areas of
airfoil design for low Reynolds numbers. A laminar boundary layer
is quite sensitive to an adverse pressure gradient, and the goal is
to set the gradient such that it causes instability and subsequent
transition without creating a large laminar separation bubble. The
magnitude of the transition ramp gradient can be easily specified in
the design pressure distribution; however, it will vary as the
airfoil is moved off the corresponding design angle of attack. A
long rooftop length offers an additional virtue here. As the
rooftop length is increased, the transition ramp moves aft on the
airfoil chord, where the effect of an angle of attack change on the
pressure distribution is reduced. This phenomenon, together with
those described above, have had a fundamental effect on the airfoil
designs of this study. Unfortunately, the long rooftop can not be
utilized in the case of the airfoil which is constrained to have a
low pitching moment. The reason for this is described in the next

-- section.

AIRFOIL DESIGN RATIONALE

0 Airfoil LNVl09A, shown with its theoretical chordwise pressure

distribution in Figure 3, represents the design solution for the
constrained pitching moment of -0.05. In order to meet the moment
requirement, and achieve a Cgmax of 1.8, it was necessary to
"front-load" the upper surface which resulted in relatively short

, rooftop. In this case, there was more concern regarding potential
difficulties with laminar bubbles. As discussed earlier, experience
at Douglas has shown that a short rooftop is not desirable from a
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standpoint of minimizing the size of a laminar bubble. The rooftop
was therefore rounded into tne Stratford recovery region to the
extent that a transition ramp of constant slope no longer existed.
The pitching moment constraint could also be accommodated by adding
reflex on the airfoil's lower surface near the trailing edge which
would also serve to increase the airfoil thickness. Unfortunately,
this would result in a decrease in CQmax since said reflex is in
effect unloading the aft portion of the airfoil. Here the conflict
betwPeen low pitching moment and high C9.max has become apparent,
"and it is intensified by the low Reynolds number laminar bubble
difficulties.

In order to provide the most dramatic comparison possible, an

aft-cambered design was selected for the unconstrained (with respect
to pitching moment) airfoil. Figure 4 shows the geometry and design
chordwise pressure distribution of airfoil LA203A. This airfoil is
distinguished from airfoil LNVIO9A by being thicker (15.7% versus
13%) and having a larger negative pitching moment (-0.17 versus
-0.05). The results from testing various airfoils with a Gurney
flap and from tesLing the aft-loaded Wortmann FX63-137 airfoil

. suggested that it would be worthwhile to design an airfoil which
would combine the Stratford recovery distribution with some mild
aft-loading. This would allow specification of a Stratford
distribution which was not required to recover to a positive
pressure coefficient at the trailing edge which, in principle,
implies a significant increase in the load carrying capability of
the upper surface pressure distribution. Concern remained as to how
successfully the flow could negotiate the steeper pressure rise at
"the trailing edge after it leaves the Stratford distribution.

The FX63-137 airfoil has an upper surface pressure coefficient on
"the order of Cp : -0.3 just upstream of the steep pressure rise at
the trailing edge. For the design of airfoil LA203A, a more
conservative value of C = -0.1 was chosen in hope of reducing the
potential for separation near the trailing edge. This still
provides for substantial aft-loading when it is compared to airfoil
LNVIO9A which has a trailing edge pressure coefficient of C ~
+0.18. The Stratford distribution is very sensitive to the traiPing
edge pressure coefficient, and a change in its value at the trailing
edge does not simply shift the level of the corresponding rooftop
and pressure recover region. Instead, a small change in the
trailing edge pressure coefficient results in a relatively
significant change in the rooftop level and/or length.

* The change from C - +9.18 used on airfoil LNVlO9A to Cp = -0.10
for airfoil LA203A allowed for an increase in the loading of the
upper surface pressure distribution. This was utilized by extending
the rooftop aft and reducing the rooftop level as compared with
airfoil LNVIO9A. In addition, the design Reynolds number for the
Stratford recovery distribution was reduced from 0.6 x 106 (which

* was used on airfoil L'VIOMA) to 0.2 x 10b. Both of these changes
should have a positive effect on the performance of airfoil LA203A.
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Increasing the rooftop length should tend to reduce the size of the
laminar bubble as the previous testing has shown, and the reduction
in the design Reynolds number makes the corresponding recovery
distribution more conservative. The aft-loading on the upper
surface pressure distribution has allowed a similar increase in
aft-loading on the lower surface.

Tables of coordinates of airfoils LNVIO9A and LA203A are given in
the Appendix.

DESCRIPTION OF WIND TUNNEL AND INSTRUMENTATION

The Douglas Long Beach Low Speed Wind Tunnel is a closed circuit,
single return facility with a 38 by 54 inch rectangular cross
section 10 feet long. A 100 horsepower motor drives a three bladed
propeller and is capable of producing a top speed of 195 miles per
hour in a clear test section. Nozzle contraction ratio is 6.5:1,
and this together with screens and honeycomb results in a low
turbulence level in the test section (turbulence factor on the order
of 1.03, percent turbulence 0.5%). The airfoil models were mounted
to span the 38 inch dimension of the test section.

The 6 inch chord airfoil models had 48 chordwise surface pressure
orifices located at the middle of the 38 inch span. These orifices
were 3taggered at 15' to the chordwise direction in order to prevent
interference. In addition, 4 chordwise pressure orifices were
located 10 inches from each end of the wing to check on
three-dimensional effects. A wake rake with 21 total head tubes and
4 static pressure orifices was located 9 inch;- (1-1/2 chordlengths)
behind the model on an externally controlled traversing mechanism
which allowed centering of the wake within the rake span. The rake
was set at an angle of 210 with respect to the span to maximize the
number of tubes within the wake itself.

Pressure orifices on the wing and rake were connected to vertical
oil-filled manometer banks which were photographed for data

recording. Lift and pitching moment were calculated from the wing
surface pressures, and drag was calculated from the wake rake
pressures. Effects of forced transition were studied using
transition strips of glass beads (.006 inch diameter) on 0.125 inch
chordwise width strips. Yarn tufts were used to visualize basic
flow phenomena such as separation near the ends of the wings and on
the wind tunnel walls.

Existence of laminar separation bubbles was identified by a short
constant pressure "plateau" in the pressure recovery region. This
real time information was one virtue of using the somewhat archaic
system of nanometer boards for pressure data.
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RESULTS

Airfoils LNV1O9A and LA203A were tpsted at Reynolds numbers of
0.250, 0.375, 0.500, and 0.650 x l10. Past experience has shown
that airfoil performance can vary signific3ntly within this Reynolds
"number range, and consequently the relatively fine "mesh" of said
parameter is justified. Both airfoils were tested clean and with
0.006" glass bead transition strips located appropriately on their
upper surfaces. While transition strips are regarded as
undersirable in a flight vehicle application, testing with same can
assist in the assessment of laminar bubble effects.

Airfoil LNVIO9A

The performance curves for airfoil LNVIO9A with free transition are
given in Figure 5, and the corresponding chordwise pressure
distributions for the four test Reynolds numbers are givea in
Figures 6, 7, 8, and 9. At a Reynolds number of 0.250 x 106, the
lift curve in Figure 5 shows total laminar separation between a =

IJ 0' and 10', which Indicates that the airfoil ir inuseable at this
*Reynolds number without a transition inducing artifice. Otherwise,

the performance of airfoil LNV1O9A is acceptable and meets the
design specification. The lift curves of Figure 5 show a reduction
of CQmax with increasing Reynolds number w'hich has been typical
for this Reynolds number range - including the NACA4415 airfoil
which was tested in a previous study.

Chordwise pressure distribution results in Figures 6 through 9 show
the presence of 3 laminar bubble which increases in length with
decreasing Reynolds number and/or lift coefficient. This behavior
is typical in this Reynolds number regime and is intensified by the
very short rooftop of airfoil LNV1O9A. It should be noted that, in
spite of the laminar bubble, the flow remains attached at the
trpiling edge (Cp > 0) in all cases except at RN = 0.250 x

The size of the laminar bubble suggested that the performance of
airfoil FNVIO9A might he improved by an appropriately sized
transition strip. Consequently, a 1/8 inch wide strip of 0.006 inch
glass beads was located at x/c = 25%, and the test series was
repeated. Figures 10 through 13 give a comparison of the resulting
ai -foil performance curves with and without the transition strip,
and the chordwisE pressure distributions shown in Figures 14 through
17 indicate that the trarsition strip has effectively eliminated the
laminar bubble, Figures I0 and 11 show that the strip causes a
slight increase in drag at high lift and reduction in Ctmax at
RI = 0.650 and 0.500 x 106, while Figure 12 shows that the strip
has reduced the drag everywhere at RN ý 0.375 x 106. The set of
polars in Figures 10 through 13 demonstrates that a transition strip
can only be properly sized for a narrow range of Reynolds numbers.
A comparison with the theoretical drag prediction of the method of
Reference 4 is given in Figure 18a which clearly defines the drag
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penalty of the laminar bubble. Lack of agreement of the theoretical
prediction with the transition fixed data suggests that the strip
itself causes an ircrease in drag (In this particular case).

Airfoil LA203A

Airfoil LA203A was tested over the same conditions as airfoil
LNVIO9A and the resulting performance curves with free transition
are given in Figure 19 with the chordwise pressure distributions in
Figures 20 through 23. Overall, the performance of airfoil LA203A
shown in Figure 19 is regarded as very good. The low drag ran e is
relatively broad and performance at RN - 0.250 x 100 is
acceptable. Maximum lift is slightly lower than desired, and the
typical trend of increase in Cjmx with decrease in Reynolds
number prevails. Evidence of a laminar bubble appears to be
significant only at RN = 0.250 x 106 (Figure 23), and the pressure
distributions of Figures 20 and 21 indicate that the bubble is
almost nonexistent at RN = 0.650 and 0.500 x 10°. The pressure
distributions also indicate that the flow is attached at the
trailing edge (Cp > 0) in all cases prior to stall.

Addition of a transition strip of 0.006" glass beads at x/c = 47%
had no ef fe t on the performance of airfoil LA203A at RN = 0.650 and
0 .00 x iOb, and it increased the drag at RN = 0.375 and 0.250 x
lOb. This suggests the strip was improperly located, and x/c
40% would have been better. However, since airfoil LA203A performed
well in the clean configuration, additional testing with transition
strips was not considered. Figure 18b offers a comparison of the
experimental drag polar at RN = 0.375 x ,100 with the theoretical
prediction of Reference 4. The close agreement here confirms that
there is no apparent drag penalty due to the laminar bubble.

Comparison of Airfoils LNVIO9A and LA203A

The performance of the test airfoils is compared in Figures 24
through 27 where the results used are transition free except for
airfoil LNVIO9A at RN = 0.250 x 106. Airfoil LA203A has lower
drag than LNV1O9A below Cj = 1.5 at all the test Reynolds
numbers, and the difference in drag increases with decreasing
Reynolds number. Airfoil LNVlO9A has a higher Ckmax at al
Reynolds numbers and its drag performance is close to that of LA203A
at RN = 0.650 x 106.

A comparison of airfoil LA203A with the Wortmann FX63-137 airfoil at
RN = 0.500 x 106 is given in Figure 20. The data for the FX63-137
w#as obtained from testing in the Douglas Long Beach Wind Tunnel in
an earlier study. Airfoil LA203A has a higher C~max, lower drag
above C, = 1.0, a slightly lower pitching moment, and is 15
percent thicker (.02 in t/c).

3
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CONCLUSIONS

Both airfoils have achieved the design goals in principle. Airfoil
LNV1O9A has met all the specified requirements including the
additional pitching moment constraint. However, it suffers a drag
penalty at the lower Reynolds numbers due to the laminar bubble and
requires that transition be artificially induced at RN = 0.250 x
10b. Airfoil LA203A, with no constraint on its pitching moment
performed very well at all of the test Reynolds numbers with
transition free, and its only shortcoming was a C~max on the
order of 1.7 instead of the desired 1.8.

As discussed in the Introduction, the difficulty with transition and
consequent laminar bubble is due to the relatively short rooftop of
airfoil LNVlO9A. Specifying a high Ciax and low pitching
moment appears to require this. Relaxing either of these
requirements allows the design of an airfoil with a longer rooftop
and a more tractable laminar bubble. Elimination of the pitching
moment constraint permits the aerodynamicist to retreat to his
favorite "free lunch"; namely, aft-camber. From bri airplane design
point of view, where trim drag must be considered, it is likely that
a more optimum airfoil lies somewhere between LNVlO9A and LA203A.

Finally, it is interesting to note that aft-loading appears to help
drag-rise due to the laminar bubble just as it helps drag-rise due
to compressibility. As is the case for the recompression shock, the
laminar bubble is always there, and the question at low Reynolds
numbers is how to deal with it efficiently.
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"A VISCOUS-INVISCID COUPLING METHOD FOR THE
DESIGN OF LOW REYNOLDS NUMBER AIRFOIL SECTIONS

"Ahmed A. Hassan
Assistant Professor

Department of Mechanical and Aerospace Engineering
Arizona State University

Tempe, Arizona 85287

ABSTRACT

An interactive numerical coupling procedure has been developed
for the design of airfoil sections with an allowance for viscous
effects, provided that the boundary layer is fully attached over the
airfoil. Special emphasis is given to the design of Natural Laminar
Flow (NLF) Airfoils. The method described combines, in an iterative

* process, an inviscid hodograph-based inverse-design algorithm (IDA)
developed by the author, the inviscid-analysis algorithm (FL06) by
Jameson, and the boundary layer algorithm (LTBLCEQL) by Miner,
"Anderson and Lewis. In the physical plane, the inviscid com-
putational results define an airfoil configuration (or displacement
surface) having a preset trailing edge gap. Viscous effects are
then incorporated in the design procedure via the displacement sur-
face concept. As expected, the numerical results suggest that air-
foils having long runs of NLF are easily obtained, provided that the
proper choice of the gradients of the prescribed input pressure
distribution is made.

INTRODUCTION

In recent years, great strides have been made in the develop-
ment of fast, more efficient numerical procedures for the com-
putation of the flow past given airfoil shapes (direct or analysis

L' problem) [1-21 and conversely, for finding the airfoil configuration
that would yield a specified input pressure distribution (inverse or
design problem) [3-51. The ability to control specific aerodynamic
characteristics using a direct method is absent, and usually can he
classified as a "trial and error" approach. However, the main
advantage of such a method is its rapid convergence and of course,

* its firm control of the airfoil configuration since it is specified.
On the other hand, in inverse methods, since the pressure distribu-
tion is specified, usually a better control of the aerodynamic
characteristics is possible. The prime advantage of these methods
lies in the ease of ensuring a certain type of favorable flow beha-
vior in regions known to be crucial to the overall flow quality.

* Most frequently, an objective is to guarantee a favorable pressure
gradient over most if not all of the airfoil's surface to eliminate
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laminar and/or turbulent separation r[I, shock-induced separation
-71 and postpone laminar-turbulent transition r8-ioi. Moreover,
with the current interest in more efficient air transports and hence
less drag-producing airfoil sections, it is apparent that Natural
Laminar Flow (NLF) Airfoils are prime candidates for these design
methods.

Unfortunately, as in most design procedures, the lack of
control of the airfoil closure and geometrical regularity represents
a minor draw back of such methods [31. Therefore, it is obvious
that for many practical applications, structural or aerodynamic, the
most desirable design procedure is one that combines the advantages
from a direct computational method with those of an inverse method.
Thus, the shortcomings of each are overcome by the strengths of the
other. Such methods, commonly termed "hybrid methods" have been
successfully used in the design of supercritical cascades [IU] and
airfoils [121. In this paper, a similar hybrid method is briefly
described and utilized for the design of NLF airfoil sections. It
"is noteworthy that the work reported here arose in conjunction with
a numerical parametric study on the effect of varying the input

"* pressure distribution (utilized by the inverse-design algorithm II)A)
at selected points (support points) on the geometry and the closure
of the resulting airfoil. Of special interest to the present study

- is the rates at which the flow accelerates and decelerates on the
suction and pressure sides of the airfoil and their consequent
effect on the preservation of NLF. Though the examples shown are
for low Reynolds numbers, the method has proved to he successful in
the design of shock-free supercritical airfoils [7 at considerably
"higher Reynolds numbers.

INVISCID AIRFOIL DESIGN

The present inverse procedure represents an application of a
numerical method which was developed earlier by the author
(originally suggested by Sobieczky) for the design of shock-free
transonic airfoils [51. The inverse-design algorithm (IDA) is based
on a conformal transformation of the semi-infinite, two-sheeted
Riemann hodograph free-surface representation of the airtoil,

* Fig.(1), into the unit circle. The input to the design procedure
includes a prescription of a target pressure distribution (or
equivalently a Mach number distribution) and the free-stream con-
"ditions. The input Mach number distributions for three airfoils A,B
"and C are shown in Fig.(2) in comparison with a reference distribu-
"tion which is similar to that utilized in the numerical parametric

*" study. The reference distribution resemhles that utilized by Hassan
et al. [3,51 in their desiqn method for suhcritical and shock-free
"supercritical airfoils. In Fig.(0 the rates at which the flow
accelerates from the front stal}nation point and then decelerates are
"varied and their effect on the preservation of laminar flow is later
d i scussed.

ltilizinq the input Mach numher distrihution MI and realizing
"that the stream function has a value of zero on the unit circl-, wp
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proceed to solve the full stream function equation (subject to
Dirichlet boundary conditions) using a second-order accurate direct
solver. In the present procedure the stagnation streamline leaves
the contour of the airfoil at a cusped trailing edge. In direct
analysis, this defines the amount of circulation around the airfoil
and the location of the stagnation point near the leading edge. For
an indirect method such as the present one, the situation is exactly
the reverse: since the mapped stagnation point location is arbitrary
chosen rsi, we have to vary the far-fie'd circulation until the
stagnation streamline reaches the surface perpendicular to the air-
foil at the stagnation point S. The results obtained for the normal
derivative of the stream function along the unit circle are then
utilized in finding the inviscid airfoil coordinates in the physical
plane. The airfoil configuration (or displacement surface) which
usually has a preset trailing edge gap is then analyzed utilizing
the inviscid direct procedure explained below prior to the next step
where viscous effects are to he incorporated.

INVISCID AIRFOIL ANALYSIS

The analysis of the airfoil configuration which results from
the inviscid design procedure at design and off-design conditions is
carried out using Jameson's F21 full potential algorithm FLO6. This
direct procedure utilizes a finit, -difference method to solve for a
reduced potential function which is introduced to circumvent the
numerical singularities introduceo by conformally mapping the air-
foil into the unit circle. The tangency condition on the airfoil's
surface is numerically implemented through a Neumann boundary con-
dition which is prescribed on the unit circle. The direct com-
putation of the flow results in a pressure distribution or
equivalently a Mach number distribution MA which is in turn manually
compared with the desired input target Mach number distribution MI.
If the agreement is unsatisfactory, the above inverse-design proce-
dure is repeated with a slightly modified target pressure. The
inviscid inverse/direct iterative procedure is repeated until satis-
factory agreement between the two pressure distributions is
achieved. At this stage, the inviscid flow computations are ter-
minated and, the target pressure distribution with its corresponding
airfoil configuration (or displacement surface! are utilized as
input to the numerical procedure described bPlow for calculating the
development of the boundary layer.

CORRECTION FOR BOUNDARY LAYER EFFECTS

To accouint for viscouJs Pffects, the hasic approach is to calcu-
late a boundary layer displacement thickness 6* and to use it to
correct the loc-ation of the displacemfent surface, Fiq.(3),. That is,
vector subtraction of the displacement thickness (derived from the
solution of the houJndary lay- eqtiat ions) fromn the invi scid di spl a-
cement surface producos the eotectivp airfoil. confi(guration, viz.,
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{airfoil effective ordinate+6*} - {6*} ne

displacement surface displacement thickness airfoil
from inviscid flow from boundary layer effective
calculation flow calculation normal

ordinate
normal l",e t ion

y,

"'",Y) displacement surface
(inviscid ai'foil)

airfoil effective surface

(4." Y O) Xe= X • B Sin (O "
"•~~Y z, =Y - 6*Cos(O) --

Fig. (3) Sketch illu5trating the relative pobltions of
the displacement aurface and the r-aultinlf=
effective airfoil 6-irface.

In the above equation, the boundary-layer-type flow com-
putations are performed using the LTBLCEQL (Laminar and/or Turbulent
Boundary Layers in Chemical Equilibrium) algorithm of Miner,
Anderson and Lewis [131. In their solution method, the laminar and
turbulent boundary layer equations are expressed in Levy-Lees
variables [14]. The governing equations are then cast into a
general parabolic form and then solved using a Crank-Nicolson type
implicit finite-difference scheme, originally employed by Blottnr -
and Lenard [151.

. At the end of execution of the potential codes IDA and FL06,
transfer of pressure distribution data and geometrical data to
LTBLCEOL takes place. Since the computational grids of IDA and FL06
(100 circumferential x 64 radial) are not identical to that used in
LTRLCEOL (250 streamwise x 100 normal), this transfer usually
requires interpolation for the pressure distribution and the
geometrical data. The computations proceed by assuming laminar flow
to commence from the front stagnation point where a local analytic
solution is utilized. As the computations proceed, the flow is
allowed to develop and change from laminar to turbulent once a local
criterion based on the vorticity Reynolds number is satisfied [141.
The utilized transition model allows for a gradual laminar to tur-
bulent transition which takes place over a finite length of the air-
foil's surface. The length of the transition region :.s based on the
criteria given by Owen [161. If a point of laminar or turbulent
separation is detected during the computations, the entire design
procedure is terminated. Though for all such cases the effective
airfoil was never generated, information relating to the effect of
changing the Mach number distribution at selected points on the
separation point location was very useful. In the absence of
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separation, the displacement thickness is computed at every stream-
wise station and then subtracted from the normal coordinates of the
displacement surface to yield the effective airfoil coordinates xe
and Ye, Fig.(3). A manual check is then carried out to search for
airfoil contour crossings (i.e., whether the resulting airfoil has a
fishtail or not). Should these occur, usually in the trailing edge

"- region, the entire inviscid-viscous design procedure is repeated
"with a slightly modified target pressure distribution at and near
the trailing edge. This modification usually results in a larger
inviscid trailing edge gap hence correcting the crossings problem
when viscous effects are subsequently incorporated.

RESULTS AND DISCUSSION

The interactive inviscid-viscous design procedure is shown in
the flow chart of Fig.(4) with the location of the manual operator
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interrupt check points. The results depicted in Figs. (5,6) and
(7) are intended only to demonstrate the capahilitles of the present
inviscid-viscous couipling procedure in the design of Natural Laminar
Flow (NLF) Airfoils.

The first example (airfoil A) was an attempt to study the
effect of gradually accelerating the flow on the lower surface (up
to w/271 = 0.25) Fig. (2), which then is fol lowed by a smooth dece-
leration up to the trailing edge. On the upper surface, the flow is$2 accelerated rapidly to a maximum at w/2n = 0.63 and then decelerated
through a shallow convex pressure distribution (notice that the
distribution of Ref.[51 in Fig.(2) is slightly concave). In Fig.(5)

Design ac = 1.63

Off-design -c =2 -0- ----

z

UJI

a: 0
i.

2- Displacemenlt surfeoc
0 Ofwscid airfoil)

Ef fective airfolod

'/C

000 025 050 075 100

0Airfoil A

Fig. (5) Pr- listribUtions at design .jnd off-design
C.- -and the computed inviscid and effective

iiitroil configurorions (M.=U.012, o2 .78xtOs
C U. 5925, C I.0.03d. tm.c ='Ic ý

6the inviscid and effective airfoil configurations are shown.
Analysis of the design pressure distribution indicated NLF up to
0.39 x/c on the pressure side and up to 0.25 x/c on the suction
side. At off-design conditions (~=2.500), these numbers are
reduced to 0.12, and 0.35 x/c respectively.

The second example (airfoil R) corresponded to reversing the
trend of the input Mach nurnher riistrihution for airfoil A. That is,
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on the pressure side the flow rapidly accelerates to a point of
maximum Mdch number at w/27r = 0.44 which is followed by a shallow
deceleration to a minimum Mach number at w/21 = 0.23, then accelera-
tes again as it reaches the trailing edge. On the suction side, the
rate of acceleration of the flow is higher than that for airfoil A.
This acceleration portion is followed by a constant Mach number ramp
which in turn is followed by a convex deceleration distribution. At
design conditions, NLF is maintained up to 0.12 x/c and 0.56 x/c on
the suction and pressure sides respectively. At off-design con-
ditions (a = 3.000) these numbers are reduced to 0.07 x/c and 0.39
x/c respectively. The inviscid and effective airfoil configurations
for airfoil B and the corresponding pressure distributions at design
and off-design conditions are illustrated in Fig.(6)

Design cc = 2.22 -

Off-design oc =3.00 -

wCIL

U

IJ~

a•.

W

Displacement surtace- -
( inviscid airfoil) \

0

SEffectiearo

si/c

Airfoil B

Fig. (6) Pressure distribu.tions at design and off-design
conditions and the computed inviscid and effective
airfoil configurations (M~o0.0127, Re =2.94x10 5

,

CC=

0.6811, CD=O.00 4 3
, r Ic =0.1120)

In the light of the results obtained from analyzing airfoils A

and B regarding the extent of NLF on the pressure and suction sur-
faces, we prescribed the Mach number distribution shown in Fig. (2)for airfoil C. Here on the lower surface, the flow is allowed to
accelerate from the front stagnation point to a maximum Mach number

at w/2IT = 0.38 where it gradually decelerates almost to the trailingedge. On the upper surface, the flow is allowed to accelerate over
most of the surface until it reaches a maximum Mach number at 2/2x0
0.8 where this is followed by a relatively steep convex distribu-
tion. For this case, NLF was maintained up to 0.32 x/c and 0c45 x/c
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on the suction and pressure sides respectively. At off-design con-
ditions (a = 2.00°), these numbers were reduced to 0.22 x/c and 0.31
x/c respectively. The pressure distributions at design and off-
design conJitions as well as the inviscid and effective airfoil con-
figurations for airfoil C are given in Fig. (7).

eOSign x 28"

Off-design w . 2 00" --------

z

Displacement surface

(6niscd arfo.l)

LS?. EMf-ctive airfoil

x/(;

In onsdrto ofs th aov r outtses tht heida
Fiign (7) Prenmurb didiiuti ion, ou besign and whf-dercgnconditioihs and thle comnputed inviscid and effective

,atrlo1L configurations Of -0.0135. lRe - 3.13x105,
M u=O720, CD=.0.0058, tixa' -. 4 )

In consideration of the above results, it seems that the ideal
input Mach number distribution would be one where the flow accelera-

tes very rapidly on the lower surface and then gradually decelerates
towards the trailing edge. On the upper surface, the reverse is
true. Here the flow is left to accelerate over most of the upper
surface and then decelerates towards the trailing edge. The impli-
cations of the hypothesized Mach number distribution are two-fold:
on the one hard, at design conditions, longer runs of NLF are
obtained, and on the other hand rapid acceleration from the front
stagnation point usually results in an airfoil having a small
leading edge radius of curvature. At off-design conditions, the
analysis of such an airfoil usually indicates the presence of
leading edge separation. Also on the tipper surface the steeper the
deceleration portion becomes, the higher is the tendency for tur-

. bulent separation to occur. It is this apparent here that we
should try to optimize the prescribed input pressure distribution

K1
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for the purpose of drag minimization through the maximization of
NLF. It is hoped that the results of this study have cast more
light on the nature of what constitutes a practical input Mach

number distribution in the computational plane.

CONCLUSION

An interactive viscous-inviscid numerical coupling procedure
has been developed for the design of three Natural Laminar Flow
(NLF) airfoils. Although it has not been possible through this

study to produce a fully automated iterative coupling procedure,

more work on this avenue could produce a considerable savings in
computing time. The present procedure could definitely be enhanced
by the addition of an optimization module with an overall design
objective of viscous drag reduction and with constraints imposed on

the gradients of the prescribed input pressure distribution.
Moreover, the method in its present form has some limitations, most
notably in its applicahility to flows with houndary-layer separa-
tion. For severe flow situations, such as massive boundary layer

separation which occurs at high angles of attack, a Navier-Stokes
approach to model viscous effects within the numerical calculdtions
would undoubtedly be required.
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EFFECT OF PRESSURE GRADIENTS ON THE GROWTH
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ABS TRACT

The control of the complex interaction between transition and
separation in boundary layers with strong adverse pressure gradients
is key to the successful design of high-performance airfoils for the
range of low Reynolds numbers. We try to gain some understanding
for this complex interaction by studying the cascade of primary ('TS
wave) and secondary instability of these flows. The analysis predicts
that subharmonic modes are the most dangerous disturbances in
low-noise environments. These modes can be two-dimensional and
lead to vortex pairing as in free shear layers. Under different condi-
tions, the modes can be three-dimensional with a spanwise
wavelength of the order of the TS wavelength and lead to breakdown
near the wall. The theoretical predictions of growth rates and distur-
bance velocities are verified by comparison with experimental resunts
for the Blasius flow. The effect of pressure gradients is studied using
the Falkner-Skan family of profiles. The issue of spatial vs. temporal
growth in a streamwise varying flow is discussed. The conditions for
occurrence of the two-dimensional or three-dimensional form of
subharmonic disturbances are outlined, and related to results for the
free shear layer. Finally, we discuss criteria for the take-over of
subharmonic disturbances and the application of the theory to the
flow over an airfoil.

INTRODUCTION

In high-Reynolds-number aerodynamics, the effect of transition is mainly a
quantitative change in drag. At low Reynolds number, however, and in combina-
tion with the separating shear layers in strong adverse pressure gradients, the
occurrence, location, and nature of transition are crucial for the performance of the
airfoil and may jeopardize successful operation of an RPV.

From an initialiy attached flow over a wing at. a high angle of attack, at least.
three )lienomena may develop:

0 The flow un tdergoes transition early enough to allow the turlbulent boundary
layer, with its greater nionient Iin near the wall, to remain attached through
most of the region of adverse pressure gradient.
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* If transition is delayed, the flow separates in a laminar state and develops a
free shear layer. Further downstream, transition occurs and the turbulent flow
reattaches to the surface, enclosing a separation bubble.

* If transition in the separating free shear layer occurs too far downstream and
too far away from the wall, the flow permanently leaves the surface, causing
violent stall over the wing.

An analysis of the primary (I'S wave) instability, in conjunction with some e"
criterion is insufficient to predict occurrence and structure of the transitional flow.
Such an analysis cannot account for the peculiarities of the disturbance background,
nor can it decide whether instability of the separating shear layer will occur in the
form of basically two-dimensional waves with subsequent two-dimensional pairing,
or will lead to three-dimensional phenomena that activate strong vortex stretching
and cause breakdown into wall-bound turbulence. In the later stages of transition,
the structure of the boundary layer flow is governed by secondary and higher insta-
bilities. Therefore, understanding the nature of the instabilities after the TS waves
reach finite amnlitude seems to be key to understanding the separation bubble.

The analysis of secondary instability rests on Floquet systems of linear stability
equations. The periodic coefficients in these equations are provided by finite-
amplitude I'S waves. Primary and principal parametric resonance yield fundamental
(peak-valley splitting) and subharmonic disturbances, respectively, with the latter
disturbances being "most dangerous" in low-noise environments. The theory has
been developed for nonlinear equilibrium states in plane Poiscuille flow [11 and
extended to other flows by use of simplifying assumptions. Results of the simplified
theory for the Blasius boundary layer are in good agreement with experimental data
[2-41. Disturbance velocities as well as the local growth rates are correctly predicted.
Since secondary disturbances grow on a fast convective time scale, their occurrence
is closely related to breakdown and transition. It seems possible, therefore, to
design a new class of methods for predicting the location and type of transition in a
given disturbance environment. Our efforts are directed towards the development
of such methods.

The theory of secondary instability [1-41 uses the temporal growth concept.
Application to boundary-layer flows other than the Blasius profile is primarily a
matter of proper numerical treatment, and of finding orientation in the multidimen-
sional parameter space. For this purpose, we have chosen the Falkner-Skan family
of profiles, which can be easily replaced by the local velocity distributions over an
airfoil. From the analysis of primary instability, it is known that the concept of spa-
tial growth is more natural to be used with streamwise varying flows. We have,
therefore, implemented the spatial growth concept into the analysis of secondary
instability. In the following, we describe the development of this theory, a first set
of results for boundary layers in adverse pressure gradients, and some hurdles still
to be overcome on the way to a more sophisticated transition prediction.

GOV RNING EQU ,A TISON FOR SECONDA P1 l"I,\: 1. IL TI"
Thli e following (dcrivation is confined to steady, i iico inpressible, constant tem-

pelratu re shecar-layer flows having a weak variation in the streniti wise coolrdin ate.
The analysis is divided into two p)arts: the construction of the periodic a.,i" flow
and tile investigaation of Supewrposed sccond(lary d ishimurnces with amplitudes
sufficiently sm all for line arization.
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Construction of the Periodic Basic Flow

We consider the flow over a semi-infinite plate at an angle P~r/2 to the free
stream. Let X denote the distance from the leading edge along the plate, Y the dis-
tance normal to the plate, and Z =z the spanwise direction, U, the inviscid flow
velocity at the surface, and K0 the location at which the stability analysis is per-

formed. The undisturbed boundary layer stream function is given by

*Fs(XJ,0t = U.f(y)6 , b = ((2-P) -.- J1x 1 , (1)

where f(y) satisfies the Falkner-Skan equation

ffi + ff" + P(1-f'2 ) = 0 (2)

f(O) = f'(0) = 0, f'(y-*oo) = 1 (3)

Due to the weak variation of the Falkner-Skan profile with X, we apply the
parallel-flow approximation and assume the profile to be locally one-dimensional ,
Vo(y,X,). We use 6 and U, as characteristic quantities for nondimensionalization,
and define the Reynolds number by R = U,,/v. At sufficiently high R, primary
disturbances appear in the form of IS waves with the stream function given by

01 = A(X) [O(y)e •a(X-Ac) + O t(y)e- i,(X-cf)] (4)

The t denotes the complex conjugate, a =a-r+iai and 0(y) are solutions to the
Orr-Sommerfeld eigenvalue problem, ar is tile streaiwise wavenuinber, oi is the
growth rate, and c is the phase velocity. The variation of the amplitude is given by

X

A(X) = Ai,,exp(- f aodXV) (5)

where Ai, is the TIS amplitude at an initial location Xi". In presence of a "IS wave
of finite amplitude, the two-dimensional flow has the form

v2(X,y,t) = Vo(y) + A(X) v,(X- ci, y) (6)

The eigenfun'tion 0(y) in (4) is normalized such that A measures the streamwise
rms fluctuation of the disturbance. We neglect the nonlinear distortion of the wave
under the shape assumption [31, and also neglect the weak variation of the '
amplitude in comparison with the explosive growth of secondary disturbances, thus
considering locally A, = A(X 0 ). These approximations have been justified by
numerical experiments and physical arguments. The time dependence is eliminated
by changing from a fixed coordinate system to a coordinate system moving with the
phase velocity of the TS- wave, x = X - ct , and the flow becomes periodic in the
moving streamwise coordinate z,

i(_-,Y) = Vo(y) + Ao• 1(X,,y) (7)

Hlere, and elsewhere, the - symbolizes the periodicity of the function.

Fig. I illustrates the above steps. In a neighborhood of .\, both the Falkner-
Skan profile and the "TS wave amplitude are assumied constant, thus extending the
periodic flow from - oc to oc. A detailed study of temporally and spatially growing
"I' waves for Falkner-Skan profiles has been presented by \Vazzan et al. 15]. The
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periodic basic flow (7) can be considered as known from any standard procedure

for analysis of TIS waves.

Secondary Disturbances. Linear model.

We study the evolution of secondary disturbances through a linear stability

analysis of the periodic basic flow (7). A small secondary disturbance

V3 = (U3 ,v 3 ,w3 ) is superimposed on the basic flow,

v(X,y,z,t) = 'i 2(X,y) + Ev3(X,y,z,t) , << 1 (8)

and the compound flow is inserted into the Navier-Stokes equations. The nonlinear

convective term f 2 (va.v)v 3 is dropped in view of the small disturbance amplitude,

yielding linear equations for v3,

a"V3 + (i'2"')V 3 + (V 3 "')V 2  +- P3 + _- R 2V3 (9a)

V'V3 = 0 (9b)

subject to the boundary conditions v 3(x,O,z,t) = 0 , v 3(x, y--.oo ,z,t) 0. The

linear secondary stability problem, hence, is an eigenvaluc problem. Taking the

curl of (9a) for eliminating the pressure, introducing ý, = - V 201 and the distur-

bance vorticity w 3 - ( 73 ,q 3), and using continuity to eliminate the z-

component of velocity w3, we obtain a system of of linear differential equations for

u3 and v3,

-L,7a a U.2V + d 2U 0  V +
R ax at) dy2  +

C9,0 a- alp, a a),1 a 3 ,2a~ 1  ~ aý3A l -- 1)v2 v 3 + +-2( - 3- ) - a201 (,CA ax ay ay x 3 + ay az axay( ax) -a~ t (e
u~ a 3  a V-3  U~ ata'Z'ax ax ay ay ax a + y ax 0

2 ,C a D a 1a 3  dUo a2V3  Aa 2 p 3 a"V3-- -- (U , - a) + ± A I-
C)x a~tjaz d y a z"c~22 O

) ̀-__)- + _) 3 + d3 0 (10b)
ax 7 'ay axJ axay az ax-(axay± aY2

Note that a?13/az and 993/az are expressible in terms of u3 and v3 . These equa-
tions have three important features: linearity, coefficients independent of time and
spanwise coordinate z, and coefficients periodic in x due to the presence of £q. The
first two allow the use of normal modes in I and z,

VJ(x,y,z,I) - ci e"v 3 ( x,y) (il)

where the spanwise waventimbher 13 is real, and (r is in general complex. The third
feature provides the form of the solution according to Floquet, theory. Aparl from
the y dependence, the secondary disturbance equations ;are essentially of I1ill type
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in x, and can be written in a form with real coefficients. Letting '7 denote tile
characteristic exponent, and XZ = 27r/ a, the 'IS wavelength, we find two classes
of solutions V3. in tile form

-(x e• i(x,y) i 1i(X + X,,y) = •(X,y ) ( 12a)

"r3 (zy) - ei'*,(x,y) i',(x + 2X,,y) (r(x,y) 12b)

where we denote if(x,y) as the "fundamental" mode, and i,(x,y) as the
"subharmonic" mode. Being periodic, we represent ifr and ir, by Fourier series,

009 (X,) I V".,( y)eCi''"•' (13a)

%(~u= E v,,+1( y) e•+•' (131))
n' =- o0

and combine the series to obtain the final form of the secondary disturbances
C0

v.3(X,y,z,t) = C i V.Cy)ix (14)
fl 00

These solutions reproduce the experimentally observed behavior of three-
/limensional disturbances 11,31. The fundamental mode produces the X,-periodic
"in-line" or peak-valley splitting pattern as observed by Saric & Thomas [6, Fig. 1].
The aperiodic term Vo(y) in the series (13a) gives rise to both a mean flow distor-
tion and a spanwise periodic longitudinal vortex structure. The subliarmonic mode
produces the 2X,-periodic staggered structure [6, Fig. 2, 3] and has no aperiodic
term in the series (13b). Both the fundamental and subharmonic modes can
undergo exponential growth in time or space, consistent with experience from
numerical simulations and experiments.

The basic flow (7) and secondary disturbance (14) are introduced into the
equations (10) and the terms multiplied by exponentials of like index are collected
and set equal to zero. Two uncoupled infinite sets of equations result for the fun-
damental components V.,(y) and subharmonic components V.,. + 1(Y).

SPATIAL AND TEMPORAL GROWTH! INA MOVING FRAME

Owing to the occurrence of two generally complex quantities cr and -y in eq.
(14), we are faced with a similar ambiguity as known from the Orr-Sommerfeld
problem: we can choose between the concepts of temporal or spatiai growth. Tem-
poral growth analysis is simpler and requires less computational effort since a
appears linearly in the equations, while -y appears up to fourth power. Moreover, a
relation exists between the two types of growth, and can be utilized to approxi-
inately transform temporal in to spatial growth rates.

For primary dislurbances, spatial growth is measured with respect to tlhe
h.boratory frame of coordin ates. In order to arrive at a consistent formuaLtion of
temporal and spatial amplilication for secondary modes, we express the velocily
field (1-1) in laboratory coordinates,
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To restrict the disturbance exclusively to temporal amplification we set the
"spatial" exponent -y to zero and solve for the "temporal" exponent a as an
eigenvalue. The real part of a dictates growth and decay in both coordinate sys-
tems, hence the moving and the laboratory fixed observer witness the same tem-
poral growth. For purely real a, the mode is fixed in the (x,y,z,1) frame and,
hence, tuned with the TS wave. For complex a, the mode propagates upstream or
downstream in the moving coordinate system, and thus travels with a phase speed
different from that of the "IS wave. Calculations have shown that at realistic ampli-
tudes the dominant, i. e. most unstable, mode is associated with a real eigenvalue.

A spatially amplified disturbance in the moving coordinate system can be com-
puted by setting o equal to zero and solving for -y as an eigenvalue. To a laboratory
fixed observer, however, this disturbance mode exhibits mixed spatial-temporal
amplification, since in (15) both a and -7 are multiplied by time.

The two cases of most interest are those of either temporal or spatial
amplification in laboratory coordinates. Indeed, experimental observation shows
that in boundary layers the growth of primary and secondary disturbances is only
spatial.

In order to obtain disturbance modes with purely spatial amplification in tile
laboratory frame, we note from (15) that the time-dependent factor e(-Yc)I can be
suppressed by choosing o =yfc. In the moving frame, we therefore search for

I/solutions of the form

v 3(x,y,z,t) -= ei#Zeoe"Z E ,,(y)e (16)

and solve for -y as the eigenvalue. (Recall that computations must be carried out in
the moving coordinate system for only there is the Floquet theory applicable.) All
information on spatially growing modes in this report is calculated using this
approach.

RESULTS AND COMPARISON WITI! EXIPERIMENTS

WVe have studied fundamental and subliarmonic modes using both the tem-
poral and spatial growth concept. The lowest Fourier truncation [3] has been used,
and a spectral collocation method applied for numerical solution. While fundalnen-
tal instability (peak-valley splitting) is a typical threshold phenomenon that occurs
only above a certain level of the TS amplitude, subharmonic instability can appear
at arbitrarily small amplitudes due to Craik resonance. Therefore, subharmonic ins-
tability is likely to be the preferred route to transition in low-disturbance environ-
mnents such as in free flight. In the following, we consequently focus our attention
on subharmonic modes.

Previous results for the Bhlsius profilhe 2-41 were oblained withl the temporal
growth concept and converted to spatial growth rates by using the transformation

", r/. While justified at sufficlently small o r,, this transform ation may be
questionable at, the large growlh rates of the (0o iminn. scond arv , mode. II Fig. 2
we compare resull,s for spat,i;d growth ralcs oltaiind froI fli)0h coincepsl. The
.ransforin atli-, of Iiml)oral (hiata provides :i siurprisiingly good alppro\xilm aiol. nand

slightly overl)re(licls (he spatial growth rites. The' l )anhim leter b -- 0:' :'3
describes a wave of fixed( physica. spaiiwise \vv InI II i c r a:s i, tr•vels " dwnstrenil.
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Fig. 3 juxtaposes experimental 171 and theoretical results for the spatial ampli-

tude growth of TS wave and subharmonic mode for the Blasius profile. The initial

TS amplitude is Ai, = 0.44•% at branch I, (Rt = 535) and grows to 1.23% at

branch II (RnI = 855). A virtual leading-edge correction of 20 cm has been

applied to the experimental data in order to bring the experimental R,, = 840 into

agreement with the theoretical value, 855.

The initial subharmonic amplitude was chosen at Bi. = 0.00126% in order to

match the experimental value of B at R 11. For data points at R > 700 the com-

puted growth rate closely follows the observed slope, confirming the parametric
nature of subharmonic instability in the initial stages of growth. The measurements
at R < 700 where taken shortly downstream of the vibrating ribbon (R =575)
where neither the TS wave nor the subharmonic mode are fully established. Fig. 4

shows the selectivity of the subharmonic instability mechanism with respect to b at
R =700 and 853. Based on the maximum spatial growth rate, the theory predicts
b = 0.27 at R = 700 and b -= 0.29 at R = 855. However, natural selection of b
in experiments also depends on the spectral content of the background noise. The

observed value of b = 0.33 is close to maximum amplification throughout the
range of measurement.

The destabilizing effect of an adverse pressure gradient on the dominant
subharmonic mode is shown in Fig. 5. A decrease in the pressure coefficient
increases the growth rate as well as the range of unstable spanwise wavenumbers. A
likely consequence of this effect is the amplification of a relatively narrow band of
spanwizc wavenumbers in regions of favorable pressure gradients, which sets the
stage for the downstream development. Most surprising in Fig. 5 is the sharp
cutoff at /3 0.05 for the inflectional profiles, indicating strong damping of the
vortex pairing mode at a TS amplitude of 1%. Detuned modes (a complex) are
less amplified than the dominant mode in all profiles and at all values of IS ampli-
tude we have investigated.

While the adverse pressure gradient enhances the growth rates of both the TS
wave and the subharmonic disturbance, there is only a moderate effect on qualita-
tive features. Dramatic changes occur, however, in the eigenfunctions, i. e. in the
disturbance velocity profiles. A comparison of mean and stieamwise rms profiles is
given in Fig. 6 for the Blasius profile, P = 0, and in Fig. 7 for the Falkner-Skan
profile near separation, P = - 0.18. Fig. 6 shows the agreement of the spatial result
for the subharmonic mode with the experimental data [7]. Comparison with [2, Fig.
14] also indicates that spatial and temporal results for the velocity profiles are
hardly distinguishable. The position of the maxima with respect to the critical layer
at Y, (for the TS wave below, and for the subharmonic mode above yJ is qualita-
tively.unaffected by the pressure gradient. However, y, in Fig. 7 is further away

from the wall. A second maximum develops in the TS profile owing to the gradual
changeover from viscous to vortical (inviscid inflectional) instability. Experimental
data on disturbance velocities are scarce. At the present, we can only say that our
results are not inconsistent with rneasureiennts 18, Fig. 1,4] in the separating flow
over an airfoil.

COMPARISON OF IVAL-.BOUNID ,.NV) FRIE SHEA!? LA YElRS

Boundary layer profiles near the point of separation exhibit, high inflectionality
and maximum shear stress far from i.le wall, tdus bearing rose in ablnce to a free
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shear layer. This observation leads one to enquire under which conditions the two
types of flow share stability characteristics. In the light of separation and reattach-
ment we place particular attention on the preferred spanwise wavelength of subhar-
monic modes, in other words, on the two-dimensional or three-dimensional nature
of secondary disturbances.

The inviscid stability of a spatially periodic free-shear layer has been studied
numerically by Pierrehumbert & Widnall [9]. They found the layer to be most
unstable with respect to a two-dimensional (/3 = 0) subharmonic mode, and the
growth rate monotonically decreasing with increasing / [9, Fig. 5]. The disturbances
undergo pure exponential growth, and are tuned (or real).

Growth rates for the pairing mode and a three-dimensional subharmonic mode
in the Falkner-Skan profile at separation are shown in Fig. 8 as a function of the TIS
amplitude. Under these conditions, three-dimensional secondary instability is dom-
inant up to IS amplitudes of 18%. At low amplitudes, the vorticity concentrations
generated by the TS wave are too feeble to overcome the damping effect of the wall
on the pairing mode. Vortex pairing takes the lead at very large amplitudes of the
primary disturbance, but still competes with three-dimensional phenomena. This is
more clearly shown by the growth rates as a function of the spanwise wavenumber
b in Fig. 9. Note the similarity of the curve for A = 30% with the result in 19, Fig.
5] for amplitudes in the same range.

Our results show that the damping presence of the wall can be overcome by
increasing the IS amplitude and, hence, the vorticity concentration near the critical
layer. This process is accompanied by a changeover to a basically inviscid vortical
mechanism. The large amplitudes required for the pairing mode to dominate can
hardly be reached by viscous growth. Moreover, strong three-dimensional instabil-
ity would appear below these levels. Amplitudes in the range of 20% have been
observed, however, in the shear layer separating from an airfoil [8].

DISCUSSION AND CONCLUSIONS
The development of the theory for spatially growing disturbances and the

application to highly inflectional boundary-layer profiles has extended the scope of
the secondary stability analysis. By use of different transformations, the spectral col-
location method has been adapted to a wide class of profiles that covers the flow
over an airfoil. Comparison of spatial and temporal results for growth rates and
velocity distributions justifies the use of either one of these concepts. While the
temporal analysis is computationally more efficient, the spatial analysis is clearly
superior for generating results at given frequency, e.g for comparison with experi-
ments.

Growth rates for subharmonic and fundamental modes of secondary instability
have been studied in a wide range of the parameters R, a, A, 0, and P. Detailed
results will be reported elsewhere. These results emphasize the dominant role of
subharmonic modes at low TIS amplitudes. Preliminary results also indicate that the
evolution of the unstable flow in a favorable, but decreasing pressure gradient
selects a relatively narrow band of spanwise wavenumbers for secondary instability.
Whenever TS instability occurs sufficiently far upstream in order to provide
significant amplitudes (>1%, say) at the point of separation, strongly amplified
three-dimensional disturbance:i are likely to cause breakdown into wall-bound tur-
bh:lcnce, and reattachment of the flow. This conclusion is consistent with
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experiments [8]. A stronger statement requires not only the stability analysis of
profiles downstream from separation, but also criteria for the onset of self-sustained
growth of secondary disturbances. Two-dimensional vortex pairing is found to
require very large TS amplitudes. These amplitudes can only develop from strong
inviscid growth and in absence of competing three-dimensional disturbances. These
conditions can only be met in a separating shear layer sufficiently far from the wall.

In order to develop a more detailed map of dangerous modes and improved
criteria for the occurrence of three-dimensional secondary modes, we currently
attempt the stability analysis of the flow over an FX-63-137 airfoil. The two-
dimensional steady flow over the airfoil is computed using the code NSE-2D kindly
provided by N. L. Sankar. Although the results on global characteristics such as CL
and CD are correctly calculated, the local velocity profiles do not meet the require-
ments of the stability analysis. The high resolution for the boundary-layer flow will
be achieved by a new version of the code using double precision (64 bit) arith-
me tic.

Another field of activity is the development of theoretical criteria for the onset
of self-sustained growth of secondary disturbances. Secondary instability does not
necessarily lead to transition, as shown by Kachanov & Levchenko [7, Fig. 2]. Once
the secondary mode reaches sufficiently large amplitudd, however, the nonlinear
interaction with the TS wave and the distortion of the mean flow lead to continu-
ous growth disregarding the parametric origin of the secondary disturbance. Calcu-
lation of the critical amplitude level is outside the scope of the present theory.
Empirical data are unavailable. Therefore, we aim at extending the theory for the
analysis of nonlinear interactions between primary and secondary disturbances. This
analysis will also reveal the mechanism of self-sustained growth.
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Figure 1. Construction of the periodic basic flow.
The weak streamrwise variation of boundary-layer
thickness and TS wave amplitude are neglected.
The local conditions at AV0 are extended into a
periodic flow.
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COMPUTATIONAL AND THEORETICAL STUDIES
OF UNSTEADY VISCOUS AERODYNAMICS

J. C. Wu
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Atlanta, Georgia 30342

ABSTRACT

A coordinated theoretical and computational approach for analyzing
unsteady aerodynamics of viscous fluids is reviewed. This approach permits
aerodynamic computations to be confined to the viscous region of the flow and
aerodynamic analyses to be carried out with a knowledge of the viscous region of
the flow only. The approach also permits the individual flow zones contribution
to unsteady aerodynamic load to be identified and their relative importance
evaluated. This approach is based on viscous flow equations. For aerodynamic
flows in the absence of appreciable recirculating regions, the approach produces
classical theories of aerodynamics and panel-vortex lattice computation
procedures. The approach is ideally-suited for aerodynamic analyses of unsteady
flows containing massive separated regions.

INTRODUCTION

Near the beginning of this century, when the Wright Brothers experimented
with powered flight, theoretical aerodynamics existed as a very young and
uncertain discipline. Earlier theories of aerodynamics were based on the
assumption of an inviscid fluid and were counter-productive since they predicted
zero lift. Almost concurrent with the historic flight of the Wright Brothers in
1903, however, the relation between the circulation around an airfoil and the lift
force acting on the airfoil was recognized. This relation formed the basis for an
amazing and rapid development of theoretical aerodynamics in the first quarter
of this century. Theories formulated during this period of time retained the
assumption of an inviscid fluid. The incorporation of the concept of circulation
into theoretical aerodynamics, however, permitted accurate predictions of
aerodynamic forces under circumstances of great practical importance. Theories
of aerodynamics based on the concept of circulation are referred to as classical
aerodynamic theories. These theories have contributed immeasurably to
advances in aeronautics. Even today, with computational aerodynamics
occupying the center stage of aerodynamic research, classical theories are
continuing to play a central role in aeronautical engineering. The prevailing
opinion of aerodynamic researchers, however, appears to be that, with the
complexity and the performance envelop of modern aircraft broadened
substantially beyond the scope of classical theories, the development of
computational procedures for modern aerodynamic problems is a more rewarding
undertaking than the development of new theoretical, non-computational,
approaches.

Theoretical research and computational research of course need not be
mutually exclusive. Historically, theoretical aerodynamics and experimental
aerodynamics have supplemented and reinforced each other. Presumably,
interactions between the theoretical branch and the more modern computational
branch of aerodynamics can be similarly beneficial. In this paper, recent
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research of the present author in unsteady viscous aerodynamics aimed at
promoting such interactions is reviewed. In particular, a combined theoretical
and computation approach well-suited for analyzing unsteady aerodynamics of
viscous fluids is described. This present approach offers valuable physical
insights to the problem of unsteady aerodynamics as well as suggestions for
improving and generalizing existing inviscid theories and computation
procedures. The most important attributes of this approach are: (I) unsteady
aerodynamic analyses can be performed with a knowledge of only the viscous
region of the flowfield and (2) individual flow elements contributing to the
unsteady aerodynamic load can be identified and their relative importance
evaluated accurately. These attributes are available for flows containing
massive recirculating regions as well as for those containing no appreciable
recirculating regions.

Various aspects of this theoretical and computational approach have been
reported previously by the present author and his colleagues for various types of
flows, including compressible flows and steady flows. At the present, however,
the development of this approach has reached a reasonable stage of completion
only for unsteady incompressible flows. The present paper gives an overall
description of the approach for unsteady incompressible flows. Additional
information about various detailed aspects of the present approach, about
extensions of the approach to steady flows and compressible flows together with
results obtained are available in references cited.

AERODYNAMIC FLOW

To focus attention, a solid body immersed in and moving relative to a
viscous fluid occupying an infinite space is considered in this paper. The fluid is
at rest infinitely far from the solid. Aerodynamic forces and moments acting on
the solid body are to be predicted and explained. A most remarkable feature of
classical theories of aerodynamics is that they predict and explain aerodynamic
loads with only minimal information about the flowfields involved. It is well-
known, however, that classical theories of aerodynamics has a restricted scope of
application. This restricted scope is usually attributed to the inviscid fluid
assumption used in the mathematical derivation of these theories. As it turns
out, however, it is possible to predict aerodynamic loads accurately with only a
partial knowledge about the flowfield without relying upon the inviscid fluid
assumption.

A theorem of fluid dynamics which has existed for some time E Il] states
that, for an incompressible flow,

The motion of a fluid occupying a limited simply-connected region is.
determinate when the value of vorticity at every point of the region
and the value of the normal velocity at every point of the boundary
are known. In the case of an n-ply connected region, the values of
the circulation in the several independent circuits of the region must
also be known.

Obviously, if the motion of a fluid is determinate, then the aerodynamic
load acting on a solid body immersed in the fluid is determinate. According to
the theorem stated earlier, then, aerodynamic analyses require a knowledge of
only the vorticity distribution in the fluid. It is well-known that, in
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incompressible aerodynamic flows, viscous forces exist only in the region of non-
zero vorticity. In consequence, in predicting aerodynamic load, it is in principle
necessary to know only the viscous part of the overall flow. To put this principle
into practice, the aerodynamic load acting on a solid body needs to be expressed
in terms of the vorticity environment of the solid. Furthermore, in
computational efforts, special procedures are needed to confine the solution field
to the viscous region. These topics are reviewed in this paper.

For brevity, the term "viscous region" is used in this paper to describe a
region of non-zero vorticity. The viscous region in an aerodynamic flow is
generally composed of distinct zones. For flows where no massive recirculating
regions are present, the viscous region adjacent to the solid body is restricted to
thin boundary layers. The thickness of a boundary layer, compared to the length
of the solid body, is of the order Re- where Re is the flow Reynolds number
based on the solid body length and the translational velocity of the solid. The
boundary layers feed into a wake flow which, by virtue of its vorticity content, is
viscous. The wake is divisible into several components. In the case of a lifting
body set into motion suddenly, a concentrated dose of vorticity is left behind by
the lifting body after the onset of the motion. This "starting vortex" becomes
diffused with increasing time. As the motion of the liftinq body continues, the
vorticity in the boundary layers around the body continrbs to feed into the wake,
and a vortical region extending between the body and the starting vortex comes into
existence. In addition, "tip vortices" present in three-dimensional flows are also
continuations of boundary layers. In general, near wakes, i.e., vorticity that are
recently "shed" from the vicinity of the solid body as continuations of boundary
layers are thin in problems of interest in aeronautics. The thinness of the
vorticity layers permits simplifications of theoretical and computational
procedures.

For flows where massive recirculating regions are present, the viscous
region contains, in addition, recirculating zones whose characteristic length is
comparable to the length of the solid body. The wakes in such flows are [lot thin.
Procedures for analyzing these flows are substantially more difficult than those
for analyzing flows containing no massive separated region.

VISCOUS THEORY OF AERODYNAMICS

The word "theory" is used in this paper in its familiar context to designate
a systematic statement of principles. The following three equations state
mathematically the principle that aerodynamic force and moment acting on a
solid body is directly related to the viscous environment of the solid.

f d R f wdR = 0I
Rf Rs

P d P d d 2

F r xfWdR - d f r-xwdR f 4 y (2)
n-I dt R n-I R dR()

where v is the velocity field; - is the vorticity field, defined as the curl of the
velocity field; R is the region occupied by a solid immersed in and moving
relative to a fluia$; Rf is the region occupied by the fluid; 7" is a position vector, p
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is the density of the fluid; n is the dimensionality of the problem and is equal to 2
or 3 depending Fn whether the aerodynamic flow is two-dimensional or three-
dimensional and is the aerodynamic force acting on the solid.

Equations (1) and (2) are derived rigorously from the familiar Navier-Stokes
equations without using any simplifying assumptions not already contained in the
Navier-Stokes Equations. Equation (I) states that the total vorticity in the
infinite unlimited region jointly occupied by the fluid and the solid is zero.

Equation (2) states that the aerodynamic force acting on a solid body is
composed of contributions from the solid motion and the fluid motion. The
contribution from the fluid, represented by the first integral in Eq. (2), is
proportion l tV the time rate of change of the total, integrated, first moment of

vorticity, r x w, in the fluid. An equation similar to Eq. (2) has been presented
[2] for the moment of aerodynamic force.

Equations (I) and (2) form a viscous theory of aerodynamics valid for
various types of flows, including those containing massive recirculating regions.
Since the integrands in these equations vanish in the viscous region where the
vorticity is not zero, this theory obviously permits the prediction of aerodynamic
load with a knowledge only of the viscous part of the overall flowfield.

The present viscous theory relates the aerodynamic load to distributed
vorticity that exists in the viscous port of the flow. For flows containing no
recirculating regions, the distributed vorticity in the flow exists only in thin
boundary layers and wakes and are reasonably approximated by vortex sheets and
vortex filaments. With such approximations, the viscous theory described here

ields results that are identical to well-known classical theories of aerodynamics
21. The re-derivation of classical theories without relying upon an inviscid

fluid assumption is highly significant. It not only removes conceptual difficulties
associated with classical theories, but also permits physical insights to be gained
and the range of applications of classical theories to be extended with certainty.

Equation (2) can be re-expressed as

SK .
F k ld r dR) at rS (3)

where Rk is a fluid region occupied by a viscous zone, and S represents the
contributions of the solid motion to the aerodynamic force, i.e., the last two
terms of Eq. (2). Each term in the sum of Eq. (3) represents the contribution of
an individual zone to the aerodynamic force. The zone are boundary layers,
wakes, recirculating flows, etc. Obviously, if the vorticity distribution in a
viscous zone is known, then the contribution of that zone to the aerodynamic
force can be evaluated individually and the relative importance of this zone can
be readily assessed. The present viscous theory of aerodynornics therefore offers
an unprecedented opportunity to gain physicl in.19ht to the process of
generation of aerodynarnic load.

COMPIJTA lION OF VISC•US ALI•.O)YNAMIC F:tLOWS

It has been shown [_31 thlut the following m at hemti (,al formulation is
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completely equivalent to the familiar Navier-Stokes and continuity equations
describing the time-dependent incompressible motion of a viscous fluid:vn-+ f' f -0d. P a

v(5=- I oxV PdR - ox V PdR (4)
and RfR

Ft (v )W+ w V) v ~ V) V (5)

where the subscript "o" indicates that a variable, a differentiation, or an
integration is evaluated in the r space, and P is the fundamental solution of the
elliptic differential equation given by

"in three-dimensional problems"-'" (•-,•) = 4 Tr ro r
S(6)

- I 9n r in two-dimensional problems

Equation (4) is valid in a reference frame at rest relative to the fluid at
infinity. In Eq. (4), the first integral represents the Diot-Savart velocity field

* associated with the vorticity in the fluid region, the second integral represents
the Biot-Savart velocity field associated with the vorticity in the solid region. If

VY the solid is not rotating, then the second integral vanishes. Equation (4) is a
kinematic relation between the velocity and vorticity fields at the same instant
"of time.

V(r) - ( f x V 0do).. -J w x V PdR! (7)
l Rk R o

With Eq. (7), the Biot-Savart velocity field associated with each viscous
"zone R k can be evaluated individually. The simple addition of the Biot-Savurt

* velocity fields of the individual viscous zones and the solid contribution gives the
total velocity field.

Equation (5) describes the kinetic aspect of the flow. That is, it descriles
the change of the vorticity field due to kinetic processes. This equation is known
as the vorticity transport equation. The three terms on the right-hand side of

SlEq. (5) represents respectively the convection of vorticity with the fluid, the
amplification and rotation of vorticity by the strain rate, and the diftusion of
vorticity through viscous action.

.Confinement of Solution to Viscous Region

* A numerical procedure can be established on the basis of Eqs. (4•) irid (S),
together with appropriate boundary conditions, to compute the developini.t of
thle vorticity field with timhe. This procedure (dvanices the vortitv C ,,1, I,
froinn a old time levl to a subsequent new time level through ( k.mipititi•,,
loop consisting of a kinematic part and a kinetic port.

• In the kinetic part, known vorticity arid velocity values at the o)Id tiflik,
level are used in Eq. (5) to deterinine new vorticity values in the interior of the

ya.>.-,• fluid domain at the subsequent tim e level. Since eac(h term in ["(q. (5) iS loll-/Pro
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only in the viscous region, the kinetic part of computation can be confined to the
viscous region of the flow.

The kinematic part of the computation takes on an auxiliary role in the
computation loop. With new vorticity values computed kinematically, this part

,,,...produces new velocity values at the subsequent time level. These new velocity

values are needed for subsequent computations advancing the solution further.
Also, in the physical problem, velocity boundary conditions, and not the vorticity
boundary condition, is specified. The kinematic part of the computation loop
also produces the needed vorticity boundary values for the subsequent time level
[41. It is important to note here that, with Eq. (4), the computation of velocity
values can be carried out explicitly, one point at a time. The computation of
velocity values can therefore be confined to any arbitrary region of interest. In
particular, computation of velocity values can be confined to the viscous region
of the flow. Since the kinetic part of the computation can be also confined to
the viscous region, the entire solution can be confined to the viscous region.

It is noted that the ability to confine the solution field to the viscous region
in the kinematic part of the computation is not available to familiar finite-
difference and finite-element methods for solving viscous flow problems. This

* ability is unique to integral formulations such as Eqs. (4) and (7) obtained using
the concept of principal solutions [3]. In the current literature, there exist a
number of "inviscid" computation methods in which the Biot-Savart velocity
fields associated with vortex panels, source-sink panels or vortex lattices are
incorporated into the computation procedure. These methods, in reality, need
not be constructed on the basis of an inviscid fluid assumption.

Vortex Lattice and Panel Methods

In a flow containing no appreciable recirculating regions, viscous zones
present are the boundary layers, the near wake and the far wake. If these
viscous zones are represented by vortex sheets, then Eqs. (4) and (5) lead to
computationril procedures familiarly known as panel or vortex lattice method. In
this section, such a procedure is outlined using the flow past non-rotating airfoil
as a reference problem. This airfoil problem possesses the essential features of
interest and serves to bring into focus the most important features associated
with the procedure. Using the concepts presented here, panel-vortex lattice
methods can be constructed also for aerodynamic flows associated with other
types of lifting bodies, including rotating bodies in three-dimensional flows.

Vortex Sheet Approximation. As discussed earlier, Eqs. (4) and (5)
represent respectively the kinematic and the kinelc aspects of a flow problern.
For the flow under consideration, Eq. (5) gives, in a reference frame attached to
the airfoil,

) t ko P(isXV Pds - V (a)
000 0S+ W

where V. is the freestrearn velocity S+ and W (re respectively tile locutions of
the vortex sheet representing the boundary layers olnd the wake, oaid - is the
strength of the vortex sheets defined by
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'Y f I dn (9)

where the integration is performed across a boundary layer or a wake layer.

If the strength and location of the vortex sheets representing the boundary
layers and the wake are known at a given time level, the following procedure can
be used to determine new location and strength of these vortex sheets at a
subsequent time level. The different zones of the flow, i.e., the boundary layers,
the near wake, and the far wake are computed differently so that the
computation can take advantage of the different physical characteristics of the
different zones.

Near Wake. In the near wake, if the flow Reynolds number is not
exceedingly small, then the effective diffusion rate is much smaller than the
convection rate. Equation (5) can be justifiably approximated by omitting
viscous diffusion, i.e., the last term in Eq. (5). This approximation, like the
representation of the wake layer by a sheet, does not imply the fluid is inviscid.
It merely acknowledges and exploits the fact that in the near wake the viscous
diffusion term is negligibly small compared to the other terms in Eq. (5). In the
immediate neighborhood of the airfoil's trailing edge, vorticity gradients across
the wake are large and viscous diffusion is important. This neighborhood
contains "nascent" wake vorticity, i.e., vorticity which has only recently left the
boundary layer zone. An inviscid analysis to determine the strength and location
of a nascent vortex segment representing this part of the near wake is
inappropriate and it leads to controversies in unsteady flows. Indeed, the
approximation of the nascent wake vorticity by a single vortex segment
introduces substantial errors whenever flow unsteadiness is large. In general,
approximations of nascent vorticity should be guided by viscous analyses. In
reality, flows on opposite sides of the airfoil merge at the trailing edge. Thus
the nascent wake is more reasonable approximated by two adjacent vortex sheets
with different strengths and moving at different speeds in cases of large flow
unsteadiness. Within a layer of vorticity, boundary layer approximations are valid
and the vorticity is related to the velocity component u tangential to the layer
by W = - auf/ n. Integrating this expression across the boundary layer and using
Eq. (9), one concludes then the velocity at the boundary layer's outer edge is
equal in magnitude to the strength of the vortex sheet representing the boundary
layer. The magnitude of the flux of vorticity crossing any streamwise station of
the boundary layer is one half the square of the vortex strength, as can be easily
shown by multiplying the above expression for w by u and integrating the result
across a boundary layer. The above conclusions can be used to calculate the
total vorticity in the nascent vortex segments.

With the diffusion term orritted, Eq. (5) can be re-expressed [51 as

d r+ +w J A ds = 0 (10)
S

where S is any open material surface lying in and moving with the flufid.

Equation (10) is a statement of Kelvin's circulation theoremn for distributed
vorticity, derived usually in the context of an inviscid fluid. It is, however, more
revealing to view Eq. (10) in the context of a viscous fluid. That is, in the flow of
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a viscous fluid, the flux of vorticity across ani open material surface is
approximately invariant with respect to time in zones where viscous diffusion is
slow compared to convection. This fact suggests the use of a Lagrangian
reference frame, rather than a Euler reference frame, in the kinetic computation
of the near wake. In most vortex lattice and panel methods available today, the
strength and geometry of the near wake are computed using a "force-free"
condition. This force-free condition in essence permits the near wake vortex
panels or lattices to convect computationally with the fluid, but not to diffuse.
In actual computations, if the vortex sheet that approximates the near wake is
discretized into finite elements, then a vortex panel method is produced for the
near wake. If the vortex panels are further approximated by vortex filaments,
then a vortex lattice method is produced. The strength of the new vortex
filaments or vortex panels are required to be such that the integrated vortex
strength of each panel or each segment of vortex filament remains invariant.
This requirement is a consequence of Kelvin's circulation theory. Vortex layers
in the interior of a fluid are kinetically unstable and tend to roll-up. This roll-up
process is a consequence of the convective process and can be simulated
computationally [6].

Far Wake. For a far wake located at a large distance from the airfoil, the
Biot-Savart velocity field associated with the far wake is small in the vicinity of
the airfoil. The circulation, i.e., the total integrated vorticity, of the far wake,
however, needs to be known in order to ensure that the total vorticity of the flow
is conserved computationally. In computing aerodynamic flows, it is often
permissible to truncate the computation field and thus eliminating detailed far
wake computations. The circulation of the far wake can be determined by
keeping an accurate record of the flux of vorticity leaving the boundary of the
truncated computation field. Since the far wake is expected to move at nearly
the freestream velocity, a knowledge of the circulation only is sufficient for
calculating the contribution of the far wake to aerodynamic load using Eqs. (2)

Boundary Layers. Let S+ be a surface surrounding the solid surface S and
at an infinitesimal distance from S. With prescribed solid velocity, the location
of S+ is known.

Applying Eq. (8) to points rs located on the solid surface S, one has

Vs : YxV P5 dso - 4Y0 xV 0P5 dso +voo 0 1)

S+ W
where is the prescribed solid velocity, zero for the problem under
consideration, and Ps is given by Eq. (6) with r replaced by 7s.

With known strength and location of the wake vortex, the last integral in
Eq. (II) can be computed for each point on rs. Equation (II) can then be written
in the form

Yox V0 P5 dS0  1(ir~) (12)

S+

)is a known function r
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Equation (12) is a Fredholm integral equation containing y as the Wnknown
function. Equation (12), subject to a constraint, uniquely determines y. The
constraint is the principle of total vorticity conservation, Eq. (I), which gives

fYds fr ds (13)

5+ w
The computation of the vortex sheet strength representing the boundary

layers as described above, involves only the kinematic aspect of the flow
problem. This is a consequence of two facts. First, the location of the boundary
layer vortex sheet is known and need not be computed kinetically. Second, on
the solid surface, vorticity is not conserved but is being generated continuously
[3] through the kinematic no-slip condition in a viscous flow.

General Features. The procedures outlined above for the near wake, the
far wake and the boundary layer, when combined, form a computation loop which
advances the solution in time. There exists many options for each part of this
computation loop. For example, in computing the convection of the near wake,
velocity values on the vortex system can either be calculated at the old time
level, or the new time level, or a combination of these two. The latter two
options involve iterative procedures.

Many existing panel methods utilizes source-sink distributions in place of
vortex sheets. Sources and sinks do not exist physically in the interior of
incompressible flowfields. In consequence, source-sink methods do not readily
lend themselves to physical interpretations and they give rise to conceptual
difficulties. Several researchers, e.g. Kim and Mook [7], developed
panel/lattice methods using vortex element. In these methods, the concept of an
inviscid fluid is still employed. In consequence, several difficult issues remain.
It needs to be emphasized, even at the risk of appearing repetitive, that although
the present procedure closely resembles existing panel-lattice procedures
conceived on the basis of an inviscid fluid idealization, the present procedure is
based on the approximation of a viscous flow. In consequence, the present
procedure leads readily to physical insights which permits conceptual and
computational difficulties to be understood arid resolved. Furthermore,
improvements and refinements of the panel-lattice methods can be devised on
the basis of these physical insight.

Viscous Corrections

The general solution procedure just described provides information about
time-dependent distributions of vorticity in the flow approximalely. This
information yields, through Eq. (2), aerodynamic force and moment (rctin( on the
airfoil approximately. Errors introduced by the vortex-sheet upproximilion are
relatively small as long as the flow Reynolds number is not exceedingly snall lind
hence the vorticity layers present in the flow are not thick. These errors can he
corrected after the geometry and the strength of the vortex sheets pres(it in lth!e
flow are computed.

As discussed earlier, the velocity at the outer edge of a boundary layer is
equal in magnitude to the strength of the vortex sheet representing the boundary
layer. Thus the strength of the vortex sheet, once computed, provides the
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needed boundary information (or equivalent the tangential pressure gradient
through Bernoulli's equation) for a boundary layer computation. This boundary
layer computation starts at the forward stagnation point and marches
downstream along the airfoil surface. The boundary layer solution produces the
detailed distribution of vorticity across the boundary layer which can be used in
conjunction with Eq. (2) in aerodynamic analyses. A procedure similar to the one
just outlined for boundary layer computations can be used to determine the
detailed distribution of vorticity in the wake layer. It is obvious that this wake
computation needs to be carried out only for the near wake.

Flows Containing Massive Recirculating Regions

A flow containing massive recirculating regions can be treated using a
procedure similar to the one just described for flows containing no appreciable
recirculating region. The near wake and the recirculating zones in such a flow
contain distributed vorticity. In the kinetic part of computation of these zones,
it is appropriate to use the full vorticity transport equation, Eq. (5), rather than
simplified panel or lattice methods. For computing the far wake and the
boundary layer zones, the procedures outlined for flows containing no appreciable
recirculating zone are directly applicable.

At a given time level, with known strength of the vortex sheet representing
the boundary layers, known circulation of the far wake and known distribution of
,vorticity in the near wake and the recirculating zones, Eq. (7) is used to compute
velocity values in the near wake. In this computation, the vorticity in the
boundary layers may be approximated by a vortex sheet. The velocity values are
then used in Eq. (5) to compute a new vorticity distribution at a subsequent time
level.

If the wake extends beyond the truncated computation field, then an
accurate record of the vortex flux leaving the boundary of the computation field
is kept. This record is used to evaluate the circulation of the far wake, i.e., the
wake outside the computation domain.

Procedures for computing the vortex strength y representing the boundary
layer is identical to those outlined earlier in connection with the vortex panel-
lattice procedure and is based on Eqs. (12) and (13). For the present problem,
however, the Biot-Savart velocity associated with the wake and the recirculating
zones is computed using Eq. (7), rather than the approximate Equation (8). Also
in Eq. (13), the right hand side in the present problem is an integral of the
distributed vorticity in the wake and the recirculating zones.

The solution procedure just outlined is identical to the panel-vortex lattice
procedure outlined earlier, except that the wake vorticity and the recirculating
vorticity are not approximated by vortex sheets. Two unique ol.ributes of this
procedure have been established. First, with the present procedure, the
computation field can be confined to the viscous region of the flow only. Second,
within the viscous zone, boundary layer zones can be computed separately from
the wake and the recirculating zones. By confining the solution field to the
viscous region, the present procedure offers drastic reductions in computational
efforts in simulating aerodynamic flows. By treating boundary layer zones
separately from other viscous zones, the present procedure permits
computational grids and numerical methods to be tailored to the special length
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scales and flow characteristics existing in the different zones. This leads to
highly accurate and highly efficient numerical procedures [5, 8]. The vorticity
distributions in each of the viscous zones can be used in Eqs. (2) and (3) to
evaluate the contribution of that zone to the aerodynamic load.

CONCLUDING REMARKS

A coordinated theoretical and computational approach has been established
for analyzing unsteady aerodynamics of viscous fluids. This approach permits
aerodynamic computations to be confined to the viscous region of the flow and
aerodynamic analyses to be carried out with a knowledge of the viscous region of
the flow only. Furthermore, this approach permits the identification of
individual flow zones contributing to unsteady aerodynamic load and the
evaluation of the relative importance of each zone.

For aerodynamic flows in the absence of appreciable recirculating regions,
the boundary and wake layers are justifiably approximated by vortex sheets. The
present procedure then yield theories and computational procedures similar to
classical theories and panel-vortex methods. The present approach, however, is
not based on the concept of an inviscid fluid. Rather, the exact location of
vorticity in thin boundary and wake layers are approximated. In consequence,
the present procedure leads readily to physical insights which permit conceptual
and computational difficulties to be understood and resolved. The present
approach is ideally-suited for aerodynamic analyses of flows containing massive
separated regions. For such flows, the ability to confine the analyses to viscous
zones and to separately treat these zories are of crucial importance.

A large number of aerodynamic problems have been studied using the
theoretical and/or computational procedures outlined in this paper. These
problems include larrinar and turbulent flows past non-rotating airfoils at high
angles of attack [8, 9, 10, II]. In these studies, it was found that periodic
shedding of vorticity from the recirculating zone occurs and the flow is unsteady
even though the airfoil moves at a constant speed. Problems of flows past
oscillating airfoils [12], of flows past three-dimensional bodies of relatively
simple shape [13] of vortex-airfoil interaction [14, 15], of apparent mass
properties of two-and three-dimensional aerodynamic bodies [14] and of
aerodynamic performance of Weis-Fogh 'wings [15, 16] have also been studied.
These studies conclusively demonstrated the attributes of the theoretical and
computational procedures described in this paper.
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This paper gives an 3VerviC-, Of resear.h On, !arniar separation bubbes
at Delft University of IechnoloRS in relation to low Reynolds number

airfoil aerodynamics. Results of flow visualisation• studies are used to
define an eJ.irical relation for te angle d at which the separation

streamline leaves the wall. The e transition prediction method is
extended to separated fle,4S. It is shown that a simple bursting
criterion is provided hy Stritfords lfimiting pressure distribution for a

- zero skin friction turbulent boundary layer. A unive-rsal description of
the laminar part of the bubble is proposed, resulting in a simple bubble

prediction method. The effect of tripping devices to decrease the
adverse effect of the bubble on drag is discussed. Finally some results
of low Reynolds number airfoil tests are reportedr

1. INTRODUCTION

At the peow Speed Laboratory (LSL) of the Department of Aerospace
Engineering of the Delft University of Technology a long term research

[-.- program has been going on concerning the analysis and design of airfoilairsections for low speed flow. The program was started in 1966 by the

first author while spending a sabbatical year at the Lockheed Georgia
Research Laboratories. First results of a computer program, which used
scomputer graphicvas a novelty, have been published in [1,2,3]e

xThis prototype program used some -at that time - readily available

-••methods for the calculation ofs the potential flow pressure distribution
"zr(conformal transformation duento Timman [4]); the laminar boundary layer

e(Thwaites [5); transition (e ef method due to Smith and Gamberoni [6t and
Van Ingen [7e); the turbulent boundary layer (Heads entrainment methodj.jj oVery soon it became apparent that also accurate methods to calculate
laminar separation bubbles were required for predicting the character-
Engistics of airfoils at low Reynolds numbers. Research at Delft then was

concentrated for some time on the laminar separation bubble [9,10,11sa
seA schematic description of the flowfield and the pressure distribution

fin the bubble region is given in fig. a It contains the definition of0.-,,, Resome bubole related parameters.
The present paper will focus attentio bn the separation region (around
S); the laminar part of the hubhle (S-T); transition - T) and reattach-
ment (R). As in most enqineerinq calculation methods we will treat the

- (Tipressure distributiotin n the hubble as a local perturbation only of the
laminapressure distribution curve SR which would occur for a turbulent
isiso4ifisa o enlsnubr.Rsac tDltte a



Fig. 1: Schematic diagram of flow
Transitio,- field and pressure distribution in a

hflaminar separation bubble.
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boundary layer. Hence the laminar separation point S and the reatta..h-
ment point R are thought to be on the turbulent curve. In reality a

slight undershoot is often noticed, both upstream of S and dow'mstream of
R. When the flow downstream of the separation point fails to reattach, a
large adverse effect on the drag and/or stalling behaviour of the
airfoil is noticed. Hence an accurate prediction of this 'bursting
"process' is necessary.
The present status of the LSL airfoil analysis and design program may be
found in [12,13]. It is being ,,sed extensively for sailplane applica-
tions [14,15,16,17].
It has been found that the effect of the laminar separation bubble on
the airfoil characteristics is also due to its influence on the down-
stream development of the turbulent boundary layer. This effect may be
noticed at chord Reynolds numbers as high as 5 x 106.
In recent years attention has been given to means to provoke earliertransition in the bubble, such that its detrimental effects are reduced.

Besides conventional tripping devices, the so-called pneumatic turbu-
lators, first used by Pfenninger [18] and rediscovered by Horstmann and
Quast [19], were studied extensively in close cooperation between LSL
and DFVLR Braunschweig [20].
In the present paper we will review this research at LSL related to
laminar separation bubbles and its effects on airfoil characteristics at
low Reynolds numbers. To keep the size of the paper within reasonable
limits, the reader will have to be referred to the original papers for
detailed information.

2. SOME USEFUL RELATIONS FOR SEPARATING LAMINAR FLOW

In a small neighbourhood of the separation point, where the inertial
forces may be neglected, the Navier-Stokes equations admit a simple
analytical solution (see [21,22,23]). Important results are:
The separation streamline leaves the wal at an angle y (fig. 1) which is
determined by:

90

•. 90
I',

.. . . . . * **l* * '.- <. -

€' --•-" ." - - -'- -" -" "• '" - " -" -" -'" "" " '," . '.' ." 2". '.''." ", '.•" ".•" ". . " '-".'-''-""-' -" " • •" ." " "-''." "-"- '" '",'-. .t" "-' " "",'



tan(y) -3 0 _) (1)

where all quantities in (1) are evaluated at the separation point.
The equation for the streamlines (• = constant) reads:

"y 2 (x tan y - y) = constant (2)

where x is the distance downstream of separation.
The shear stress is zcro at y = y1 for which:

y. x tan y (3)

, The velocity component u equals zero at Y2 for which:

Y2Y -x tan y-

Hence (when Y3 denotes the distance to the wall of the separation
streamline):

"yYl : Y2 : Y3 = : 2 : 3 (3)

The pressure gradient is at an angle 1/3 y with the wall and hence for
thin bubbles, where y is small, the pressure gradient normal to the wall
is small so that the boundary layer equations might still give a
reasonable result.
If we start from the boundary layer equations and assume small value-, of
u and v we can also arrive at the previous results. Here it is assumed a
priori that ?p/?x is indepent of y. The result (3) also follows from the
expression for the velocity profile in the form:

- " • ) • + m(4)

which is valid for a sufficiently small neighbourhood of the wall, not
necessarily near the separation point only. From (4) it follows that the

stream function q, is given by:

U o ' + m (5)

From (5) we find that k 0 for y = 0 and for:

- y 3 /O -31/m (6)

furthermore:

y 2 /0 = -2z/m (7)

y-/m (8)

Hence eq. (4) reproduces (3). In what follows we will sometimes use g
* y,/0 as shape factor for the velocity profiles with reversed flow.

A analogous behaviour is shown for solutions with reversed flow of the
Falkner-Skan equation:
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F"' + FF" + W(1-F' 2) : 0 (9)

This equation describes the similar solutions corresponding to the
pressure distribution:

m1
U Ix (10)

where uI and mI are constants (x is here measured from the origin of the
flow.
In (9) F is the non-dimensional streamfunction, primes denote differen-
tiation w.r.t. non-dimensional y; p is the pressure gradient parameter
related to mI by

2 m1

(M+ 1)

For p > 0 equation (9) only allows solutions with positive skin fric-
tion; for 0 < p < -. 198838 solutions with positive and negative skin
friction are possible; 0 = -0.198838 represents the separation solution.
Extensive tables of solutions with positive skin friction may be found
in [24]. Some of the reversed flow solutions have been calculated first
by Stewartson [25]. Table 1 gives some improved results obtained at LSL.
It follows from the table that with a good approximation y2 /Y3 = 2/3 and

g = y3 /O = -3./m as for the velocity profile (4). It should be noted

that at the end of the table, corresponding to velocity profiles which

Y2 Y3 3.z
. nH L 33"

-. 198838 0 .06815 4.029 .8218 .667 0 0
-. 18 -. 0545 .05601 5.529 .7343 .667 2.917 2.920
-. 10 -. 0545 .01503 12.62 .3308 .678 10.665 10.000
-. 05 -. 0258 .00283 28.096 .1190 .698 25.748 27.350
-. 025 -. 0106 .00051 59.821 .0418 .721 56.478 62.353

Table 1: Some results for reversed flow solutions of eq. (9).

are found far downstream in a separation bubble, extremely large values
of the shape factor H occur. This is due to the strong increase in 6*
which in turn follows from the thick region with reversed flow. Because
the velocities in the senarated region remain very small it may be
expected that eq. (2) remains valid within a separation bubble at
appreciable distances downstream of separation. This is illustrated byfig. 2 in which measured streamlines from a smoke picture of a separa-

tion bubble [101 are compared to results of a calculation using eq. (2).
It should be noted that t'ie streamlines can only be calculated when y is
known. In this case the value of y was taken from the smoke picture.
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3. RESULTS OF FLOW VISUALIZATION STUDIES OF
LAMINAR SEPARAlION BUBBLES

When a boundary layer calculation is performed for a prescribed pressure
distribution, generally a singularity will occur at separation for which
the wall shear stress T tends to zero like the square root of the

distance to separation (Goldstein, [261). In this case eq. (1) would
predict a separation angle y of 90 degrees, which is obviously in con-
tradiction with experimental evidence. Usual ways to proceed with the
calculation through the separation point, are to use the Navier-Stokes
equations or at least a strong interaction model coupled with the
boundary layer equations.
An alternative way was followed at LSL, in order to develop an engineer-
ing method for the calculation of separation bubbles. An extensive
series of flow visualization studies was made in the hope that a
sufficiently general empirical relation might be found from which the
separation angle y can be determined as a function of the boundary layer
characteristics upstream of separation. Once y is known the separated
flow might be calculated using simple methods.
A first series of results has been reported in (9]. Measurements were
performed on seven different model configurations in three different low
speed windtunnels. The flow was made visible by means of tobacco smoke
introduced into the separation bubble. The shape of the front part of
the bubble was determined photographically, from which the separation
angle y could be measured.
The results are shown in fig. 3, where measured values of tan(y) are
plotted vs. the corresponding value of R0 at separation. It follows that

a reasonably unique relation exists between y and (R o)sep which can beapproximated by

tan(y) = B/(RO)sep (12)

with a value for the 'constant' B of about 15 to 20.
Later [10], similar experiments have been performed on a Wortmann FX 66-
S-196V1 airfoil (series 1 in chapter 7); results are given in fig. 4.
For these experiments the chord Reynolds number was reduced to such low
values that bursting of the bubble occurred. It follows from fig. 4 that
even after bursting relation (12) remains valid. In the LSL airfoil
computer program, equation (12) is used with a constant mean value for B
equal to 17.5.
When the separation streamline for a curved wall is plotted in boundary
layer coordinates, where distances are measured along and normal to the
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Fig. 3: Separation angles from 19]. Fig. 4: Separation angles from [10].

wall, respectively, the dividing streamline in the laminar part of the
bubble is reasonably straight or slightly curved Upwards (fig. 2). This
finding has been used [9,10,11] to develop a simple calculation
procedure for the separated laminar flow. This method employs the Von
Karman momentum integral relation and the first 'compatibility condi-
tion' of the boundary layer equations. This condition relates the
curvature of the velocity profile at the wall to the streamwise pressure
gradient. The following additional assumptions are made.

- The angle y can be determined from (R ) by an empirical rela-
tion such as (12) with B = 17.5. sep

- The 'separation streamline' has a prescribed shape in the laminar
part of the bubble.

- The reversed flow velocity profiles can be represented by the
Stewartson second branch solutions of the Falkner-Skan equation.

It should be observed that the pressure distribution in the separated
region is not given a priori but it follows from the calculations. In
other words: the pressure distribution is determined such that the
assumed shape of the separation streamline is compatible with the other
assumptions and with the equations used. Initial conditions which are
required to start the calculation at the separation point are 0 and U.
These conditions follow from the boundary layer calculation upstream of
the separation point.
The above mentioned method has been used for some time in the LSL
airfoil computer program. The resulting pressure distributions were
always found to be very similar, showing the characteristic flattening
in the laminar part of the bubble (fig. 1). At a later stage, the

pressure distributions have been directly derived from a universal
relation which is based on a combination of experimental evidence and
calculations (see chapter 4).

4. A POSTULATED UNIVERSAL DESCRIPTION OF THE LAMINAR
PART OF THE BUBBLE

In order to arrive at a universal model of the laminar part of the
bubble we start from the boundary layer equation:
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Lu+ u L dp + --u (13)Sa y2

and the continuity equation:

bu 4- 6v 0 (14)

It seems reasonable to assume the validity of (13) even within the
separated region if only we refrain from prescribing the pressure
distribution. The pressure gradient term in (13) can be related to the
velocity U at the edge of the boundary layer using the Bernoulli equa-
ti on.
We now make (13) and (14) non-dimensional by using esep as a character-

istic length and Usep as a characteristic velocity. Taking again x as

the distance downstream of separation we now define:

(RO) sep = (Usep esep/v)

y Y/e •u/Usep U/Usep (15)

x/(6sep Rsep = (v ROsep )/Usep

Note that in non-dimensionalizing x and v a factor (R ) has been

used. This is to obtain values of F and v with a reasonable order of
magnitude and moreover to arrive at the following equations which do not
contain the Reynolds number explicitly:

u + v - + 8 (16)

0 + (17)

If now we make the following assumptions:
a. U U/U is a universal function of F downstream of separa-

"tion. s
b. All velocity profiles at separation are the same when plotted as

u/U vs yle
sep sep

- Then equations (16) and (17) and the corresponding boundary conditions
are always the same leading to a universal solution. From this it would
follow that

%-"• U/U sep' 0 sep' Y3 /0 sep and g = Y3/

are universal functions of F,. It should be stressed that the available
experimental evidence to support assumption (a) is scarce and scattered.i•_• Moreover the assumption (b) may be questioned, because the various
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separation profiles certainly show a variation of the shape factor H
[10,27]. Nevertheless we will proceed on this line because it will lead
us to a useful frame of reference to present further experimental
resul ts.
If 9 = Y3 /0 is a universal function of 6, then we find (note that g = o

at separation):

tan y = = d -3 (R8
(dxx= d, dxlx=0O W (180 sep

With . equal to a universal constant, say B, we retrieve our

experimental relation (12).

From a limited number of experiments we derived the following relation
for a as a function of r,:

0 U/Usep : 0.978 + 0.022 e- - 2.5 2  0 < 1.3333
(19)

= 0.978 1.3333

Using the momentum integral reldtion and some relations between charac-
teristic parameters for the Stewartson boundary layers, we derived the
following relation for 0 in the bubble:

= o/es (1 + 1.52 (1 - (I - 0.75 &)4)l,25 0 < r < 1.3333Sep
(20)

1.1935 > 1.3333

Both equations (19) and (20) are at present used as a standard in the
LSL airfoil analysis and design program. Because these relations are not
based on sound theoretical or experimental evidence, it is planned to
investigate the subject of the present chapter in more detail in the
future.

5. THE en METHOD FOR TRANSITION PREDICTION

The en method for transition prediction for attached flows was developed
in 1956 independently by Smith and Gamberoni [6] and Van Ingen [7]. The
method was extended by Van Ingen to the case of suction [28] and
separated flows [10,11].
The method employs linear stability theory to calculate the amplifica-
tion factor cy for unstable disturbances in the laminar boundary layer
(a is defined as the natural logarithm of the ratio between the ampli-

tude of a disturbance at a given position to the amplitude at neutral
stability). It is found that at the experimentally determined transition
position the calculated amplification factor for the critical disturb-
ances attains nearly the same value (about 9) in many different cases
for flows with low free stream turbulence levels. To include the effects
of higher free stream turbulence levels, the critical amplification
factor was made dependent on the turbulence level by Mack [29] and Van
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Ingen [10,11].
To obtain the critical disturbance, calculations are made for many
different disturbance frequencies; the envelope aa of the a-x curves for
these different frequencies is used as the critical amplification factor
controlling transition. Denoting the value of a at transition by n, it
follows that the calculated ratio of the amplitude a of the unstable
disturbances to the neutral amplitude a is given by:

0n

a/ao = e (21)

This of course explains the name of this semi-empirical method. It is
customary at LSL to use a instead of n.a
In linear stability theory a given two-dimensional laminar main flow is
subjected to sinusoidal disturbances with a disturbance stream function:

S= t(y) ei(ax-t) (22)
For the spatial mode w is real and a is complex a = r + i ai. This

leads to a factor e in the disturbance amplitude and a follows from:
6x

f "ai dx (23)

where x0 is the streamwise position where the disturbance with frequency

w is neutrally stable.
All stability data obtained from [30,31,32] and some additional inviscid
stability calculations at LSL [10] (fig. 5), have been reduced to a
table containing about 300 numbers.
Using this table, the amplification rate -a1 can easily be obtained for

any velocity profile, as soon as the critical Reynolds number is known.
At LSL a boundary layer calculation method is used [10] which for
attached flow is similar to Thwaites' method. It contains an extra para-
meter however, which makes the prediction of the separation position as
accurate as for Stratford's two-layer method [33). In separated flows an
integral method is used in which the shape of the separation streamline
is prescribed. Both for attached and separated flow the primary profile
shape parameter is m/msep. The critical Reynolds number is a function

of m/minp; this function is assumed to be equal to that obtained for thesep
Falkner-Skan solutions.
It is clear that a is a function of x and w for a given boundary layer;

a can be calculated as soon as stability diagrams are available for the
velocity profiles for successive streamwise positions x.
Since transition occurs in a region rather than in a point, Van Ingen
introduced two values of aa namely a1 and 02 [10] corresponding to
beginning and end of the transition region. The values of a, and a2
depend on the free stream turbulence characteristics.
Although it is clear that the initial disturbances cannot be sufficient-
ly characterised by the r.m.s. value of free stream turbulence alone, it

97

."- - . •-. .`.`..v.` `



00
A.-I

05.. ... ,.. .. 01

.05
00

031 - .03u 10____

_____________________,,___ ___________ --..,______________ I_ _ _ 00 .025 .050 .075 .,oo .,25I 0 02S 050 IYIS .1 f 10,...0 50\ -- 4

U U

! a) Attached and separated flow. b) Separated flow.6•.. Fig. 5: Inviscid instability for Hartree's and Stewartson's velocity
•,• ~profiles. For attached flow -..9 0 for p 0 , for comparison the

viscid instability is shown for (3 -Le 0ad.10whnRi bt10.

K• maysra be tublneattempted tou fi~ind a%) relation between aI, o•_ and the r.m.s, free

|• ~In many different papers relations between Tu, Re or Rxat transition
i have been given for the flat plate. The measured transition positions
•;• may be converted to %a-values. Then o. will decrease when Tu increases;

02

I•Z,+.fig. 6 shows a collection of these data; for Tu > 0.1% the relation used

•Zby Mack in fig. 3 of [29] can be approximated by: (5

02 = .1 -16.801o u(4

02 = -61810og T (25

0 For values of Tu < 0.1% there is much more scatter because in this
region sound disturbances may become the factor controlling transition
rather than turbulence. We may also use the relations (24) and (25) for
Tu < 0.1%; but then we should define an aeffective' value for Tu. Of
course this does not solve the problem because we can only define an

'efectveTu' for a wind tunnel after transition experiments have been
made in that same tunnel.

90

'-S. -,...

• "* + "• " +" °• " = " " ." -' -" . + . w + , . . + =" • + " + " " - " -" .• • • " " • " • - • • 0"":• ,' " • ++' +'• .r ,e .+ 0 L " a" "' .025 .050"-'• ¢ " " ,"+. '. ' . . - .. .,+ • ' . 0-7.- 5.- +, ' ." 0 . 1.2." .' ... . , . ' .' ",



0

Fitg. 6: Relations between a1, a2

and Tu for the flat plate.
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In the LSL airfoil program we use the mean value of a, and 02 which is
called uturb to predict a 'transition point' where the turbulent

boundary layer calculation is started.
P The value for Tu which is used, Is based on calibration calculations

using available transition experiments in different wind tunnels and in
free flight of gliders.
At present we use values according to table 2 [12).

Facility Tu (M u- aturb

NACA LTT and similar tunnels 0.10 9.75
Advanced low turbulence tunnels 0.06 11.2
such as at LSL
Free flight of gliders 0.014 15.0

Table 2: Tu used for different facilities.

0n
Application of the e method requires the evaluation of eq. (23) for a
range of reduced frequencies wv/U 2 ; this is done on a routine basis in
the LSL airfoil program. For separation bubbles a short-cit mrthod was
developed [10,11] which is thought to provide a reasonably accurate
first estimate of the transition position in the separated 'low at
rather low values of the Reynolds number, where no appreciable amplifi-
cation occurs prior to separation. This short-cut method will be
described in the remainder of the present chapter.
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Starting from (23) and using the non-dimensional coordinate • we can

° = f "-i dx (Re)sep f.-T- -- dr 
(26)

The non-dimensional frequency we/U may be written as:
WON = (W Osep/Usep)(e/ep)(U/Usep) (27)

Then, using the results of chapter 4 that U/Usep, / and the shape
ep /sepanthsap

factor may be taken as universal functions of &, it follows that for
each frequency the integral in (26) is a universal function of &. Then,
also the envelope of the integrals for the different frequencies is a
universal function of &. Hence we can write:

(Re)sep F(F) (28)

where F(C) is a universal function of ý which may be determined from the
known relations between F,, g, 0 and the various stability data.
A simplified calculation can be made when it is assumed that in first
approximation in the laminar part of the bubble 0, U and R are constant0
and equal to their values at separation. Then constant values of Wv/U 2

also mean constant values of wO/U. Furthermore it may be assumed that
downstream of separation g is proportional to F. according to

g = B (29)

Hence (26) can be written as

(R
0- B f (-eiO) dg (30)

In [10] a different parameter z was used according to

z = g * msep (31)

so that (30) leads to:

= 10 Bsep [04 ) dz] (32)

10 f (-aj8 z
o 04B m

Sep

The powers of 10 have been introduced to obtain values for the integral

of a suitable order of magnitude. Similarly we can over a short interval
upstream of separation, assuming Y to be proportional to Xsep-X, perform
the integration w.r.t. i instead of x.
Now we make the further assumption that the Reynolds number is so high
that the stability characteristics are given with sufficient accuracy by
the limiting values determined from the inviscid stability equation.
Then -aiO only depends on the value of wG/U and the profile parameter 0
or z. Hence the integration w.r.t. z in eq. (32) can be performed once
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for all independentlý of (R ) sep or the pressure distribution for
different values of A/U. A similar result holds for the integration
w.r.t. I upstream of separation.
The inviscid instability for different values of 0 is shown in figs. 5a

and b. Values of 104 ' (-ie) dz are shown in fig. 7fT f t7yrt-
values of wO/U together with the envelope giving the maximum value I of
the integral as a function of z. Hence the maximum amplification factor
a follows from (32) in the form:

-a 4 (RB)sep (33)

Values of z and I for reversed flows may be found in table 3. According
to previous experience wi h the transition prediction method it may be
expected that transition will occur in practice as soon as the cal-
culated value of aa exceed, a critical value which is of the order of 9,

but will depend on Tu. Assuming a critical value of aa the transition

position may be found as follows. From the known values of (R )sepI
a sep'

msep. B and the critical value of a. we find from eq. (33) the value of

I at which transition will occur. Then table 3 gives the corresponding

1500

I.1~(ud z=g~m
.03 sep

1250 .2
1250o-.198838 0 127

, -. 198 .042 145

1000 -. 197 .061 154
og -. 195 .088 167

, -. 190 .134 190
750 0 - -. 180 .199 225

07 -. 160 .307 285
-. 150 .360 315

Soo -. 140 .420 348
-. 120 .556 422
-. 100 .682 483
-50 .. 075 1.107 659
-. 050 1.864 883
-. 025 4.249 1331

0 2 3 i- S

Z.g.m~c -.3~*
ep

Fig. 7: Amplification integral. Table 3: z and I as a func-
tion of the Hartree shape
parameter p for reversed
flows.
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value of z = g *msep; then eq. (29) and (31) determine the distance

between the separation and transition points.
At LSL we use this short-cut method to obtain a first estimate of the
transition position only. Subsequently we always perform the full ampli-
fication calculation where also the upstream influence is taken into
account. This may lead to a shorter bubble than follows from the short-
cut method.

Comparing (28) and (33) it follows that the function F(&) is related to
I according to:

1 F() = I/(B * m (34)
sep

Plots for I and 104 F(&) are shown in figs. 8 and 9. For small values of
F, and z we may use as a good approximation:

4
10 F() =70 + 530F,

(35)
I = 122.5 + 530 z

For large values of z and • we may use:

I = 650 Vz
(36)

104 F(&) = 491 /V

The linear approximation (35) will be used in chapter 7 as a frame of
reference for some further experimental results.

12500

I11 2 2.5+530z 0

104 F() /
0/ 1 1.iner approxima-/

.. ,104 F(t -7onon ••.
75 I Y 1500

1-650/z -050

/ -envelope from fig.7 250

0 4 2 3 9 5

- z 0 0.5 1.0 1.5
sep

Fig. 8: The integral I and Fig. 9: The function F(&) and
approximations (35) and (36). approximations (35) and (36).
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The square root approximation may be brought in a familiar form, which
has been used by previous writers to present their experimental results.
It should be noted that (36) completely neglects the amplification
upstream of separation but is rather accurate for large values of z.
Combining eqs. (33), (36) and (29) it follows that the position of
transition Xtr follows from (take Xsep - 0):

x 02 108 B m 237 oa2 B
a sep a 2  p(7

sep 6502 (R )sep (R isep

Using as mean values B - 17.5 and msep - 0.10 we find:

Xt 415 a2 a.o1 2 4
x tr 5 a2 .0415 C2 -04(8

O sep Ra R
sep Rsep 0Rsep

Horton [35] used the following relation
"J1
SXtr 104

-C (39)
.sep fRo)sep

with values of C ranging from 3 to 5. This range of C values corresponds
to aa values between 8.5 and 11. It should be noted that (36) and hence

(39) can only be used when transition occurs rather far downstream in
the bubble; that means it is a very low Reynolds number approximation.
It would lead to the unrealistic result that, with increasing Reynolds
number the bubble would only disappear at infinite Reynolds numbers. At
the higher Reynolds numbers it should be expected that (35) is a better
approximation.
It should be stressed again however that all approximations discussed in
this chapter are based on the assumption that no appreciable amplifica-
tion occurs upstream of separation. Only the full amplification
calculation which we use in the LSL airfoil program will give a proper
"prediction of transition.

6. POSSIBLE METHODS TO PREDICT BURSTING OF THE BUBBLE

A number of methods may be used to predict whether reattachment of the
shear layer will occur downstream of transition. A few of these methods
will be briefly described in this chapter; some experimental checks will

* be given in chapter 7.
I n [47] Crabtree observed that there seems to be a maximum limit to the
pressure rise which a reattaching turbulent shear layer may overcome.
From a number of experiments he deduced that the pressure coefficient

U 2
R* c=1-(-) (40)Us

So
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is nearly constant for short bubbles about to burst; the constant value
he suggested was 0.35. Since it seems better to correlate different

experimental results on the pressure rise between transition and re-
attachment we will use a slightly different coefficient acr defined by:

7cr - (R) (41)
UT

If eq. (40) or (41) is to be used to predict whether reattachment will
occur, the value of UR at the possible reattachment point has to be

known. In a first approximation this may be taken from the pressure
distribution which would occur without the bubble being present, at the
position Xtr (the 'inviscid pressure distribution').

In £35] Horton gave a method to predict whether and where reattachment

may occur. This method is based on the simple criterion that(

constant = -. 0082 for all turbulent shear layers.
Gaster [36] defined a bursting limit for the maximum value of the mean02
pressure gradient over the bubble - Sep as a function of R see

fig. I and also chapter 8). V AX a sep
A simple criterion for bursting was found at LSL to be provided by
Stratford's zero skin friction limiting pressure distribution £34]. This
is the adverse pressure distribution which a turbulent boundary layer
can just negotiate without separation. This limiting pressure distribu-
tion curve, starting at the measured transition point T (fig. 1) can at
low Reynolds number fail to cross the 'inviscid pressure distribution
curve'. This means that the requested pressure rise is more than the
Stratford pressure recovery can provide and hence bursting occurs. For
our experimental results on a Wortmann airfoil (chapter 7) this gave a
very good prediction of the bursting Reynolds number.
In the airfoil design and analysis program at LSL we use at present the
Stratford curve in a standard method to predict bursting.

7. SOME FURTHER EXPERIMENTAL RESULTS

Some further experimental results were obtained on a few different con-
figurations [11]. In what follows these will be referred to as:

Series 1: Wortmann airfoil FX66-S-196 VI, a = 1 degr in a small noisy
tunnel.

Series 2: The same Wortmann airfoil but now on a larger scale in the
large lcq turbulence tunnel at LSL.

Series 3: A circular cylinder with a wedge-shaped tail in the large0 tunnel (one of the configurations of [9].

Series 4: Same as series 3 but noise from the small tunnel recorded on
tape and replayed in the test section of the large low
turbulence tunnel.

Fig. 10 shows pressure distributions for series 1 for various chord
Reynolds numbers. Below Rc = .118 * 106 bursting is seen to occur.

Separation angles y for this case were shown in fig. 4 already. Fig. 11
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Fig. 10: Pressure distributions for Fig. 11: Bursting parameters for
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gives results for series 1, plotted in the way of Crabtree and Gaster;
the figures indicate that a reasonable prediction of bursting would have
resulted from both methods. Figs. 12a and 12b show the pressure
distribution for the highest R and for the lowest Reynolds number

"before bursting occurs. Indicated are predictions with the method
referred to in chapter 3 for B = 15 (note that at present we use B =

* 17.5). Furthermore the critical curves according to Horton and Stratford
are indicated. Bursting occurs as soon as the critical curves do no
longer cross hhe 'inviscid pressure distribution'. It follows that at
R = .118 * 10 bursting is nearly reached.
T~e length of the laminar part of the bubble (the distance between S and
T in fig. 1) is shown for all series in fig. 13, plotted in a conven-

-* tional way. There is a large scatter which is partly due to experimental
iWV error but certainly also due to the different 'effective turbulence

levels' Tu in the various experiments. The grid, shown in fig. 13 is

based on equations (28), (35) and (25); it should represent the effect
of Tu.
A better idea of the experimental scatter follows from fig. 14 where

* only the results for series 2 are shown. The vertical bars indicate
errors in Ax of ±0.5% chord; hence the total length of the bar corre-
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Fig. 12: Pressure distributions and critical curves for bursting for two
cases; series 1.
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sponds to 1% chord). With increasing R sep the scatter band widens. A

better way of plotting is suggested by the linear approximation,
discussed in chapter 5. As an example fig. 15 shows a replot of fig. 14
but now in the variables of chapter 5. The scatter band now has a more
constant width; moreover the trend appears to be linear in accordance
with the linear approximation in fig. 9 and equation (35). In fact this
approximation was developed after the results of fig. 15 had been
obtained. A compilation of the results for all series in the improved
plot is given in fig. 16. Note that, although there remains some
scatter, the experimental points seem to follow the linear trend for
constant Tu (and hence constant a) as indicated by equation (35).

S10 4 Tul 0

75 Rsep 75 series 1 2

TU% 0.2 R 0 series 2 1
Rsep 03 series 3 .074 12

dA series 4 .051 13

0.24 15 035 450 :0.O 7 1 6 50.024 15
5Oi 17 50.017 16

*~.1 1./' .11 1

25 2

0 Ax Ax
5 0 eRse

.se,'_ __0 , ___ Sep ,

1.5 0 .5 .01.5

Fig. 15: Results for series 2; Fig. 16: Results for all series;
improved plot. improved plot.S

8. SOME CONSEQUENCES FROM THE SIMPLE BUBBLE CALCULATION PROCEDURE
In previous chapters we derived a number of elements for a simple short-
cut bubble calculation procedure using the reduced streamwise coordinate

_ •,. The non-dimensional edge velocity 0 and momentum loss thickness
follow from equations (19) and (20). For a given effective turbulence
level Tu, the critical amplification factor follows from a using
equation (25). Then the value of F at transition follows from (?8) and
(35) for a known value of (Re) The Stratford limiting curve starting
"at T is uniquely determined by R0 at T which follows from 0 and 0 at T.

As an example fig. 17 shows results for Tu = 0.1%. If a linear 0(&)
distribution is assumed for the inviscid pressure distribution between S
and R, possible bursting conditions follow from tangents to the
"Stratford curves going through S. From the points of tangency values for
Crabtree's and Gasters parameters can be obtained. Note that Gasters•'.- paameer P- 0 AUdU

parameter P S A- is equal to for the linear distribution.
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simple procedure.

Repeating this procedure for various values of Tu produced the results
indicated in figs. 18 and 19. Fig. 18 gives the modified Crabtree para-
meter, equation (41), as a function of (Re0) sep frvrosT.I
follows that indeed the pressure recovery coefficient is very nearly
constant for a given value of Tu, except at the very high turbulence
levels.
Fig. 19 gives Gasters parameter for various Tu as a function of (R e~sep&
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the limiting curve given by Gaster in [36) is indicated in the figure.
It follows that the present method reproduces Gasters curve for Tu about
equal to 0.2%.

9. MORE DETAILED INVESTIGAT!ONS OF THE BUBBLE FLOW

In applications of the LSL airfoil program it was found that at low
Reynolds numbers the program underestimates the airfoil drag. This is
due to using improper starting conditions for the turbulent boundary
layer calculation downstream of reattachment. Therefore a more detailed
investigation of the flow in separation bubbles was started. Lack of
space does not permit to discuss this in detail.

Some results of boundary layer measurements with a traversing total head
tube for the Wortmann airfoil (series 1) are shown in fig. 20 (27]. It
is seen that a strong increase of e between T and R occurs. It also
follows that early tripping of the boundary layer may reduce the down-
stream value of e and hence also the drag.

, ,I ,., •a,

2 2

1 . / I,.

40 50 60 70 80 90 0oo 40 50 60 70 sO 90 100
i s/c z SiC

(a) O(x) for three values of Rc; (b) The effect of tripping on e(x)
0.154 * 106; 0.218 * 106; at Rc = 0.154 * 106.

Fig. 20: Results of boundary layer measurements for the Wortmann airfoil
(series 1).

Similar results for the HQ 17/14.38 airfoil, now obtained using a single
hot-wire, and including turbulence intensity are shown in fig. 21a and
21b. A detailed discussion of these results may be found in ¶20). Wall

shear stress distributions were also obtained using Preston tubes.
Measurements with cross-wirps in a boundary layer channel have shown
[38] that the turbulent shear stress downstream of reattachment is much
larger than would be predicted by the usual mixing length models. A
research program on the development of turbulence through separation,
transition and reattachment is being started at LSL.
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'•"",formed in the Low-Speed Low Turbulence Wind tunnel of LSL.Fig. 22 shows the measured characteristics of a well-known airfoil

designed by Eppler for model airplane application, E 205. The measuring
technique is briefly described in [43]; a model w-th-span 0.75 m and
chord 0.15 m was suspended between two reflexion plates at the tips and
with one tip connected to the wind tunnel balance system. The lift was
measured with the balance system, the drag was measured with a wakc rake

i• connected to a sensitive Mensor Quartz manometer.
Oil flow patterns and stethoscope measurements show that the flow on the
lower surface is laminar at angles of attack higher than about -2 degr.
At lower angles of attack transition moves forward rapidly and a laminar
separation bubble appears near the nose of the airfoil. Large laminar
separation bubbles are present on the upper surfare of the airfoil. For
instance at a = 5 degr. and Rc = * 105 laminar separation occurs at

25% c, transition at 62% c and reattachment at 70% c. At Rc = .6 * 1U5

the separated boundary layer fails to reattach on the airfoil surface
between a = 2 degr and roughly 8 degr (hysteresis). At higher angles of
attack there is a laminar separation bubble on the forward part of the
airfoil and turbulent separation on the rearward part at all Re-numbers.
The flow behaviour and characteristics of this airfoil are very similar
to E 387 [43) which was also me;%sured with a 0.6 mm trip wire positioned
10% c in front of the airfoil and 2.7% c below the chord line. This

* 11kXl
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Fig. 22: Measured aerodynamic characteristics of airfoil E205.

position of the wire, which guarantees attached flow at Rc = .6 * I05,

was obtained by translating the wire in front of the airfoil at several
angles of attack. Similar results may be expected with a trip wire in
front of airfoil E 205.

Fig. 23 shows some measured characteristics of another low Reynolds
number airfoil, E 61, measured in the same way [44]. Again, the flow on
the lower surfac-e-s laminar at angles of attack higher than 1 degr. At
decreasing angles of attack transition moves forward rapidly and a
laminar separation bubble appears on the first 20% c at 0 degr and -1

-. degr. At -1.5 degr angle of attack a long bubble extending to about 60%
c is present. On the upper surface reattachment fails at angles of
attack below about 6 degr. At 6.5 degr a laminar separation bubble is

* present between 50% c and 85% c while turbulent separation occurs at 95%
c. At increasing angles of attack the bubble decreases in length and
moves forward, as does the turbulent separation position.
To provoke transition, single frequency sound was radiated perpendicular
to the upper wing surface; the sound pressure level (SPI) at the wing
surface was measured at the actual wind speed. At 4.8 degr angle of

* attack the sound pressure level and frequency (estimated from boundary
layer instability calculations first) were varied systematically. The
most effective sound frequency was 300 Hz at R = .8 * 105 (and 145 Hz
at R = .5 * 105). Fig. 23 shows the effect of both frequencies and SPL
104 SB on the characteristics. Fig. 24 shows an example of the effect of

- the sound pressure level on the lift and drag, indicating the sensi-
* tivity of the flow and hence the measured airfoil characteristics for

sound disturbances in the tunnel flow.
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In the next examples the results were obtained by pressure measurements
with models spanning the height of the wind tunnel test section (height
1.25 m, width 1.80 m).

Fig. 25 shows some results of the Liebeck LA 5055 airfoil [45). To
prevent early separation near the tunnel walls, suction was applied in a
small region on the walls along the upper surface. The airfoil, designed
for C = 1.04 at a = 4.82 degr and R - 0.6 * 106, has a distinct In-
stabifity region between 27% c and f7% c upper surface, as shown in the
potential flow pressure distributions. However (detrimental) laminar
separation bubbles are present at R= 0.5 * 10• (and Rc = 1 * 106, not

shown here) as shown in the measured pressure distributions. The flow on
the lower surface is laminar at angles of attack higher than 2 degr.
A strip of tape, height 0.25 mm and width 11 mm, positioned at 39.5% c,
shows improvement at lift coefficients below 1.25. A zig-zag form, cut
from the same tape (the idea was to strenghten the tendency of the
Tollmien-Schlichting waves to become three-dimensional by matching the
zig-zags to the expected spanwise wave length) shows a remarkable tim-
provement, positioned at 39.5% c and 37.5% c. Similar results were ob-
tained at R. = 1 * in'. In fact, no better results could be obtained

6I with tape with digged-in bumps every 5 mm span of heigth 0.65 mm or 1
mm, positioned between 39% c and 47% c.
Finally, it is mentioned that the maximum lift coefficient of 1.61 at
Rc = 1 * 106 could be raised to 2.27 with semi triangular vortex
generators [46) positioned at 20% c, despite of the very steep Stratford
type pressure distribution on the rearward part of the airfoil.

Fig. 26 shows results of measurements on the DU 80-176 airfoil, designed
at our institute for sailplane application J14T.T Oil flow patterns
indicated the absence of a laminar separation bubble on the upper sur-
face at practical combinations of lift coefficient and Reynolds number,

13
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Fig. 26: Drag polars and potential flow pressure distribution of airfoil
DU 80-176; effect of pneumatic turbulators.
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and the existence of a pronounced laminar separation bubble on the lower
surface downstream of the pressure rise at 65% c, as intended. This
bubble was eliminated and the drag reduced, fig. 26, by using pneumatic
turbulators at 65% c, i.e. blowing a small amount of air through
orifices periodically spaced in spanwise direction [20). They function
like roughness with adjustable height [161.
A slightly more cambered version of this airfoil was applied in
modifying the wing of an existing high performance sailplane just by
adding material to the surface. An air intake nozzle for each wing half
with a diameter of only 6.5 mm was needed for the 870 pneumatic turbula-
tors to do their job. Flight performance measurements before and after
the wing modification showed an improvement of about 5% in glide ratio
over the entire flight speed range.

- Several types of high performance sailplanes are provided with pneumatic
turbul ators nowadays.

Another airfoil for sailplane application, HQ 35/12.29, designed by K.H.
Horstmann and A. Quast of DFVLR Braunschweig twest-Germany), is shown in
fig. 27. This 12.29% c thin airfoil has a camber changing flap of 13.5%
chord length. In actual practice this flap extends along the whole span
of the sailplane wing. Very long laminar flow regions are present on
both the upper and lower surface as shown in the measured pressure
distributions. Due to the stability of the laminar boundary layer and
the pressure rise on the rear of the airfoil, laminar separation bubbles
are present again. Fig. 28 shows the drag decrease obtained with zig-zag

-to Ie- to11m . 4 ODIef Unlveraity of g chf nologf

*.I ,.@� �Low Speed Labaoftory_

ILI P.. 16 IL as
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I) "

•.Fig. 29: Measured aerodynamic characteri sti cs of airfoil HQ 35/12.29
• with zig-zag tape at 69% c upper surface and 83% lower surface.

117



tape, mentioned before, at 69% c on the upper surface and 83% c on the
lower surface, and fig. 29 presents the airfoil characteristics with
these triggering devices at several practical combinations of Reynolds
number and flap deflection.
The concave corner in the upper and/or lower surface contour at the flap
hinge leads to local separation of the turbulent boundary layer.
Systematically filling and rounding of this corner did not result in a
drag reduction. More research is needed to exploit this phenomenon.

11. NOMENCLATURE

The symbols used are the conventional ones. Only a few are mentioned
specifically below. Because the material of this paper is taken from
various existing papers, some symbols have more than one meaning.

B constant, eq. ( )
c chord length
F F(&), eq. (28) and (34)
g y 3 /8; shape parameter

H 6*/e
I envelope of 104 f (-a.19) dz

m )02 dU

2 -U Gasters parameter, fig. 1v Ax'

R U.C/v
C

R0 UO/v

s distance along wall
Tu turbulence level; %
U edge velocity
Up hypothetical inviscid flow velocity at the surface

U 'free stream speed

U U/U in figs. 10 and 12; U/Usep elsewhere

.d.p

AU seeof i g. 1
1%x distance along wall, in general measured from separation

point

x/c non-dimensional distance along chord
AX sometimes ST in fig. I
Ax sometimes SR in fig. 1
y distance from wall
A7 Yl y for T o

Y2 y for u= o

Y3  y for separation streamline
z g * m

a ar + iai

-ai spatial amplification rate

S 118



S

R Rc Uc/v
Re UO/v

s distance along wall
Tu turbulence level; %
U edge velocity
U hypothetical inviscid flow velocity at the surfacepo

U free stream speed

0 U/U in figs. 10 and 12; U/Usep elsewhere
AU see fig. 1 sep
x distance along wall, in general measured from separation

point
x/c non-dimensional distance along chord
AX sometimes ST in fig. 1
Ax sometimes SR in fig. 1
y distance from wall
y1  y for T = o

y for u - o

Y3  y for separation streamline
z g * mse

a ar + i1i

"-i spatial amplification rate

03 Falkner-Skan parameter

y separation angle (fig. 1)
6* displacement thickness
0 momentum loss thickness

0/0 sep

0 amplification factor; eq. (23)

aa envelope of a-x

01 a at beginning of transition

02 a at end of transition

aturb 0.5(a I + a2)
a Crabtree parameter, fig. 1
0cr modified Crabtree, fig. 1
W disturbance frequency

X =

esep (Re sep

Subscripts:

S, s, sep separation
T, tr transition
R, r reattachment

* 119



Falkner-Skan parameter
y separation angle (fig. 1)
8* displacement thickness
e momentum loss thickness

a amplification factor; eq. (23)

•a envelope of a-x

a a at beginning of transition

a2 a at end of transition

aturb 0.5(oI + 02)
a Crabtree parameter, fig. 1
`cr modified Crabtree, fig. 1
r disturbance frequency

x
es(R )
sep 0 sep

* Subscripts:

S, s, sep separation
T, tr transition
R, r reattachment
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ABSTRACT

An investigation of a simple criterion governing the length of a
separation bubble's laminar portion was conducted. This criterion
stated that transition occurs in a separation bubble when a critical
value of the Reynolds number based on the external velocity at
separation and the distance from the point of laminar separation was

* -exceeded. The focus of the present study was to determine the factors
influencing this criterion within the context of separation bubbles
formed on low Reynolds number airfoils. Using measurements of the
flow about a NACA 663-018 airfoil obtained at chord Reynolds numbers
ranging from 50,000 to 200,000, it was found that several factors
affect this criterion. These included the chord Reynolds number, the
angle of attack, and the free stream disturbance environment.
Finally, it was found that, for the turbulence levels considered (<
0.2%), turbulence intensity did not significantly affect the
transition Reynolds number.

INTRODUCTION

A separation bubble (Figure 1) significantly influences the
performance of subsonic airfoils operating at Reynolds numbers on the
order of 100,000. These conditions are nearly critical for attached
boundary layers. Thus, transition is unlikely to take place, and
laminar separation usually occurs. The highly unstable free shear
layer which forms downstream of separation provides a means by which
transition can occur, and the turbulent mixing which follows causes
reattachment through a momentum exchange across the viscous layer.
The separation bubble that appears as a result of the above processes
is therefore an almost essential phenomenon with regard to the
development of attached turbulent boundary layers on low Reynolds

* number airfoils. However, the increase in momentum thickness over the
length of the separation bubble is usually much greater than that
which would have occurred had the boundary layer remained attached.
Hence, a proportional increase in drag is associated with the
formation of a separation bubble. Furthermore, the increase in
boundary layer thickness due to a separation bubble may lead to

Spremature turbulent separation (Figure 2) and the accompanying
deterioration in airfoil performance usually associated with
stalling.
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Figure 1. Flow in the Vicinity of a Separation Bubble [8].

S- S

Figure 2. Sketch of the Flow Around an Airfoil at Low Reynolds
Numbers Showing the Separation Bubble and Turbulent
Separation Near the Trailing Edge.

Obviously, it is desirable to have the ability to predict the
effect of separation bubbles on airfoil performance. Several
numerical schemes have recently been developed which are capable of
doing this [1,2]. These methods involve an inverse formulation of the
boundary layer equation. The nature of this equation depends, of
course, on whether the flow being computed is laminar or turbulent.
Empirical relationships are incorporated into the programs for
determining the extent of the laminar portion of the bubble; i.e., the
location where the boundary layer equation must change from a laminar
form to a turbulent one. Since these empiricisms have been based on
separation bubble data obtained at high Reynolds numbers, there is
some doubt as to their applicability at low Reynolds numbers. In
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addition, these correlations do not take into account changes in the
free stream disturbance environment.

During the past year, the separation bubble formed on an NACA
663-018 airfoil at chord Reynolds numbers ranging from 50,000 to
200,000 was investigated using hot-wire anemometry and surface
pressure measurements. Data obtained under a variety of testing
conditions was used in this paper to examine the characteristics at
low Reynolds numbers of a frequently used transition model.

APPARATUS AND PROCEDURE

The indraft, low speed tunnel used in this investigation is shown
schematically in Figure 3. In order to achieve certain testing
conditions, this basic tunnel configuration was slightly altered
through the introduction of flow restricting devices.

l/' A nti 1lh'.n 11 1',A I,,,, Wit

""i w•lh , IiiI' A 1 1 w

13 1.14 1"t 150lO Q

Ilithti i

_n I owI "1,-,

Figure 3 Low Speed, Low Turbulence Wind Tunnel.

These devices consisted of a wooden frame packed with plastic drinking
straws. The flow restrictors, when used, were clamped securely
between the test section and the diffuser. The effect of introducing
one or two flow restrictors was to decrease the freestream velocity
and to increase the level of freestream turbulence. Part of this
increase in turbulence intensity has been associated with an increase
in the sound pressure level inside the tunnel [31. The freestream
turbulence intensities associated with the three tunnel configurations
used throughout this study are shown in Figure 4 [4].

All experiments were perfor-med using two NACA 663-018 airfoil
models. Both of these models had a chord of 250 mm and a span of 410
rmm. The first model was made of smooth gray epoxy and was used for
all hot-wire anemometry tests. The second model was equipped with 93
static pressure taps and was used to obtain airfoil pressure
distributions. This model was constructed with 46 upper surface and
46 lower surface taps with the remaining tap located at the leading
edge. The airfoil models were mounted horizontally between larqe side
plates in order to simulate two-dimensional flow conditions.
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Figure 4. Turbulence Intensity versus Test Section Velocity
for Various Tunnel Configurations t4J.

Static pressure distributions were obtained using the pressure

tap model and a series of pressure transducers and switching
mechanisms. The airfoil pressure taps were connected through tubing
to two Scanivalve main body devices. These devices were designed to
transmit the pressures to electronic manometers and to sequentially
"switch pressure passage from tap to tap. The analog-to-digital and
"digital-to-analog capabilities of an appropriately configured Digital
Equipment Corporation PDP 11/23 minicomputer were used to sample the
analog output of the manometers and to automatically step through a
complete circuit of pressure taps. Free stream dynamic pressures were
measured through a standard pitot-static tube placed upstream of the
model.

The boundary layer over the airfoil was surveyed in a two step
process using a Thermal Systems, Inc. hot-wire anemometry system. The
anemometer unit (Model 1050) was operated in the constant temperature
mode with a DISA type 55P15 single-wire boundary layer probe. The
probe was calibrated using a computer code (PDP 11/23) which
calculated a best-fit polynomial to represent the calibration data.
The first phase of hot-wire anemometry testing involved measuring the
mean and fluctuating velocity components of the boundary layer at 20
to 24 stations along the airfoil upper surface. The locations of
these stations varied depending on the size and position of the
separation bubble. Data acquisition software was again used to sample
the various analog outputs and to automate probe traversing. Once

velocity and turbulence intensity properties were acquired, energy
spectral data was obtained in the free shear layer downstream of
separation. Data was acquired at the points of maximum turbulence
intensity of each profile (points of inflection in corresponding
velocity profiles) at a sampling rate of 5000 Hz. This data was
ensemble averaged which produced a single time history from which
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0
energy spectral densities were calculated [4].

EXPERIMENTAL RESULTS

During the data acquisition phase of this investigation, the
V.." separation bubble flow field over the airfoil was surveyed for twelve

different conditions. These conditions were chosen in such a way that
the effects of chord Reynolds number, angle of attack, and disturbance
environment were isolated. In documenting the flow field, static
pressure distributions over the airfoil were obtained, and velocity
and turbulence intensity profiles were acquired at selected stations
along the airfoil upper surface. In addition, energy spectral data

. was obtained in the region of the separation bubble In order to
explore the stability of the laminar free shear layer. Collectively,

* this data was used to analyze the entire separation bubble flow field
[5]. The present discussion, however, is focused solely on a detailed
analysis of a single transition model. Only the experimental data
pertaining to this specific topic will be addressed in this paper.

Because pressure data was available at close intervals along the
airfoil upper surface, it was extremely useful in pinpointing the

* locations of the separation bubbles. As is evident in the
representative distribution shown in Figure 5, the bubbles formed on
the NACA 663-018 airfoil produced well-defined pressure "plateaus."
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S~Figure 5. Representative Pressure Distribution About the
S~NACA 663-018 Airfoil Showing the Location of

Laminar Separation and Transition.

_ For each testing condition, the point of flow separation was
* determined after a close examination of both the pressure and hct-wire

•:-" anemometry data. The external velocities at separation which were
,.".,used in calculating various parameters were obtained from the pressure
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data. The point of free shear layer transition was taken as the
downstream edge of the constant pressure region. This 'location was
confirmed by the corresponding hot-wire anemometry data which
indicated a large jump in the maximum turbulence intensity and a
broadband energy spectrum downstream of this station (5]. Thus, the
data provided a consistent indication of the laminar length of the
separation bubble which enabled a detailed analysis of an existing

* separation bubble transition model.

DISCUSSION OF RESULTS

"t•. A recurring hypothesis concerning the transition from laminar to

turbulent flow in a separation bubble is that there exists a constant
Reynolds number, R2 , based on the external velocity at separation.
(Ue)S, and the length of the laminar portion of the bubble, t. This
concept was first proposed by von Doenhoff more than forty years ago
[6]. He suggested that RX = 50,000 on the basis of experimental
measurements. In 1959, Dryden presented a review of the research
involving this transition length Reynolds number (7]. He reported
that experimentally determined values of Rl ranged from 2000 to as
much as 380,000. Factors appearing to contribute to this large

0 variation were body shape (pressure distribution), free stream
turbulence, and the chord Reynolds number. Despite these
observations, the notion of an invariant R, has persisted. Horton

-. used the concept in his model of separation bubble growth and bursting
[8). He defended the idea by questioning the accuracy of some of the
data discussed by Dryden, stressing the importance of using airfoil
models with closely spaced pressure taps if Rt was to be inferred from
pressure data. Using more recent data taken by several researchers
from Queen Mary College, University of London, he found that RE varied
from 30,000 to 50,000 and suggested that a mean value of 40,000 be
used. He speculated that the experimental variation in this data was
mainly due to the level of fluctuations present in the boundary layer
at separation. Young supported this argument in his survey of
separation bubble research [9]. On the basis of additional
experiments, he stated that as the free stream turbulence was
increased from a low level to about 0.35%, a relatively small
reduction in the laminar part of a separation bubble occurred, but

0 _j with an increase above this level a more marked effect was noticed.
In addition, he speculated that changes in the frequency content of
the turbulence may havw affected the results.

.- The transition models currently used in programs capable of
computing the flow in the vicinity of separation bubbles continue to
employ the notion of a relatively invariant transition Reynolds
number. Kwon and Pletcher [11 incorporated the following model into
their computational scheme:

F"(RS)T =.O607(RS)S + 33,185

"where RS was based on the distance along the airfoil surface from the
eS stagnation point. The experimental sources for this model are listed

in [I0]. Since fRS)T = (RS)S + R, the above correlation can be
rearranged into the following form:
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RX - 0.0607(RS)S + 33,185

Thus, R, is seen to be weakly dependent on (Rs)S. For a given
pressure distribution, the location of separation is fixed and a
linear relationship exists between R, and the chord Reynolds number.

Crimi and Reeves [11) based a separation bubble transition model
on an analogy to roughness-induced transition. They hypothesized that
transition would occur when a critical local Reynolds number was
exceeded which in turn depended on the height of the free shear layer
from the airfoil surface. Based on measuremepts correspondtnq to
chord Reynolds numbers ranging from 1.5 x 100 to 6 x 100, the
following transition model was developed:

aT6T/(61)S - 106/(RS1)S 2

where aT6T was the height within the bubble at which the tangential
velocity was zero, (81) was the boundary layer displacement thickness
at separation, and (R61)S was the Reynolds number based on (8)S and
the external velocity at separation. This relationship was also used
by Cebeci and Clark in their separated flow code [2]. Venkatesworlu
and Marsden [12) devised a similar criterion which involved the height
of the separation bubble at transition, hT:

hT/(61)S - 4.8 x 106/(Ra1)S 2

This correlation was also based on high Reynolds number data. The
difference between the constants can he partially explained by the
fact that hT > &T6 T (see Figure 1).

These height-related transition criteria can be used to argue
that Rt is constant if the following assumptions are made:

1. The bubble height at transition is proportional to the product of
i and tan Y, where y is the angle formed between the dividing
streamline and the airfoil surface.

2. tan y - B/(R62)S
This correlation was proposed by Dobbinga, et al [131 with B
ranging from 15 to 20.

3. There exists a unique value for (H12)S, the boundary layer shape
factor at separation.

Given the above assumptions, RE is related to the constant proposed by
Venkatesworlu and Marsden in the following manner:

RX = (4.8 x 106 )/(B x H12)S

For the Hartree separation velocity profile [14]. (H12)S 4.02922.
Assuming that B = 20, RZ is found to equal 5.9 x 104 which is
consistant with actual measurements. Of course, (H12)S does varysomewhat, depending on the pressure distribution [15]. The separation

angle parameter B also is a function of the pressure distribution
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(13]. Thus, the height-based criterion would lead one to expect that
R2 depends at least weakly on the pressure distribution.

The present data was used to determine the effect on RE of such
variables as chord Reynolds number, angle of attack, and the free

- stream disturbance environment. Figure 6 shows Rg plotted against the
chord Reynolds number Rc. The data is seen to divide into three
groups, each group corresponding to a particular wind tunnel
configuration. This suggests that free stream disturbances
significantly affect the value of Rz. Also, each group exhibits a
linear variation with Rc. This trend was predicted by the Kwon and
Pletcher transition model. However, the intercepts of all three

½\ groups are much less than the value 33,185 which resulted from the
high Reynolds number correlation. Thus, use of the Kwon and Pletcher
model would result for these cases in overestimating the length of the
separation bubbles.
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Figure 6. Transition Reynolds Number versus Chord Reynolds
Number for Various Tunnel Configurations [5].

Also evident in the data is an apparent angle of attack influence
on Rz. As the flow incidence increases from 10 to 12 degrees, a small
growth in Rz occurs. Sensitivity to the pressure distribution, and
hence the angle of attack, was anticipated by both the model of Kwon
and Pletcher as well as by the height-related criteria. However, no
particular trend in R6 versus angle of attack was predicted.

In an effort to sort out the effects of free stream turbulence on
the laminar length of a separation bubble, Rj was plotted versus the
free stream turbulence intensity (Figure 7). This graph possesses two
striking features. First, Rt. is seen to increase linearly with the
turbulence intensity. This appears to directly contradict the
observation that Rt decreases as the free stream turbulence intensity
increases [161. Apparently, the increase in chord Reynolds number
which accompanies the growth in turbulence intensity has an
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overpowering effect on Rt. This is not surprising if one recalls
Young's observation concerning the effect of turbulence Intensity on
R1. Thus, the trend noticed here might reverse for turbulence
magnitudes above some critical value.
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Figure 7. Transition Reynolds Number Versus Turbulence
Intensity for Various Tunnel Configurations.

The second important feature of Figure 7 is that for a given
value of turbulence intensity, multiple values of Rt can occur
depending on the wind tunnel configuration. This seems to imply that
some characteristic of the free stream other than the turbulence
intensity has a substantial effect on Rt. In fact, the Impact of this
unknown characteristic outweighs the effects of chord Reynolds number
and turbulence intensity for the conditions investigated. Factors
which might be influencing Rt are the frequency content of the free
stream turbulence as suggested by Young or the turbulence length scale
[16]. Also, the test section acoustic environment may be responsible.
An analysis of the energy spectral data may provide some clues as to
the identity of the unknown factor.

CONCLUSIONS AND RECOMMENDATIONS

A study has been conducted of a simple transition criterion often
used to predict the extent of laminar flow in a separation bubble.
This investigation was based on measurements of the separation bubbles
formed on an NACA 663-018 airfoil at low Reynolds numbers. The
transition criterion suggested that transition would occur when a
critical value of the Reynolds number based on the external velocity
at separation and the distance along the airfoil surface from the
point of laminar separation was exceeded. Based on the results of the
present investigation, it was found that the value of this critical
Reynolds number depended on the chord Reynolds number, the airfoil's
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angle of attack, and the free stream disturbance environment. This
confirmed the observation of researchers who studied the separation
bubbles formed at Reynolds numbers an order of magnitude higher. It
was also found that for the range of turbulence intensities considered
(0.026 to 0.184 %) the magnitude of the free stream turbulence did not
significantly affect the value of the critical Reynolds number.
Although the test section environment clearly influenced the maqnitude
of the critical Reynolds number, no single characteristic of the flow
was isolated. Possible candidates are the frequency content or the
length scale of the free stream turbulence; or perhaps the acoustic
environment. Further study of the free stream turbulence
characteristics Is needed.

In summary, the concept of a critical Reynolds number appears to

be useful for both high and low Reynolds number flows. However, the
influence of such factors as the chord Reynolds number, pressure
distribution and turbulence environment must be investigated further
before the characteristics of separation bubbles can be confidently
predicted.

NOMENCLATURE

* a fraction of boundary layer thickness corresponding
to the height at which tangential velocity is zero

B constant used in separation angle correlation
. C airfoil chord

p pressure coefficient, Cp = (Pi - Pfs)/Qfs
h height of the separation bubble
1H12 61/62
I• ST-SS

-P static pressure
dynamic pressure

SRc UfsC/v
"CR (Ue)SI/v
RRS (Ue)ýS/v

.. •2•R61 Ue61lv

6R62 Ued2/v
S distance along airfoil surface measured from the

stagnation point
!•,•+U vel oci ty

SX distance along airfoil chord

L"'-. Greek Symbolv s

separation angle formed between the dividing
streamline and the airfoil surface

-6 boundary layer thickness
*1 boundary layer displacement thickness

,82 boundary layer momentum thickness
"V 'kinematic viscosity

Subscripts

e edge of boundary layer
* fs free stream

I refers to pressure tap i
"S separation
T transition
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THEORETICAL AND EXPERIMENTAL STUDY OF LOW REYNOLDS NUMBER

TRANSITIONAL SEPARATION BUBBLES
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2 avenue Edouard Belin
31055 TOULOUSE Cedex - FRANCE

ABSTRACT

This paper presents a review of our work on transitional separation
bubbles. An experimental study in two-dimensional flows provided first
information about the effects of separation bubbles on the flow on the
upper surface of an airfoil, at low Reynolds number. A detailed study of
the transition mechanisms was also performed, and was very helpful in the
understanding of the phenomenon, while boundary layer surveys allowed us
validation of the calculation method.

This method is based on an inverse boundary layer calculation, as-
sociated with a local viscous-inviscid interaction. Transition being a
critical problem, an adequate criterion had to be developed. Extension

to three-dimensional infinite swept wing configuration is in progress.

1 - INTRODUCTION

The positive pressure gradient, downstream of the suction peak at
the leading edge of an airfoil at incidence, may, under some conditions,
induce large perturbations on the general pattern of the flow.

If Reynolds number (here Re = U c/v where c is the chord of the
airfoil) is large, the boundary layer-becomes quickly turbulent and is
not much affected by the gradient ; if Rec is low enough, the boundary
layer remains laminar and separation may occur, generally inducing a
transitional separation bubble.

Previous studies have already shown that the effect of this bubble
upon the downstream turbulent boundary layer is important and has to be
taken into account, in the determination of lift and drag characteris-
tics of the airfoil.

For that, we have carried out our study in two parallel directions:

- an experimental study of the separation bubbles, with a special
care on transition mechanisms

- a theoretical and numerical approach, in order to design a calcu-
lation method able to predict the evolution of the boundary layer
across a short separation bubble.
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2 - EXPERIMENTAL STUDY

2.1. Experimental Apparatus

This study was performed in a 300 x 400 mm2 subsonic wind tunnel.
Two types of models were used

- A 200 mm chord peaky profile (ONERA LC 100 D) which provided glo-
bal results about the effects of leading edge bubble and also some de-
tailed results about the transition process in long bubbles.

- A special model, called Enlarged Leading Edge (ELE). This model
corresponds to the leading edge of a 2 500 mm airfoil and is fitted with
a blown flap. Previous studies (R6f. /1/) have shown that the flow in
the vicinity of the leading edge is defined by the position of stagna-
tion point, which was fixed here for each Reynolds number, by a combina-
tion of model incidence (a), flap angle (ý) and blow rate. Because of
the scale of the model, a detailed study of short separation bubbles and
of the corresponding transition process could be carried out.

2.2. Global Results

These experiments have been performed for a wide range of Reynolds
numbers (8 10<Rec < 106) and incidence (3 < a < 90) (/2/).

An example of the velocity distribution deduced from wall pressure
measurements is presented in figure 1

U 2,S U,,",UYu 0 o80os LC 100 0
U *. 39.0 CL Figure 1

a 34,6 Velocity distribu-
0 13,0 tions in the leading

edge region

1,5 -

0 i

0 1 3 5 7,5 1) 1. 18 2 2 XJc( M

For this incidence, the two types of bubbles exist, depending on
Reynolds number. For short bubbles (Rec > 0.45 10), the velocity distri-
bution is close to the high Reynolds number one, except in a small domain
around the bubble, where the difference is however small. When decreas-
ing tunnel speed, a change in the velocity distribution occurs for a gi-
ven Reynolds number (here Rec O- 0. 4 5 10). There is a sudden increase in
the disturbed region, associated with a drop of the suction peak. This
corresponds to the classical bursting of a short bubble in a long bubble.

13.3
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An important remark about the bursting phenomenon caused by a Rey-

nolds number decrease, is that no discontinuity in the size of the sepa-

ration region seems to exist /3/. This is confirmed in figure 2, where

momentum thickness at 75 % of the chord has been plotted, versus tunnel

speed. For the bursting point, there is a change in the slope of the

"curve, but continuity in the evolution.

S. ..--: iD ..- . . .. . ... .

*.4 Figure 2

LO N Momentum thickness
.LBONGM 4% -... twOo Wo d at x/c= 75%

".,'; BUBBLES 'V" (LC 100 D)

_______B BtSTNG ___
'. .

*20 30 W01

The increase in momentum thickness is also shown, compared with a
calculation assuming a transition at separation, with continuity in mo-
mentum thickness. This increase is very large for long bubbles and is
far from negligible for short bubbles.

From our experiments, as well as from other studies of separation
bubbles (/')/, /5/), we have tried to give a global view of the evolution
of these separation bubbles.

In figure 3, we have schematically plotted the evolution of a cha-
racterist" length L/c of the separated region for different incidences,

,.. as a function of Reynolds number.
L/C

Rc, RC

Figure 3 Schematic evolution of separated region
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Beyond a given incidence (here ), no separation occurs and the
boundary layer remains laminar, up to natural transition. For a moderate
incidence a., (between 5 and 100, depending upon the airfoil), the evo-
lution of L/c when decreasing Rec, is characterized by a continuous
increase, with a much higher rate below bursting Reynolds number, lead-
ing to a complete separation. When increasing incidence, bursting Rey-
nolds number increases.

If we look now at the evolution of L/c for a given Reynolds number,
two major schemes exist

If Rec is low (Rerl for instance), increasing angle of attack in-
duces first a decrease in the size of the short bubble, up to a = a2.
With a further increase in incidence, bubble burst3 and the size of the
separated region may, in this case, strongly increase. The size of the
long bubble ooes then increasing with incidence, up to complete stal-
ling. The lift coefficient curve may or not present a break at bursting
point, according to the type of airfoil.

If Re is higher (Re for instance), the evolution with inci-
dence is similar, up to thecgursting point which corresponds to a higher
incidence ; but due to the higher adverse pressure gradient, an increase
in incidence causes boundary layer complete separation and stalling is
then sudden.

2.3. Detailed results about short bubbles

These results have been obtained on ELE model. A first series of
experiments has been performed with the natural turbulence of the tunnel
(around .4 %) while a turbulence generating grid has been added in a
second series, to investigate the influence of turbulence level. Reynolds
number based on a 2 500 mm chord was between 8 10i and 8 10' and the po-
sition of stagnation point was adjusted to the same place, for each con-
figuration.

41U/U _-_

r7. 15 is 5 Figure 4
Velocity distributions in the

N " i3 5 0 leading edge region (E.L.E.)

cc t
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2.3.1. Low Turbulence Configuration. Velocity distributions deduced
from wall pressure measurements are presented in figure 4.

Position of separation and reattachment indicated by oil surface
visualizations have also been reported and confirm. the reduction of the
size of the bubble when increasing Reynolds number.

Hot wire measurements provided boundary layer mean velocity profi-
les in the bubble, as well upstream and downstream of it. An example of
these results is plotted in figure 5 for Rec = 2.2 106.

U.. =13.GmIs c<x-151 e-
S(mwn Figure 5

-8 Mean velocity
2 •profiles

(Hot wire)

71 1

• • • I -:I..!• I..I o4 .! " J •

0 0 0 20 0 0 0 0 0 0.5

i~~U uUp -"

The use of BRAGG cells for the LDA measurements allowed us to get
-,. the negative values of the velocity in the bubble. A comparison betweenhot wire and LDA measurements is presented in figure 6, for the same con-

figuration. Agreement is good, except of course in the vicinity of the
reverse flow region, where hot wire is in default.

U,,=13.6 inls a[=15' P=56 _
0.- (tur) 1 

-

- Figure 6

- - Laser - B Mean velocity
a Hot wire profiles

-4 Comparison LDA -

Hot wire
-.3

-2

I.-.9-! ' - -' t• "-- 2  a' .... xr"C -I-9 -- •.. ,.. .t.
o 0 0 0 0 0 0 0 0.5 1U/ UI-4
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Concerning the fluctuating velocity measurements, LDA results were
not significant, due to the size of the measurement volume, compared
with the boundary layer thickness. Figure 7 gives, for Rec = 2.2 106,

the evolution of RMS longitudinal velocity fluctuation (/uý/U ) measu-
red with hot wire. p

U.=13. mls (=-Is. {=5" °M) f Figure 7
Velocity
fluctuation
profiles

' 6 (Hot wire)

S.. . .. r'--- - " . . . • ,_ I_ .. .- o

0 0 0 0 0 0 o3

If we look at this set of results, we can see, for stations at
s : 20 and 50 amm, a laminar boundary layer going to separation, which
occurs between 50 and 60 mm.

Between 60 and 75 mm, a reverse flow region develops near the wall,
under a strong shear layer. The intensity of the shear layer increases
downstream, as can be seen on the turbulence profiles. Between 75 and
80 mm, a sudden change in the shape of mean velocity profiles occurs,
in the near wall part of the boundary layer, while the outer part is not
affected. This change is associated with a rapid increase in the turbu-
lence level. The phenomenon is characteristic of a very quick transition
which occurs between these two stations.

2.3.2. High Turbulence Configuration. For this case, wall pressure
and hot wire measurements have been performed. The first ones gave simi-
lar results as in the previous configuration with, however, a signifi-
cant reduction of the perturbation. This reduction, caused by an increase
in turbulence level, is confirmed by the hot wire measurements.

2.4. Study of the Transition Process

For lo6ng and short bubbles, the study of the transition mechanisms
has been done through smoke visualizations /6/ associated with a spectral
analysis of the hot wire signal.

2.4.1. Long Bubble Case. This study has been performed on the
200 mm model, for Re = '.8 .05. In this configuration, the quality of
the visualizations is fairly poor and figure 8 gives an example for a
lower Reynolds number. The phenomenon is qualitatively identical butthe
lower convection velocity allows a better understanding.
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,t :to tWo.136 ms

t =to*68 ms it=to÷238ms

Figure 8 Visualization of leading edge bubble

On the other hand, figure 9 reports the evolution with x/c of the

spectral power of the velocity fluctuation, in the vicinity of the maxi-
mum of this fluctuation.

Figure 9 / " ',,I
§!Spectral analysis
of Hot wire signal 1-

80 ' .A

6.0 6 5

20-----F(khiz)

1%0 5 10 15-.

The study of this set of results gives a good idea of the transi-
tion process.

For x/c = 4 %, spectral analysis indicates a maximum around 5 kHz,
while visualizations show regular oscillations of the shear layer. When
going downstream (x/c = 5.5 and 6 %), the amplitude of these oscilla-
tions grows and visualizations show the oscillations give finally birth
to regularly spaced vortices, at a frequency of about 4.7 kHz. On the
hot wire signal, the convection of these vortices can be associated with
the 10 kHz harmonic. Note that, up to this point, the flow seems to re-
main fairly two-dimensional (/6/, /7/). Let us now follow, on figure ,
the evolution with time of the vortex pointed by an arrow : we can see
that a pairing with the adjacent vortex occurs, giving birth to a new
structure, which can be related to the 2.5 kHz subharmonic at x/c = 6.5
and 7 %. Downstream, the structure is convected and progressively disa-
gregated. Note that downstream of vortex pairing, flow visualizations
indicate that the flow becomes rapidly three-dimensional.
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2.4.2. Sho't Bubble Case. This detailed study was petformed on ELE
model, for Re- 7-- 106 and 1 .4 106. The main result we obtained from
flow visualizations and spectral analysis, is that the ,iechanism lead-
ing to transition is the same that for lonq bubbles.

Figure 10
Spectral analysis-

A, of Hot wire signalE .

(ib) "(Short bubble)

80 j00

"A4 60

40

20

0 2 4 6 8 io - F(khz)
Figure 10, giving spectral power of the hot wire PMS fluctuation,

is very similar to figure 9.

2.4.3. Conclusions. The important point is that no difference seems
to exist in the transition mechanisms in short or long bubbles. In both
cases, laminar instability waves grow and this growth is fairly rapid,
because of the strong instability of boundary layer velocity profiles in
an adverse pressure gradient. The difference with the well known tran-
sition in zero pressure gradient is that the beginning of transition is
not associated with the development of three-dimensional spots /8/, fol-
lowed by an intermittency region. Here, the amplification of TOLLMIEN-
SCHLICHTING waves generate two-dimensional vortices, the desagregation
of which leads more or less rapidly to turbulence.

3 - THEORETICAL STUDY

3.1. Preliminary Remarks

For the calculation of separation bubbles, classical direct bound-
ary layer calculations lead to a singularity in the vicinity of the zero
skin friction point /9/, even if the experimental pressure distribution
is used /10/. This singularity leads to the inverse formulation of the
problem /11/, /12/.

If we want to predict the evolution of the boundary layer across a
separated region, an inviscid calculation must be associated, through a
viscous-inviscid interaction /13/, /14/. The inviscid calculation canbe
-done in direct or inverse mode. In the present method, the second solu-
tion has been used.
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This method gives very good results, but the stability of the suc-
cessive iterations between inverse boundary layer and inverse Inviscid
calculations needs a strong under-relaxation. Another possibility would
be the quasi simultaneous method of VELDMAN /15/. The introduction of
this technique in our method provided fairly good results for purely
laminar separation bubbles /16/.

Our method has first been developed and wide:y tested for two-
dimensional subsonic compressible bubbles. Details about it have been
given in /17/. We are now trying to extend this method to the case of
infinite swept wing conditions. In this aim, we will present it here in
the three-dimensional formulation, the two-dimensional one being only a
particular case.

3.2. Boundary Layer Calculation

Because it is fast and satisfactorily accurate, an integral method
has been chosen. The equations are the classical momentum equations,
written in the coordinate system related to the external velocity (see
figure 11).

For the auxiliary equation, the same equation is taken all along
the calculation domain: the entrainment equation.

Coo rdinate system•

0 In the external streamlines coordinate system, the equations are
given in /18/ for the general three-dimensional case. In our particular

case, by introducing the parameter K =tg90(see figure 11), these equa-
tions can be written, for an incompressible flow, as:

* - momentum:
Cfs deli (H + 2+K 2  dUe dO)12  K, dUe

T= + °II Ue ) - K --- U-e 0~22 •- (3.1)

Cfs dO21  22K 2  dUe do 22  K d
F= * + 021 (2+2)C---~ 02+01 1-•-~

n tg

Ue e (3.2)
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- entrainment

C 1d + K2  dUe d6 2GCE = TS (6 61) + (6 - 6) -a -+ K- T (3.3)

Note that K = 0 corresponds to the two-dimensional case.

The use of an integral method makes necessary the use of closure
relationships. They can be found in /18/, /19/. Note that the use of en-
trainment equation in laminar needed the development of particular rela-
tionships, deduced from the FALKNER-SKAN self-similarity solutions /20/.

3.3. Viscous-Inviscid Interaction - Inviscid Calculation

LE BALLEUR /21/ has shown that the interaction relationship could
be written in terms of vertical velocity at a given distance of wall. If
it is written at y = 0, boundary layer is equivalent to a transpiration
at wall, which is given, in our case, by :

I d K d KdU e(K+
w =(T) = -- s (PoUe') - K..G- ds ( PeU 6 2) + KTS U +62) (3.4)

For the inviscid calculation, our experimental results show we can
assume that the bubble induces only a small perturbation around the po-
tential velocity distribution. For the infinite swept wing configuration
if UIFP is the undisturbed velocity distribution normal to the leading
edge and U1 the corresponding one given by the inverse boundary layer
calculation, the perturbation velocity Li(x) = U1 (x) - UiFP(x) corres-
ponds to a vertical transpiration velocity at wall given by

SUi W•

vo(X) O " dC (3.5)

where the integration is taken in the direction normal to the leading
edge.

3.4. Transition

The problem of transition (practically the determination of the on-
4 set and the extent of transition) is one of the main point of the method.

A delayed transition would cause the bubble not to reattach ; a too
early transition would underestimate the thickness of the downstream
turbulent boundary layer.

Physically, transition is initiated by the amplification of lami-
4 nar instability waves, similar to the TOLLMIEN-SCHLICHTING waves obser-

ved on a flat plate. This amplification proceeds from a critical point,
which is generally upstream of separation. For attached flows, experi-
mental and numerical studies /22/ have shown that two types of instabi-
lities could lead to transition

• Longitudinal instability, which corresponds to the amplification
of these waves in the streamwise direction and which is similar to the
two-dimensional case.
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. Transversal instability, which corresponds to the amplification
in a direction close to the normal to the external streamlines. This

type of instabilities only occurs at the lower surface of the airfoil,
in a favourable pressure gradient.

"For our problem, in fact, only longitudinal instability is involved

"3.4.1. Stability Calculations. ARNAL et al. /23/ have studied the
stability of attached laminar self-similar velocity profiles. We have
extended this study to the separated profiles given in /20/.

These calculations provide for each profile (i.e. for each value
of shape parameter H), the amplification coefficients Czi = (1/A)(dA/ds)
of a sinusoidal disturbance of amplitude A, parametred in frequency
and Reynolds number R6 A sweep in frequency provides the classical
stability diagrams. Figure 12 gives, for the different profiles, neutral
curves (i.e. the limit between amplified and damped perturbations). Cri-
tical Reynolds number R6 corresponds to the value of R61 below which
no perturbation can be ayified. Flat plate neutral curve has been ad-
ded and we can notice the great instability of .;eparated profiles, lin-
ked to low critical Reynolds number and large aperture of neutral curves.

II H R~iat
_A 139

= F. 6-, -Wo X.

--•--0•s -0,12 I006 39 Figure 12
1.2 __Q16 6I7 .- I0o

IQ 12 -Q198 4,03 70 Neutral curves

I' ~ ~0,6 - _--

50 100 200 E0 UM0 2000 5000

3.4.2. Determination Of The Onset Of Transition. For self-similar
flows, the study of the evolution with R6 of the amplitude of any si-
nusoidal disturbance can be determined from stability diagrams. In this
diagram (FR6 versus R51 ), perturbations are damped up to the pointwhere
they cross tle neutral curve. They are then amplified, up to their pos-
sible second crossing with the neutral curve. Figure 13 gives an exam-

0 ple of the evolution with R6 of Log(A/Ao) where A0 is the amplitude of
a given perturbation when entering the amplification ,omain.

The envelope of these curves then provides, for any value R6 grea-
ter than R61 r the total amplification n(R6 ) of the most unstable fre-icr
quency. Introducing momentum thickness 0 the shape of these curves
leads to a simple analytical representation

n(H, R01 1 ) = X(H) (R011  Re,1 cr+ F) (3.6)
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For practical use, we have first to determine the critical point,
where n =0. This is done by assuming critical point is obtained when
local momentum Reynolds number Re11 reaches a critical value Reiicr,

given by the critical Reynolds number of the self-similar solution cor-
responding to the local shape parameter H.

Determination of total amplification n at a position s is obtained
by

n(s) = dn R
ROllc R 11 11

where - Re.1 is the momentum Reynolds number at station s

dn- is deduced from relation (3.6), for the value of local

dRe 11 shape parameter H at station s.

The onset of transition finally occurs when n reaches a critical
value nT, function of turbulence level Tue, through a relation proposed
by TACK /24/

nT= - 8.43 - 2.4 Ln(Tue)

3.4.3. Treatment of Transition Region. The solution of equations
at a station x provides, at station xn•i, the value of the quantity
6 1/6. From thip quantity, closure relatidnships provide, for purely la-
minar or turbulent flows, the data necessary to the integration of
equations at station xn.. In the transition region, the same procedure
provides characteristic quantities of two fictitious boundary layers
(laminar and turbulent) ; these quantities are then weighted through an
intermittency function c, to provide the transitional boundary layer cha-
racteristics. For two-dimensional attached flows, ARNAL et al. /25/found
that intermittency function was fairly well correlated by the quantity
0 11/ 0 11T (where subscript T corresponds to the beginning of transition).

The following formulation was then taken

E 1 - exD(- 2.5 (011/e11T - 1))
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3.5. Results

3.5.1. Comparison with our experiments. In figure 14, are presen-
ted two sets of results obtained for Rec = 2.2 106, for a local turbu-
lence level of 0.4 and 2.5 %. The agreement between calculation and ex-

-Z• periments is quite satisfactory. In particular, the validity of the
* "transition criterion seems good, owing to the correct prediction of ei-

ther the size of the pressure plateau or the evolution of the shape pa-
rameter in the vicinity of reattachment. The influence of turbulence
level on the position of transition and, consequently, on the size of
the bubble, is also well predicted. Compared with a calculation assuming
transition at separation (see dotted line), the increase in momentum
thickness is well predicted.

- Calculation

7.5 H (Tue..4- H -- Calcu-ation

0 Hot wire/ (Tue-2.51)

S5Ax Hot wire

2.5 2.3*2 .L a 2.5L •._..x .... --* - a

I I I I
0 50 100 150 0 5O l00 150

075 -t(m 0.75 -t )m

0.5 .. 0.s -/ -

'6; C-""' ultt ~anion 0.-, w .•' ,.Cai ruians.ron
0.25 -- .- >ut t-n-in, ~.itasto

,A'"at. separation Point r"'~at sepalration point

Fiue1 Conipari son with our experiments
(low and high turbulence level)

3.5.2. Infinite Swept Wing Configuration. This study is being de-
0 veloped to provide some help i'n the experimental study carried out at

ONERA /26/. Experimental results concerning pressure distributions at
various spanwise positions showed that the infinite swept wing flow
configuration was not much affected by a short bubble. Smoothing one of
these pressure distributions provided the undisturbed velocity distri-
bution UlFP. In fact, experimental results about boundary layer are not
yet available and the calculation we present is rather academic and main
ly consists of a test of the validity of the method and of the numerical
procedure.

The evolutions of some computed boundary layer characteristic para-
* ~ meters are plotted in figure 15 , compared with a calculation assuming

transition at separation /27/. Effects of the bubble are similar tothose
*~ .~observed in two-dimensional flows.
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CONCLUSIONS

The experimental study we have performed provided useful informa-
tion about transition processes involved in separation bubbles. This
study was also very helpful in the choice of the assumptions we have in-
troduced in the calculation method, as well as in the design of the
transition criterion. Boundary layer surveys also provided enough data
for the validation of the calculation results in two-dimensional flows.

The method is now being extended to the case of infinite swept wing
for subsonic compressible flows. Experimental data are needed now to
achieve its validation.
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LOW REYNOLDS NUMBER SEPARATION BUBBLE RESEARCH AT UTRC

William P. Patrick and David E. Edwards
United Technologies Research Center

East Hartford, CT 06108

ABSTRACT

A coordinated experimental and analytical program Is currently
underway at the United Technologies Research Center to study low
Reynolds number laminar separation bubbles. The objective of this
program Is to provide a high quality set of reference data for use In
assessing and Improving computational methods for predicting laminar
boundary layer separation with turbulent reattachment in steady two-
dimensional flow. Nonintrusive laser velocimeter measurements of ve-
locity, turbulence, and Reynolds stress profiles will be obtained
throughout the flowfleld. Additional data will be obtained with flow
visualization, surface static pressure measurements, and total pressure
and hot-film traverses. Particular attention will be focused on defin-
Ing the size and location of the separation bubble, determining the
location of transition In the separated shear layer, and defining the
laminar boundary layer and the development of the recovering reattached
turbulent boundary layer. Sensitivity studies will be conducted to
determine the effects of Reynolds number and adverse pressure gradient
variations on the measured parameters. Additional tests to study the
effects of variations of surface roughness, turbulence level, turbu-
lence scale, and surface curvature are also planned.

INTRODUCTION

Accurate prediction of boundary layer growth on compressor blade
surfaces is currently hindered by the lack of a validated computational
procedure for treating laminar separation bubble formation. Although
present boundary layer procedures are capable of predicting the occur-
rence of laminar separation, the downstream bubble region must cur-
rently be treated In a semi-empirical manner using data correlations
derived from various experiments. Although the chordwise extent of
short, transitional separation bubbles Is not large, a significant
problem exists in predicting boundary layer behavior downstream of the
bubble reattachment point. In particular, uncertainty exists in the
definition of suitable Initial boundary conditions to start a turbulent
boundary layer calculation at the aft end of the bubble.

A number of laminar bubble Investigations have been conducted
since Jones [E1 first pointed out the presence and behavior of laminar
separation bubbles more than 50 years ago. Review articles have been
written by Tani [2] and Ward [3] and less exhaustive but more recent
reviews are contained In the papers of Roberts [4] and Mueller and
Batill [5]. Several studies using large scale airfoils have documented
bubble size and location but in all of these studies the effect of
curvature could not be separated from Reynolds number and pressure
gradient effects.
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At least three experimental studies have been conducted on flat
plate test surfaces. They are the studies of McGregor [6], Gaster [7],
and Ojha E8]. Gaster used an Inverted airfoil to Impose a suction peak
followed by an adverse pressure gradient on the test surface. By
correlating his results with those of Crabtree [9], Woodward [10], and
McGregor, he produced the two-parameter bursting criteria. Ojha also
studied the bursting phenomena.

Although these studies are useful in defining overall bubble

characteristics, detailed measurements suitable for use In assessing
the accuracy and assisting the further development of computational

,-V. procedures for predicting bubble characteristics are lacking. The lack
of reference bubble data Is due, In part, to the difficulty of the
experimental problem. Not only are such bubbles small and very thin,
they are also extremely sensitive to flow disturbances produced by
Intrusive sensors. Design of suitable experiments has also been hin-
dered In the past by the lack of analytical tools to assist the experi-
mentalist In screening candidate test conditions and configurations.

Recognizing the lack of sufficient experimental data on separation
phenomena effecting the compressor, fan and turbine blade design proc-

* ess, and with the recent development of codes designed to predict
bubble characteristics and Laser Velocimetry techniques capable of
studying reversed flow In an nonintrusive manner, the United
Technologies Research Center Initiated a major thrust in separated flow
research approximately six years ago. Experimental studies of
compressor and turbine blade trailing edge separated flows [11] and
turbulent boundary layer separation with reattachment on a flat plate
[12-13] have been completed. An Investigation of shock-induced

turbulent boundary layer separation with reattachment Is currenTly l
progress. Simultaneously, a multi-faceted analytical program was
underway to develop numerical procedures for the prediction of strongly
Interacting viscous and Inviscid flows with emphasis on separated flows
[14-23]. Werle has presented a comprehensive overview of the UTRC
program E24].

LAMINAR SEPARATION BUBBLE STUDIES

A coordinated experimental and analytical program Is currently
underway to study low Reynolds number laminar separation bubble
formation In steady two-dimensional flow. This program will build on
the experience gained In a previous effort [12, 13] which was directed
at turbulent boundary layer seperation and reattachment on a flat
plate. The objective of the low Reynolds number program Is to use non-
Intrusive Laser Velocimetry to provide a high quality set of reference
data for use In assessing and Improving computational methods for pre-
dicting compressor blade laminar boundary layer separation with turbu-
lent reattachmen+. The overall program consists of five Phases as
outlined In Table I. In Phase I, Exploratory Studies, the capability
of producing a two-dimensional laminar separation bubble on flat plate
in the UTRC Boundary Layer W;nd Tunnel will be demonstrated. The
objective Is to generate a "short bubble" of sufficient size to permit
adequate resolution of velocity profiles within the Incident laminar
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and reattached turbulent boundary layers as well as within the bubble.
In Phase II, Detailed Studies of Baseline Case, a comprehensive set of
high quality reference data for the baseline case will be obtained with
a Laser Velocimeter to obtain mean velocity, turbulence, and Reynolds
stress profiles throughout the flow field, In addition to flow visual-
ization, surface static pressure measurements, and hot-film and total
pressure traverses. Particular attention will be focused on defining
the size and location of the separation bubble, determining the loca-
tion of transition In the separated shear layer, and defining the
laminar boundary layer and the development of the reattached turbulentboundary layer. In Phase Ill, Sensitivity Studies, the sensitivity of

the laminar separation bubble to changes In Incident Reynolds number,

pressure gradient, turbulence Intensity, and turbulence scale will be
assessed. In Phase IV, Additional Sensitivity Studies, other factors
which could Influence the Inception and behavior of laminar separation
bubbles In compressor-like flows will be studied. Surface curvature and
roughness are two parameters to be studied In this phase of the
program. Other possibly relevant effects Include the Incident laminar
boundary layer pressure gradient history and sound waves (intensity and
frequency variations).

Experimental Facility

The 3xperlmental program will be conducted In the UTRC Boundary
Layer Wind Tunnel which is shown schematically In Fig. 1. It Is of a
recirculating design and consists of a blower, a settling chamber/
plenum, a contraction nozzle, the test section, a temperature control
heat exchanger, and a return duct. This tunnel was designed to produce
large scale two-dimensional boundary layers with Reynolds numbers,
freestream turbulence levels, and pressure coefficient distributions

typical of turbomachInery blades. A thorough calibration of the flow
characteristics nf the tunnel 125] has shown the flow to be highly
two-dimensional and steady. The tunnel combines the abilities to vary
test section turbulence, Reynolds number, and pressure gradient while
maintaining a highly two-dimensional flow. The tunnel velocity can be
set between 10 ft/sec and 100 ft/sec. The freestream turbulence level
can be varied between 0.25 percent and 10 percent with the addition of
turbulence generating grids. The longitudinal macroscale of the
turbulence has been documented and ranges from nearly negligible levels
for screen-generated turbulence to between 1 cm and 7 cm for grid
turbu!ence.

A new test section designed for separation bubble studies is shown
in Fig. 2. The upper wall test surface consists of a leading edge
boundary layer scoop, a boundary layer development section, and a test
plate fabricated from an 0.5 in-thick cast aluminum tool plate. The
lower wall of the test section is fabrlcated from a single piece of 61
In x 34 In x 0.75 in polypropylene. The flexible lower wall has been
designed with a series of spanwise slots and a movable support struc-
ture to permit a wide variation in the location, extent, and strength

* of the adverse pressure gradient region within the test section.
Corner bleed slots along the length of the test plate are available to
enhance flow two-dimensionality. One of the test section side walls Is
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made from select quality float glass to facilitate backscatter LV meas-
urements. A 72 In. long constant area section will provide sufficient
length downstream of the test section to probe the reattached turbulent
boundary layer as it develops an equilibrium velocity profile.

ANALYTICAL SCREENING

Satisfaction of Gaster Criteria

The two-parameter bursting criteria of Gaster [7] was used as a
guide In the preliminary selection of the test section dimensions to
ensure that "short" transitional separation bubbles would be produced
In the test section. The Gaster criteria delineate the boundary
between short and long separation bubble formation In a plane defined
by a deceleration parameter,(Os2/v)(AU/Ax), and the Reynolds number based
on momentum thickness at separation, Reos. Figs. 3(a) and 3(b) show
the laminar separation bubble characteristics defined by the Gaster
criteria for the test section having an 8.25 in inlet height when
operated at 30 ft/sec and 15 ft/sec respectively with divergence angle
as a parameter. For example, as shown In Fig. 3 when the divergence
angle Is two degrees or less the boundary layer will not separate at
either flow speed. At 30 ft/sec, a divergence angle of 15 deg will
produce a short separation bubble when Re0 > 220. At 15 ft/sec,
however, the same 15 deg divergence angle will produce a long bubble
when Reos > 240.

Numerical Computations

Based upon the the Gaster plots several candidate tunnel config-
urations and test conditions were Identified which satisfied the Gaster
criteria for short laminar separation bubbles. An analytical screening
of these proposed test cases was conducted using the IVAN (Inviscid-
Viscous Analysis) code to determine whether or not a laminar separation
bubble would occur and to provide preliminary estimates of the bubble
height and length. The IVAN code, which Is based on Interacting
Boundary Layer Theory, uses a stream function representation for the
inviscid flow field and an Inverse boundary layer analysis to represent
the viscous flow field with displacement thickness coupling between the
two solutions. The finite difference form of the Inviscid and viscous
flow equations are locally solved together with a quasi-simultaneous
update procedure [23]. The modeling of trz- ItIon (onset as well as
the length) and turbulence plays a crucial role In the analysis of
laminar separation bubbles as has been demonstrated by Carter and Vatsa
[16] and Davis and Carter [21]. For this Initial study, Roberts'
transition model for separated flows [26] and Cebecl and Smith's
turbulence model L27] are employed. In Roberts' model transition Is
assumed to have occurred when the following relation is satisfied:

Uol
l> 2,)0o0 I coth (IF × 10)1 (1)

U

C 15

TIF I (Li)Ow (2)
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In accordance with Roberts' suggestion E26]the assumption that TF
T(u) was used in the following calculations.

The matrix of tunnel configurations and test conditions (eight
cases) that were analyzed In this study are shown In Table 2 and are
plotted on Fig. 3. The configuration variations Included Inlet and exit
tunnel height, diffuser angle, and location of the diffuser throat from
the leading edge of the test section. In addition, the effect of inlet
flow velocity on the separation bubble was evaluated. Five tunnel con-
figurations designated as TJ-T5 'Were used In this study and the
Inviscid computational grids used to represent them in the analysis are
shown in Fig. 4. The test conditions corresponded to conditions
anticipated for the baseline case. The Inlet turbulence level was as-
sumed to be 0.25 percent. To facilitate the experimental measurements
a large separation bubble was desired for the baseline case, since
Roberts' criterion Indicate that the size of the bubble would be
reduced when T(u) was Increased during Phase III Sensitivity Studies.

In all cases analyzed In this study the lnviscid analysis used a
grid consisting of 101 uniformly spaced points In the x-direction and
21 points distributed In the y-direction such that the smallest step
occurred at the lower wall. The boundary layer on the upper surface
(contoured wall) was assumed to be turbulent (a trip strip will be used

In the experiment to guarantee that the upper wall boundary layer Is
turbulent) with weak interaction with the Inviscid flow field and hen:e
could be neglected In this analytical screening. The boundary layer

* analysis on the lower surface used the same x-grid as the inviscld
analysis with 100 grid points across the boundary layer. Additional
calculations using finer computational gri:!s in the separated flow
region were made to Insure that the results were not grid dependent."All calculations were converged to the precision level of the 32-bit

Apollo DN 460 computer.

Results of this series of flow cases ate shown In Table Ill. The
Reynolds number, based on momentum thickness at separation, Reos the

streamwise length of the separation bubble, and the height of the back-
flow region for each of the flow cases are shown In this table. In
addition, velocity contours are plotted In Fig. 5 for all cases except
those cases which had open separation. Several observations can be
made from Table III and Fig. 5. First, for all of the cases with an
Inlet velocity of 30 ft/sec, the length of the separation bubble does
not differ significantly (approximately 3 Inches) even though the
diffuser angle and the distance from the leading edge to the diffuser
throat varies In each of these cases. This behavior was anticipated
since the length of the separation bubble Is dependent upon the
distance from separation to transition and, as stated before, Roberts'
transition criteria Is a function of velocity, viscosity, and turbu-
lence level and Is not a function of approach length. However, It Is
noted that while Increasing the diffuser angle does not Increase the
length of the separation bubble, it does Increase the height of the
backflow region (U<O) and the height of the recirculation region as can
be observed when comparing cases 1 and 4 or cases 2 and 5. The height
of the recirculation region as predicted by the analysis should be
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considered a conservative estimate since In some recent work by Davis
and Carter [21], an analysis using transition and turbulence models
similar to those applied in the present study significantly
underpredicted the height of a laminar separation bubble while
correctly predicting the length of the bubble.

The effect of the Reynolds number on the laminar separation bubble
was also evaluated in this study by varying the tunnel velocity while
holding all other parameters fixed. However, reduction of the Inlet
velocity to 15 ft/sec for tunnel configurations TI and 13 (cases 3 and
6) produced flows with open separation. Specifically, these flows had
laminar separation and transition in the separated shear layer but
there was Insufficient energy In the turbulent shear layer to result In
flow reattachment.

The T5 configuration was then Introduced In this study. This con-
figuration was designed based upon the results of the first 6 cases.
In the previous cases when the Inlet velocity was reduced flow had open
separation. Thus, It was conjectured that a possible way to prevent
open separation was to decrease the length of the adverse pressure
gradient region (from 13 inches to 9 inches). The flow through the T5
configuration was analyzed at Inlet velocities of 30 ft/sec and 15
ft/sec (cases 7 and 8) and the results of these with analyses are shown
in Table III and Figs. 5(e) and 5(f). By comparing cases 4 and 7, It
Is obse.ved that a reduction In the length of the adverse pressure
gradient region only changes the results slightly for the flow with an
Inlet velocity of 30 ft/sec. However, when the Inlet velocity Is
reduced to 15 ft/sec the flow in this configuration produced a separa-
tion bubble that was 7.2 Inches In length with a backflow height of
.097 inches whereas previously (case 6) the flow had open separation.
Note in Fig. 3(b) that both cases 6 and 8 are essentially on the
bursting boundary as defined by the Gaster criteria. Although
numerical calculations Indicated that case 6 would produce a long
bubble whereas case 8, having a shorter adverse pressure gradient,
would produce a short bubble, In practice case 8 might be unsteady
(I.e. oscillating between short and long bubble regimes). The
displacement thickness for cases 7 and 8 is shown In Fig. 6. The
effect of reducing the Inlet velocity from 30 ft/sec to 15 ft/sec
caused the displacement thickness to approximately double In the
separated flow region. Finally, the surface pressure for cases 7 and 8
is shown In Fig. 7. From this figure, it Is observed that case 8 has a
longer pressure plateau than case 7 which Is consistent with the
greater extent of separated flow found In this case.

Based upon the results of this study the T5 tunnel configuration

has been chosen as the baseline configuration for Phase I Experimental
Screening. An inlet flow velocity between 15 and 30 ft/sec should pro-
duce the desired large, steady, two-dimensional, "short" transitional
separation bubble desired for the baseline case.

PROGRESS SUMMARY

The four-phase program outlined above Is being conducted under the
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I',' sponsorship of NASA Lewis Research Center (Contract NAS3-23693) and
availability of a summary report Is anticipated In 1987. Interim pub-
lications regarding this specified program atid other elements of the
UTRC research program In the area of low Reynolds number separation are
anticipated.

"NOMENCLATURE

c chord length
- h height of test section

SI length from separation to transition
TF turbulence factor
T(u) turbulence Intensity
'U axial velocity
x axial distance
(I momentum thickness
"-A turbulence macroscale
S, kinematic viscosity

o Inlet condition
s at separation

freestream
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Table I Experimental/Analytical Research Program for Low Reynolds
Separation Bubbles

Phase I: Exploratory Studies Phase II: Detailed Studies of Baseline Case
* Definition of Flow Conditions 0 Measurements
* Analytical Screening * Data Analysis
0 Experimental Screening e Code Assessment
* Experimental Definition of

Basieline Case

Phase II: Sensitivity Studies Phase IV: Additional Sensitivity Studies
0 Reynolds Number Variations • Surface Curvature
9 Pressure Gradient Variations * Surface Roughness
0 Turbulence Intensity Variations * Code Assessment
9 Turbulence Scale Variations
* Code Assessments
0 Other Effects

Table II Matrix of Tunnel Configurations and Test Conditions

iESy DFrrusER LEADING EDGE INLEt Exil INIFT JFLflt!TY r.[O6rIE JIL ET
CASE ANGLE FROM DIfFUSER THROAT TUNNEL HEIGHT tuNNEL HEIGHT IURRULEIIE

(DEGREES) (INCHES) (INCHES) (INCHES) (FI/S ) z

1. 19. 12. 9.25 12. 30. 11 .75

2. 18. 6. 8.25 12. 30- 12 .25

3. 19. 12 6.25 17. 15. I1 .75

4. 15. 12. 8.?5 12. 30. 13 .?S

. 15. 6. 8.5 12. 30. Ti .25

6. i5. 1?. 8.25 1. 15. 13 .25

7. 15. 12. 8.25 10.8 30. 1• .75

6. IS. 1?. 2.?5 10.0 1i. 1. .2S

Table III Results of Test Cases
TEST INLET YLO0ITY Re STRREARWISE LENGTH Or DACKFLrI
CASE Separation LAMINAR SEPARATION BUBBLE HEIhTI

(f11N£) ( NHES) (INLAIEIA

1. 30. 365. 3.8 OI

2. 30. 323. 2.7 nnF

3. 15....................... .OPEN SE•r•AION --------------------------------

4. 30. 33G. 3.4 .030

5. 30. 2EI5. 2.9 .n12

G. 15. ---------------------- OPEN SEPARAIION ----------------.-----------

7. 30. 356. 3.1 .01'

*. 15. 229. 7.7 .097
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SEPARATION BUBBLE BEHAVIOR
FOR A NACA 23009 AIRFOIL

S. S. Fisher,* J. D. Abbitt,** and G. W. O'Leary**
Department of Mechanical and Aerospace Engineering

University of Virginia
Charlottesville, Virginia 22901

ABSTRACT

The smoke wire flow visualization technique has been employed to
obtain photographic records of streaming patterns over a smooth-surface
NACA 23009 airfoil at chord Reynolds numbers low enough to result in the
formation of a suction-side separation bubble. Test angles of attack
range from zero to beyond that for full stall. Chord Reynolds numbers
range from 15,000 to 133,000. A high aspect ratio model is employed and
observations are restricted to a narrow mid-span section. The tests are
carried out in a wind tunnel for which free stream turbulence and
fan-induced noise are very low. These photographs reveal, in various
combinations and to a high degree of detail, the following processes:
laminar boundary layer separation, vortex roll-up and turbulence
breakdown within the separated layer, turbulent entrainment of the
separated layer and flow reattachment to the airfoil surface, thereby
resulting in a separation bubble, and turbulent boundary layer
separation. Surface pressure data support and expand the flow
interpretations which may be drawn from the photographs. The important
features of these patterns are in keeping with previous observations for
other airfoils and with physical expectations.

INTRODUCTION

The results presented in this paper constitute a first attempt by
the authors to characterize and understand the separation and
reattachment events which occur in flows over airfoils at values for the
chord Reynolds number Re low enough for a separation bubble to form.
Such a bubble forms when Re is small enough for the flow to first
separate at a point where the boundary layer is still laminar, and when
Re is still large enough for transition to turbulence to take place
within the separated layer in such a manner that turbulent mixing can
entrain the separated fluid sufficient to allow the external flow to
reattach itself to the surface.

The objective of this work is to contribute to the state of
knowledge and understandings regarding these bubbles. Understandings
which might lead to a reduction in the bubble size or to reduction in its
detrimental effects upon airfoil aerodynamics are of primary interest. A
long-term objective of this work is to contribute to the development of
of airfoils and wings which exhibit improved aerodynamic behavior when
operated in the Re range where these bubbles tend to form.

* Professor
** Graduate Student
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Two procedural objectives which were adopted for this work were (a)
to investigate flows which were as two-dimensional as practical and (b)
to investigate flows which were as free from extraneous perturbation as
practical. Tqo-dimensionality was approached by employing a high aspect
ratio wing model and by setting its span equal to that of the wind
tunnel. Extraneous perturbations were kept small by employing a
low-turbulence, low-noise tunnel.

The NACA 23009 airfoil section is not a particularly strong
candidate for aerodynamic application at values of Re where separation
bubbles tend to form. This section was chosen instead because a high
quality wing model which incorporated this profile shape was available in
the laboratory. As it turns out, the general physical characteristics of
separation bubbles are not highly airfoil-specific.

No attempt will be made in this paper to review the state of under-
standings of flows over airfoils at lower Reynolds numbers or of related
aerodynamic behaviors. For the reader who wishes to become better
informed in these matters, Refs. 1 and 2 represent excellent starting
points. Review of Refs. 3-9 is also recommended.

APPARATUS

Wind Tunnel

A schematic diagram of the wind tunnel employed for these tests is
presented in Fig. 1. This tunnel is of the open-return type and is
housed within a large, closed room. Its test section lateral dimensions
are 0.61 m by 0.61 m. It is driven by a 12.5 hp DC electric motor

PS H

Fiur . id une shmai digrm"sdeviwCi I

S HC OF

Figure 1. Wind tunnel schematic diagram, side view.

AF = axi-vane fan, CR = contraction ratio (area), DF = dust
filter, 11S = honeycomb (flow straightener), PS = pitot-static
probe, S = screens (3, 1 mm mesh).
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connected to a commercial axial-vane fan. The range of available free
stream flow speeds is from approximately I m/s to 32 m/s. Speed
constancy at any given setting is excellent.

Two important features of the design of this tunnel are its
carefully constructed, high-contraction-ratio entrance section and its
large separation distance between test section and fan (5 m). These
features result in, respectively, a very low test section turbulence
level (typically 0.1% or less) and very low fan-related test section
noise.

WT

Figure 2. Smoke wire apparatus.
CL = camera lens, FL = flashlamp, FP film plate, IA =
illumination aperture, OR = oil reservoir, SW = smoke wire
W = wing, WT = weight.
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4: Smoke Wirn

A diagram of the smoke wire apparatus, approximately to scale, is
shown in Fig. 2. This apparatus was constructed following the
description of Batill and Nluoller 110]. In tile wind tunnel, the wing was
centered vertically with its span axis horizontal. Its suction side was
turned down. The smoke wire was stretched vertically across the tunnel
"at mid-span 0.5 ni upstream of wing center.

The process of forming "smoke" filaments by means of this wire is as
follows. First, a mineral-type oil is distributed along the wire. This
oil distributes itself, naturally, in the form of small, closely spaced,
approximately equal diameter beads. The wire is then heated by passing
an electrical current through it. This h,,ating causes each bead to
evaporate, and the resulting vapor is carried downstream in the form of a
narrow filament, provided that the wire Reynolds numbers is not too high.

24 Within a few wire diameters, the oil vapor condenses into a very small
droplet fog. This fog filament is then used to follow stream or streak
lines for thl flow.

In these experiments, as the sheet of smoke filaments passed over
* the wing, it was flash-illuminated by a thin vertical sheet of light.

This light was produced by two matched xenon flashlamps positioned
symmetrically above and below the test section. Each lamp was housed
inside all opaque conduit which is not shown in the figure. This conduit
was needed to reduce the amount of stray light which could reach the
photographic plate.

The smoke filament pattern was photographed through a 55 mm diameter"Zoom"-type camera lensT. The focal length adjustment for this lens was

from 80 to 200 mam. It was installed in a large Polaroid bellows-type
camera (Mlode] MP-3) together with an 0.10 m by 0.13 m film plate. The
depth of field resolved by this photographic arrangement was such that
only a narrow mid-span section of the wind tunnel was brought into focus.
All test section windows were transparent acrylic.

The photographic system was light-limited. The lens aperture was
opened full (f4) and each flashlamp was operated at maximum output (~20 J
per lamp per flash). Type 57 Polaroid film, ASA 3000, was employed.
During film exposure, room lights were switched off.

A special two-channel timer was employed to control the interval
over which electrical current was passed through the wire, and to trigger
the flashlamps following a proper delay.

The wire was 0.08 mm (0.0031 in.) diameter nichrome. Til oil was a
comme rciial fluid intended for use in toy locomotives, Thiis oil was
applied to the wire by raising and lowering it through a sLandard
hypodermic syringe and noedle located at tile top of the tunnel . See "oil
reservoir" ill Fig. 2.
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Wing Model

The wing model was made of aluminum, had a chord length of 0.127 m,
and a span length of 0.61 m. Nine pressure taps were included along its
suction surface, ranging in position from the 5% to the 80% chord
station. Seven taps were included along its pressure surface, ranging in
position from the 10% to the 75% chord station. These taps were 0.5 mm
in diameter and were separated 2.5 mm in span one from the next. Their
mean spanwise location was 0.13 m from the tunnel wall. The test section
wall boundary layer thickness never exceeded 0.10 m. Prior to
installation in the tunnel, the wing was sprayed with a thin layer of
flat black paint and sanded smooth with No. 240 sandpaper. Wing angle of
attack was adjusted externally by rotating the wing about its mid-chord
line. Each angle was set by increasing from a lower value.

Pressure Measurements

All pressures were measured by means of a 10 Torr variable-
capacitance diaphragm-type pressure transducer. Wind tunnel dynamic
pressure was sensed by a pitot-static probe positioned as shown in
Fig. 1.

RESULTS

Preliminary Remarks

In each photograph, the flow will be from left to right. On
all photographs, shadow lines will be seen to extend across the flow
beginning at the airfoil leading edge and trailing edge. These lines are
the product of the two-sided illumination. Additional striations normal
to the flow will be seen in several of the photographs. These striations
are. caused by drops of oil which have spilled onto the lower illumination
window. Photograph-to-photograph differences in the size and spacing of
the smoke filaments will also appear. These differences arise mainly due
to variations in the elapsed time between oiling and heating of the wire.
With increase in this time, the smaller oil beads which initially form
along the wire coalesce into larger beads.

In each photograph, an image of all but the leading edge part of the
airfoil profile appears. This image is produced by illumination light
scattered from the airfoil surface into the camera. Near the leading
edge, this light cannot be "seen" by the camera.

Optical distortion of the photographic images is negligible. Also,
because the smoke wire was located some 6000 wire diameters upstream of
wing center, distortion of the wing free stream flow by this wire was
always quite small. The most important effect of the wire upon this flow
was a buoyant one caused by wire heating. This effect was most important
at the lowest flow speed. There it reduced the wing angle of attack by
as much as 10.

Angle of attack values which will be stated for these results may be
in systematic error by up Lo 10. Beyond this fact, the 1a uncertainty in
these values is of order 0.10.
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Photographs for Re = 15,000: Figure 3a

a = 00 For this photograph, the free stream flow speed is very low

(1.8 -•/s-- Careful iuspectiott of the flow pattern in the immediate

vicinity of the airfoil. reveais Lhat the suction-si de laminar boundary

layer separaLes ahead of mid-chIoLd and does not reattach. No indication

0o

50

100

(a) Re = 15,000 (b) Re = 33,000

Figure 3. Siok , wire pho tog ra phs.
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of any unstable flow behavior appears within the separated region. The

entire flow field displayed within the photograph is laminar.

a = 50 At th.s a,-g]e, the suction-side laminar boundary layer

separates just downstrut of the leading edge. The separated layer then
exhibits a rolled-up vortex near the trailing edge. This vortex
represents an instability which can eventually lead to turbulence
breakdown. The less stable behavior of this separated flow compared to the
one above may be understood in terms of the stronger suction-side
adverse pressure gradient and the increased axial length of the separated
region.

a = 100 At this angle of attack, as would be expected, the
thickness of the separated region increases and breakdown toward
turbulence proceeds to an even greater extent.

Photographs for Re = 33,000: Figure 3b

a = 00 The flow pattern exhibited in this photograph is similar to
that in its counterpart. in Fig. 3a. However, in this case, note that the
pressure-side flow has also separated, beginning near the mid-chord
station.

a = 50 For this photograph, compared to its counterpart in Fig. 3a,
the thickness of the separated region is reduced and turbulence breakdown
within this region develops to an increased extent. Unfortunately, due
to the faintness of the filaments within the separated region near the
trailing edge, the increased mixing there is not resolved in this
reproduced version of the original photograph.

a = 100 This pattern is in all major respects identical with its
counterpart in Fig. 3a.

Photographs for Re = 66,000: Figure 4

a = 00 Under this flow condition, the suction-side laminar boundary
layer separates near the mid-chord station. Unstable flow behavior in
the separated region then begins downstream of the trailing edge.
Through this unstable behavior, the suction-side flow is able to reattach
itself to the pressure-side flow.

a = 30 At this ang1,, the suction-side boundary layer separates
near the leading edge. Also, through unstable flow behavior, the
suction-side and pressure-side flows are able to rejoin downstream of the
trailing edge.

a = 40 At this angle, the separated external flow is able to
reattach itself upstream of the trailing edge, at approximately 800 of
chord. In. this photograph, we see the first example of an airfoil
separatio:, bubble.

a = 50 At this angle, the external flow reattachment point has
moved forward to approximately the 40'. chord station. The size of the
separation bubble is correspondingly reduced, in width as well as in
length.
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Photographs for Re = 100,000: Figure 5

a = 00 Heethe disp~iaved f'low field is almo11st entitrely I'Ilaminr

A] so, sepa ra t i Oil the Ll s IctI i enl-s i de- ounlda r", I avyer i s L,01 f i iied to the

vi c iii itv o f the t railI ig md'

a 50~ At thiis angle, n separat~ion bubble is forlneod beg innilig lilar

the leald jug edg iad en1d in mie i d-cliord

a 100 ( At thiis angle, ai sepa raition baibble no doubht forms, bu~t it-

Cannot be resolved inl thec photogra-iph. However-, it is fairll-V cIlear thalt

Life eattaLchled , turlbulentL boun Idairy I ave (II- sevparatesI ( S ps il-eam o0f t 1e
t ra i Ii fi g edg

a- = I 5 lo r t IIi is lxevue lo Is niumber as f"Or t Ie prvey joils , Ilesser onles ,

a t th11is angle I of att~ack- the stict ion-s ide I' l ow separa1"1tes anSdd does nlot
red tz)tAd w ith ili the field of view.

00 100

50 1 50

Re =100,000

gure ., Smioke ie)atglps
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In tLhe list. Lh r'ee photogrnphs i n thlis figure. noLe that tLhe

prssnre-s ide laminar boundnry IWyer also separJates, ,ear the leading
edge. Note als o that resi IItLiLlg separated regio ' 1 .xhiH"Ls nt o 1111t-;i})le

behavior. IThis inIcreased st.nbi l ty, compa red to Lh,lL exlhibti ted bv theQ

Suction-side region, is direcLly attIributable Lo the favorable sLtreamwise
pressure gradient. wihich exisLs over the pressure side ', l the way from

just downstream of tihe leading edge to Lhe utr-iting edge. The existence
of this gradiel•is s indiCaied hA tihe rediit goi ill smoke filament spacinlg
in tie st.iillwr ¢ise direLtion aI oing this side.

ilPhoLographs for Re = 13:5,000: Fiigure 6

For this test condition, the Reynolds number W•Isd oi wire diaMlLer
has increased to 85 ain, at l tLhis high value, strongly increased mixinlg in
the wake" region immed iat~e ly behind tihe wi re Irodulces si gIi fi Ccant

smoke-f i lnment spreadding. Althoulgh ts is ixinlg ltmost totAlllv dies o11L

by the t. ime ile fi Il (ilt rliachIls the airfoi , , each fI ii allllt rem i nih s
broadened and flow field resolution is correspondingly degraded.

00 100

50 15D

Re = 133,000
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a = 00 At this angle, based on earlier photographs, the flow is

expected to remain fully laminar and fully attached. The observed smoke

pattern is consistent with this expection.

a = 50 At this angle, based on previous photographs, formation of a

separation bubble is expected ahead of the mid-chord station. Due to

filament spreading, no clear evidence for this bubble may be seen in the

photograph. Its existence is confirmed, however, by corresponding

surface pressure data. These pressure data will not be presented here.

a = 100 Again in this photograph, it is impossible to resolve the

presence of a separation bubble, although it is easy to reason that a

small one forms. From the general sweep of the suction-side fil;a-ents

downstream of mid-chord, it would appear that, as expected on the basis

of earlier photographs, the turbulent boundary layer separates upstream

of the trailing edge.

a = 150 Again at this Re, at this high angle of attack, the

suction-side flow separates and does not reattach within the field of

view.

COMPARISON WITH PREVIOUS RESULTS

Smoke wire photographs similar to the ones displayed here have been

",,presented by Batill and Mueller [10,11] for a NACA 66,-018 airfoil for

several different angles of attack and for chord Reynolds numbers of

40,000 and 50,000. Similar photographs have also been presented by

Mueller and Burns 1121 for an Eppler 61 airfoil, again for several
different angles of attack, for chord Reynolds numbers of 46,000 and
87,000. These investigators used a wind tunnel which is very similar to
the one used for the present tests. The chord length for their wing
model was app'oximately twice that employed here. The diameter of their
smoke wire was equal to that employed here.

Although the above investigators employed airfoil shapes which
differed considerably from that of the NACA 23009, the qualitative, and
even the semi-qualitative, features of the streaming patterns which they
observe are quite similar to those which are found here. This
concurrence is expected. The basic physical processes which come into
play are for the most part independent of the detailed shape of the
airfoil.

An improved aspect of the present photographs compared to these
previous ones is that the flow region immediately next to the airfoil
is resolved. Evidently because these other investigators used thicker
wings and a smaller diameter camera lens, the region immediately next to
each of their airfoil sections, including the section profile, was not
resolved.

CONCLUDING REMARKS

The present results provide a significant added demonstration of the

great power of the smoke wire technique for revealing the detailed
features of aerodynamic flows. With this technique, the investigator can
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obtain an essentially romnplete, and for all practical purposes
interference-free, representation of such a flow. Moreover, very little
effort or expense is required.

The several flow behaviors which have been delineated in this paper
do not constitute very much of a mystery. Each would be readily familiar
to by anyone having extensive experience with aerodynamic flows and
boundary layer theory. In fact, it is probably an accurate statement
that a great fraction of the individual flow features which have been
mentioned could, with reasonable amounts of effort, be reproduced
analytically. Surely boundary layer theory is capable of, given the
imposed external-flow pressure/velocity field and a sufficiently
sophisticated computational approach, accurate modeling of laminar
boundary layer separation. Also, again given the external-flow
pressure/velocity field, existing full-Navier-Stokes computer codes would
be expected to be capable of predicting the observed developments of the
laminar part of the separated layer, perhaps even to the extent of
predicting initial instability roll-up features. It is also presumably
practical, still again given the external pressure/velocity field and
using quasi-analytical methods, to predict the major aspects of the
transition-to-turbulence and wall-attachment processes for the separated
flow, and to predict any downstream separation of the reattached
turbulent boundary layer. Furthermore, given these individual modeling

/ capabilities, it could well be within the present state of the art to
couple these models together with a suitable model for the external flow
and iterate the entire package to some self-consistent convergence.

Of course, the big problem with any analytical/computational
approach of the above type is that it would, when developed to a
sufficient level of accuracy, be very, very expensive. For this reason,
for any research program aimed primarily at arriving at airfoil designs
which exhibit improved aerodynamic performance at lower Reynolds number,
particularly in view of the relative ease with which reliable
experimental data, of the present and other types, may be obtained, it
would seem highly advisable to give strong weight to approaches which
center upon experimentation. Furthermore, because streaming patterns
tend to be much more revealing of the important underlying physical
processes than direct aerodynamic force and moment measurements, major
emphasis on investigations of this type is warranted.
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ABSTRACT

Wind tunnel tests were conducted on a series of wings employing the
Wortmann FX-63-137-ESM airfoil to determine the influence of wing aspect
ratio on the aerodynamic behavior of that section at low Reynolds
numbers. Tests were performed in the six by six foot test section of
the Virgiria Tech Stability Wind Tunnel at a free stream turbulence
level of two one-hundreths of a percent. Tests were conducted at
Reynolds numbers between 50,000 and 500,000 with model wing aspect
ratios of 4, 6, 8 and 10. Test results showed that aspect ratio
influences the size of the low Reynolds number stall hysteresis loop and
the range of Reynolds number over which the hysteresis loop exists as
well as having the usual effects on the slope of the lift curve and the
magnitude of the maximum lift coefficient. Flow visualization tests
3howed no three dimensional flow patterns at low Reynolds numbers other
than the expected wing tip flows.

INTRODUCTION

Past research on low Reynolds number aerodynamics has concentrated
on two dimensional airfoil aerodynamic characteristics. The reasons for
this concentration have been primarily twofold. Three dimensional
aerodynamic research requires a well equipped wind tunnel with an
excellent force balance system; however, most balance systems are not
very accurate at the low force levels encountered in low Reynolds number
flows. The lack of funding for serious research restricted some past
efforts to a very simple level of testing; ie, testing which can be
accomplished with simple pressure manometers and pressure tapped models,
a technique which is essentially limited to two dimensional data
collection. Much of this past data have come from research by model
airplane or sailplane enthusiasts. The earliest such work was that of
Schmitz(1) for model airplane wings. Schmitz was the first to report
the stall hysteresis effect. Althaus(2) also studied a selection of
model airplane airfoil designs as did others at Delft(3). All of this
research examined only two dimensional behavior and omitted any mention
of pitching moment data. Most recent work has also concentrated on 2-D
data.

Much of the past low Reynolds number airfoil research has relied on
pressure measurement data collection techniques, either pressure
integration around the airfoil surface to get lift and drag or pressure
measurement in the airfoil's wake to obtain drag via momentum deficit
analysis. Both of these techniques are subject to well known flaws as
well as being only two dimensional techniques. Chordwise pressure
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integration can obtain two dimensional lift, drag and pitching moment
but it cannot include any skin friction effects in the data reduction.
Pressure taps must also be very carefully constructed so as to avoid any
alteration of the boundary layer due to pressure tap roughness effects.
The momentum deficit method is easy to use but largely depends on the
assumption of linear momentum losses in the airfoil wake, limiting its
applicability to low and moderate angles of attack.

Many of the past investigations of low Reynolds number aerodynamics
have also been conducted in less than optimum wind tunnel test
conditions. It is well known that wind tunnel turbulence levels have a
strong influence on data at low Reynolds number and that excessive
turbulence can reduce or even eliminate the stall hysteresis loop which
is perhaps the most significant aerodynamic effect seen at low Reynolds
numbers(4), yet much of past research has been in tunnels with rather
large free stream turbulence levels. Much of the research has also been
done in tunnels where model size to test section area ratios have been
too large. It is usually assumed that when wind tunnel blockage exceeds
ten percent test results will be, at best, questionable, yet some
researchers continue to conduct tests with model/support arrangements
that exceed ten percent blockage over a siginficant range of angle of
attack. Usually the worst blockage problems will be at high angle of
attack, the very area where the critical stall hysteresis loop occurs.

One result of the past use of a wide range of test conditions is a
large degree of uncertainty with respect to published data. As an
example, tests conducted at Stuttgart in two different wind tunnels with
the exact same two dimensional model of the Wortmann airfoil appear to
show two different values of zero lift angle of attack for a Reynolds
number of 280,000.(5) The two tunnels, Stuttgart No.1 and Stuttgart
No.2 are known to have different turbulence levels, however it is
unlikely that turbulence can account for a zero lift shift, and one must
assume that the researchers were equally careful in conducting and
reducing the data from both series of tests.

Low free stream turbulence levels are essential if meaningful
aerodynamic data is to be obtained at low Reynolds numbers. The
Virginia Tech Stability Wind Tunnel has documented turbulence levels of
less than two hundreths of a percent as measured by Saric(6) and as
frequently verified by use of hot wire surveys of the test section
during the present low Reynolds number testing. Tests at Virginia Tech
have shown that if this turbulence level is increased even a small
amount there can be significant alteration of the stall hysteresis
loop(4). Reference 4 also shows that tunnel acoustic effects can
influence the loop. In facilities where turbulence levels are high and
where fan noise is not isolated from the test section these two effects
can combine for very significant alteration of the test data.

Another requirement for three dimensional testing at low Reynolds
numbers is an accurate strain gauge balance system with the ability to
remotely control the model's angle of attack. The Virginia Tech wind
tunnel uses a very sensitive six component strain gauge balance designed
and built at NASA-Langley. This strut balance was fitted with a motor
driven, computer controlled extension which mounted on the strut's
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moment balance to allow remote operation of the model angle of attack
through a range from minus ten to plus thirty degrees.

The present study was prompted by the need to obtain three
dimensional aerodynamic data for wings at low Reynolds number
conditions. The airfoil section chosen was the Wortmann FX-63-137-ESM
airfoil and testing was to be done at aspect ratios of four through ten
and over a Reynolds number range from 50,000 to 500,000. Lift, drag and
pitching moment data were to be collected throughout these ranges.

EXPERIMENTAL PROCEDURES

The airfoil section chosen for these tests was the Eppler modified
Wortmann FX-63-137-ESM, shown in Figure 1. Models were tested with
aspect ratios of four, six, eight and ten. This aspect ratio range
dictated a model chord of five inches, giving a span of from twenty to
fifty inches. This allowed ample clearance between the model wing tips
and the wind tunnel test section walls in the six-by-six foot test
section. The test section of the Virginia Tech Stability Wind Tunnel
(Figure 2) is 6x6x28 feet, part of a closed circuit tunnel with a
fourteen foot diameter fan powered by a 600hp motor. The tunnel's seven

,/ sets of fine mesh stainless steel anti-turbulence screens and the
,,presence of a large air exchange section between the fan and the test
section combine to give the very low turbulence levels mentioned
earlier.

FIGURE 1: WORTMANN FX-63-137-ESM

AIR EXCHANGE TOWER

CONTROL CENTER

7 ANTI-TURBULE'NCE
SCREENS WR A

6x6x28 FT TEST SECTION \ AIR LOCK

FIGURE 2: VIRGINIA TECH STABILITY

WIND TUNNEL
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orerThe model was machined in sections from a solid aluminum block in
order to allow combinations of the sections to form the desired aspect
ratios of four, six, eight and ten. Sections were milled to the
necessary tolerances and the assembled models hand finished and painted
to assure a smooth surface. The test models were bolted to the modified
strut balance described earlier for testing. Model angle of attack was
remotely controlled through the wind tunnel's Hewlett Packard 9836
computer via relays and a model actuator control as shown schematically
in Figure 3. Angle of attack indication was obtained from a precision

4. electronic Inclinometer incorporated into the angle of attack actuation
", dev i ceý.

PRI NTER
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The balance strut was shrouded to prevent forces on the strut
itself. ,ocause of the relative size of the shrouded strut and the
models tests were also run to evaluate the influence of the strut on

flow angularity seen by the model, specifically, the effect of the strut
on the wing's zero lift angle of attack. Tests were conducted using the
aspect ratio eight wing model as well as an aspect ratio 8, five inch
chord flat plate (where the zero lift angle must be zero degrees). Wing
model tests were conducted using inverted models and image struts.
"From these tests zero lift angle shifts were evaluated and applied as
corrections to all collected data. The angle of attack electric
inclinometer was recalibrated prior to each series of tests.

'- The complete test procedure was programed into the HP 9836
computer. After the desired range of angle of attack and angle
increments were entered into the system along with model gaometry data

0 balance system tare readings were taken and the wind tunnel was brought
up to the speed needed for the desired test Reynolds number. The
computer then ran the model through the preset angle of attack program
while the tunnel operator kept the tunnel at the desired speed. At each
angle of attack the dati acquisition system (Figure 3) scanned all the
"strain gauge balances and the tunnel temperature, dynamic pressure and
static pressure 50 times, averaged the data, subtraoted tare data and
made any other prepro-ramed corrections, then printed out all the

corrected force, moment, pressure, temperature and Reynolds number data
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along with calculated force and moment coefficients. Dur it, .
the computer CRT displayed real time plots of lift and drag coeffici ;.
versus angle of attack along with current angle of attack information.

Each test was repeated at least twice to assure accuracy and
repeatability. Repeatability was found to be excellent except at the
lowest Reynolds numbers tested, around 70,000. Even at this lowest
Reynolds number the lift data were quite reliable, however the drag data
exhibited significant scatter. To gain added confidence in the data,
tests were also run measuring momentum deficits behind the wing and by
measuring pressures chordwise around the wing and comparing these two
dimensional measurements with the measured force data corrected to
infinite aspect ratio. These comparisons were usually quite good,
giving considerable confidence in the force balance data. Greater
accuracy in the drag data for the lowest Reynolds number case would have
been desirable, however, since a Re of 70,000 would represent speeds
lower than would be encountered by even a small RPV, further efforts to
improve accuracy at that speed did not appear worthwhile. It must be
kept In mind that at this lowest Reynolds number the wing is seen to
behave as a "thin airfoil" or flat plate with leading edge separation
over most of the range of angle of attack and thus of little interest in
this study.

DATA ANALYSIS

Because of the large quantity of data collected in these tests it
is possible only to present a small portion in this report. Before
examining the effect of dSpeUt ratio it will be useful to first take a
look at the effects of Reynolds number on the results for at least one
aspect ratio. Figure 4 presents the lift coefficient data for the
aspect ratio 10 model for four of the test values of Reynolds number.
It is seen that, except for the Re = 70,000 case, the linear portions of'
each curve are coincident, having a slope of 4.3 per radian. At a
Reynolds number of 100,000 the wing experiences an abrupt stall at an
angle of attack of fourteen degrees, indicating a rather sudden bursting
of the laminar bubble before any turbulent separation can proceed far
upstream from the trailing edge. At the higher Reynolds numbers it
appears that the turbulent boundary layer behind the laminar bubble

separates over the rear of the wing and that separation point moves
-4forward substantially before the laminar bubble bursts and leads to full

"upper surface separation. It is also seen that as Reynolds number

increases, the hysteresis loop moves to the right. At the 70,000
Reynolds number the wing exhibits "thin airfoil" or "flat plate"

behavior with upper surface separation at zero degrees and a linear
behavior only between minus four, and zero degreen,.

4
The Reynolds number effects seen in Figure 4 were typical of those

seen at all aspect ratioos. At a giyern asport rat.io it appears that as
Reynolds number increases, turbulent separation can move further toward
the wing's leading edge before the laminar babble "bursts" and total
upper, surface separition occurs. If Heynolds number continues to
increase there will be some value of' Reynoldzj number, where a norrnal
separation can progress across the wing's upper surface without I
bursting. At this point thu llya.iresi3 IspWill ChOto exi-t. Th is
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point appears to be a function of both Reynolds number and aspect ratio.
For the aspect ratio eight model the hysteresis .oop had disappeared at

the 300,000 Reynolds number case. Large lift forces at large angle of
attack for the aspect ratio ten case at a Reynolds number of 300,000
prevented complete testing in that case.

1..
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FIGURE 4: EFFECTS OF Re ON C FIGURE 5: EFFECTS OF Re ON CD
AT ASPECT RATIO 1O0 AT ASPECT RATIO 10

The drag coefficient data for aspect ratio ten are shown in Figure
5 for the same Reynolds numbers as before. It is seen that at Reynolds
numbers of 100,000 and above the data seems to follow the same curve.
The data for Re - 70,000 give higher values of drag coefficient since
there is a significant amount of flow separation in this case. The drag
hysteresis loops are also shown and, as expected, show large increases
in drag when 'he wing is in the stalled portion of the loop. More
kcatter is seen in the drag data than was seen in the lift data as
expected due to the lower magnitudes of the drag forces. The data
however are seen to be quite consistent, easily accomodating curves
through the data points, and were found to be very repeatable in
subsequent tests run at several different times throughout the course of
a year.

The quarter chord pitching moment data for this same case are seen

in Figure 6. It appears that the wing exhibits increasingly stable
behavior as Reynolds number increases with unstable behavior in the
stall region in all cases. The wing is generally unstable anywhere in
the hysteresis loop.

The primary purpose of this research was to examine aspect ratio
effects on the low Reynolds number aerodynamics of the Wortmann airfoil.
This will be done in Figures 7 - 15. Since lift coefficient is usually
considered of primary importance, aspect ratio effects on the lift
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coefficient data will be examined in more detail than the effects on the
other coefficients. Figure 7 shows the effects of aspect ratio on the
lift coefficient data for a Reynolds number of 200,000. It is seen that
as aspect ratio increases from four to ten the slope of the lift curve
increases from 3.15 to 4.3. The value of maximum lift coefficient
increases from 1.45 to 1.55. The angle of attack range of the
hysteresis loop appears to be unaffected by aspect ratio; however, the

size or area of the loop is seen to decrease as aspect ratio increases.
This result indicated that in addition to the previously known
aerodynamic advantages of high aspect ratio may be added the advantage
of less pronounced hysteresis losses in stall at low Reynolds numbers.
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Figures 8 - 10 show similar effects for Reynolds numbers of 70,000,
100,000 and 300,000 respectively. As seen earlier, at lower Reynolds
numbers stall occurs more abruptly. The same effects of aspect ratio
mentioned above apply to these data with the possible exception of the
70,000 case where "thin airfoil" behavior exists and the curves are more
erratic. It appears that in the 70,000 Reynolds number case the slope
of the linear portion of the lift curve does not necessarily increase
with aspect ratio; however, the post stall lifting ability of the wing
does seem to increase with aspect ratio.

L8

C 6

CL CD

SA

74 0

to 28 30~- ... ..... z

FIGURE 10: EFFECTS OF ASPECT FTCURE 11: EFFECTS OF ASPECT
RATIO ON C FOR Re=300,000 RATIO ON C FOR Re=200,O00

L D

An example of the drag coefficient data is seen in Figure 11 for a
Reynolds number of 200,000. These data are similar to those at other
Reynolds numbers and show the generally expected decrease in drag over
most of the range of angle of attack as aspect ratio is increased.
Figure 12 shows the quarter chord pitching moment data for the same
cases. The most obvious feature of this figure is the unstable
behavior exhibited in the stall hysteresis loop with marginal stability
at angles of attack above zero degrees.

The previous data showed that all of the models tested exhibited
"thin airfoil" or "flat plate" behavoir in lift at a Reynolds number of
70,000. This is in agreement with data found in past studies of several
different airfoils at low Reynolds number which show that as Reynolds
number decreases below 100,000 the basic behavior of the wing changes.
It was therefore of interest to try to find the approximate Reynolds
number where this change occurred for the test wings and to examine the
effects of aspect "atio on that change. Tests were therefore conducted
for each aspect ratio wing and the results are shown in Figures 13 - 15
for aspect ratios of four, six and ten, respectively. These figures
show that aspect ratio has a pronounced effect on this transition in
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aerodynamic behavior. At an aspect ratio of' four the change takes place

at an approximate Reynolds number of' 74,000. This increases to 83,000
at an aspect ratio of' six and to over 92,000 f'or the aspect ratio ten
case.

010
W-,.A 8

CM V 4  a A C L

A E3
*I 

03

7 73,00ID 3.,000

50,000

19 29 30

-.

FIGURE 12: EFFECTS OF ASPECT FIGURE 13: ASPECT RATIO 4 CHANGE

RATIO ON CL FOR Re=200,000 TO "THIN AIRFOIL" BEHAVIOR

*CL CLI

L0 L

Q 80,00 fl80,000
82.0[10 A 9f), n0

83,(0000 9 2,ow0

to I I~II~I -18 7.1 29 a 38

FIGURE 14: ASPECT RATIO 6 CHANGE FIGUtRE 15: ASPECT RATIO 10
TO "THIN AIRFOIL BEHAVIOR CHANGE TO "THIN AIRFOIL"

~\ N.;BEHAVIOR

%



FIGURE 16: SAMPLE FLOW VISUALIZATION
PHOTOGRAPH AT Re-200,000, AR=4

Flow visualization tests were also conducted to examine the three
dimensional nature of the flow and stall patterns on the test wings.
The technique used was the well known naphalene/trichlorethane thin film
evaporation method. The results of these tests are discussed in more
detail in Reference 4; however, the result most relevant to this paper

is that the nature of the flow over the wings was found to be
essentially two dimensional except at the wing tips where the usual

,jothree dimensional wing tip flow effects were observed. A typical result
is seen in Figure 16. No evidence was seen of any three dimensional

stall cells or other effects which do not normally occur on wings.

CONCLUSIONS

The principal results of this research can be summarized as

follows:

1. As is the case at higher Reynolds numbers the slope of the lift

coefficient versus angle of attack curve increases as aspect ratio

increases.

2. As aspect ratio increases there is a slight increase in the

maximum| lift coefficient for a given Reynolds number.

3. While aspect ratio does no" appear to influence the angle of
attack range of the hysteresis loop for a given Reynolds number,

increasing the aspect ratio does appear to reduce the area within the

hysteresis loop.
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4. As is the case at higher Reynolds numbers, increasing the
aspect ratio reduces the drag coefficient of the wing.

5. The Reynolds number at which the wing changes from a normal low
Reynolds number aerodynamic behavior to a "thin airfoil" behavior was
shown to increase as aspect ratio increases. This is the only result
from these tests which may indicate that any benefits may accrue from
using a lower aspect ratio wing under certain conditions.

6. No unusual three dimensional flow patterns were observed during
flow visualization tests; ie, flow separation and laminar bubble
behavior appeared quite two dimensional except near the wing tips.

ACKNOWLEDGEMENTS

The authors would like to acknowledge the financial support of the

Office of Naval Research under contract number N00014-84-0093 as well as
that of the Virginia Tech Department of Aerospace and Ocean Engineering,
without which this research would have been impossible.

IL

REFERENCES

1. Schmitz, F. W., "Aerodynamics of the Model Airplane", Ludwig Prandtl
Prize for 1941, Translation by Redstone Scientific Information Center.

2. Althaus, D., "Profilpolaren fur den Modellflug", N.V. Neckar Verlag
Villingen-Schwenningen, 1980.

3. Volkers, D. F., "Preliminary Results of Wind Tunnel Measurements on
some Airfoil Sections at Reynolds Numbers Between 60,000 and 500,000",
Delft University of Technology, Memo M-276, June 1979.

4. Sumantran, V, Sun, Z, and Marchman, J. F., "Acoustic and Turbulence
Influence on Low Reynolds Number Wing Pressure Distributions",
Proceedings of the Conference on Low Reynolds Number Airfoil
Aerodynamics, University of Notre Dame, June 1985.

S5. Carmichael, B.H., "Low Reynolds Number Airfoil Survey", NASA CR-
16583, November 1981.

6. Saric, W. S. and Yates, L. G., "Generation of Crossflow Vortices in
"a Three Dimensional Flat Plate Flow", Proceedings from the Second IUTAM
Symposium on Laminar Turbulent Transition, Novosibirsk, USSR, July, 1984

I

I

193
I



PERFORMANCE OF FINITE WINGS AT LOW REYNOLDS NUMBERS

William G. Bastedo, Jr.
and

Thomas J. Mueller
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Notre Dame, Indiana 46556

ABSTRACT

The performance of three rectangular wings of aspect ratios equal
to 5.4, 4.0 and 3.0 were studied at chord Reynolds numbers ranging
from 80,000 to 200,000. Each wing utilized the Wortmann FX 63-137
airfoil section, and two-dimensional data for this profile was also
obtained. Examination of the data revealed that increasing chord
Reynolds number increased performance of the wings and the airfoil,
while reducing aspect ratio decreased the lift curve slope and overall
performance. This data supported the applicability of simple
techniques for predicting wing performance from airfoil data.

INTRODUCTION

Because the concept of flight implies that sufficient lift be
generated to offset the force of gravity, the aerodynamics of lifting
surfaces has been of great concern. Mathematicians have developed
methods to predict the pressure distributions about airfoils moving
through an ideal fluid. Because engineers have not developed the
technology to build aircraft with infinite aspect ratio lifting
surfaces, nor have they found an ideal medium in which to fly, airfoil
section information of this type was not of much use to the pragmatic
engineers. The Wright brothers recognized this deficiency and
developed wind tunnel and force measuring capabilities to test airfoil
designs [2]. Armed with accurate airfoil data, wing aerodynamicists
have studied and modelled three-dimensional lifting surfaces with
great success for many years [3]. This work, however, dealt with the
"practical" flight Reynolds numbers of the times, (chord Reynolds
numbers greater than 1,000,000) where boundary layers often undergo
natural transition from laminar to turbulent flow slightly downstream
of the leading edge; regions of separated flow are small, lift curves
are usually linear, and airfoil and wing performance is predicted with
great success. These models (e.g., lifting line, vortex-lattice and
panelling methods) are based upon potential flow theory and do not
account for separated flow phenomena, such as laminar separation
bubbles. Therefore, their applicability to the low Reynolds number
flight regime needs to be rigorously examined.

Experimental low Reynolds number aerodynamic research is a
necessary, but inherently problematic, predecessor to analytic
modelling. The resulting data is necessary to provide basic
information for and to verify predictions by such models. Good
experimental data is quite difficult to obtain however [1,4,5].
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Laminar separation bubbles having a dominant effect on airfoil and
wing performance have been found to be sensitive to free stream
turbulence levels £61, surface smoothness £7) and testing method
[1,4-9). Therefore, extreme care must be exercised when analyzing and
comparing low Reynolds number experimental data.

This paper discusses the performance of three rectangular
planform wings with aspect ratios of 5.4, 4.0 and 3.0, and compares
these results to two-dimensional data for the Wortmann FX 63-137
airfoil section (the profile used for the wings).

EXPERIMENTAL PROCEDURE

All experiments were performed in one of the subsonic wind
tunnels of the Notre Dame Aerospace Laboratory. Air flow velocities
ranged from 7.5 m/s (Rc - 80,000) to 19 in/s (Rc -200,000) for the

4152.4 mm (6 In.) chord models used. Test models were rectangular
wings cast in the same mold and trimmed to the different spans in
order to generate appropriate aspect ratios. Each model was cast
using a metal reinforced epoxy and sanded to minimize surface
roughness. The wings were semi-span models, used in conjunction with
a reflection plate to simulate full-span conditions. The infinite
aspect ratio case (airfoil model) was simply the largest aspect ratio
wing model with a second end-plate used at the free end. Wing aspect
ratio was defined to be twice the ratio of the actual span to the
chord length for the rectangular wings. A detailed description of
both the facilities and the models can be obtained in Reference 4.

Measurements of the lift and drag forces generated by the models
was accomplished with an externally mounted, two-component
strain-gauge balance and an Apple Hie based data acquisition system.
This is shown in Figure 1. A data acquisition and reduction algorithm
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allowed sampling of the lift, drag and a reference pressure port
(which was calibrated to give free-stream dynamic pressure readings)
at a rate of 37 Hz on each channel. These readings were obtained over
an eight second time period and averaged to insure accurate
measurement. Reference 4 lists the accuracy of the equipment and

"" uncertainty estimates associated with these measurements. In no case
"was the uncertainty estimated to be greater than ± 7%. Each test was
"performed several times to insure the accuracy of the tests. Standard
wind tunnel corrections were not applied to the data.

EXPERIMENTAL RESULTS

Trends in wing and airfoil performance were studied with respect
to aspect ratio and Reynolds number. It was found that increasing the
chord Reynolds number increased performance. As expected, increasing
wing aspect ratio increased lift curve slope and the magnitude UT the
maximum lift coefficient. For reference, Figures 2 and 3 show the

Wor•.mann 1.6e
FX 63-137
Rc-77.504

"1 . 2 Cd

CC

-20 - 12 20 2'

"-20Alpha. de-"Ahe i :g :,-. 4- -20 -12 -4 4 12 20
Al-ha. •e•,Alpha. degoes2

Figure 2. Two-Dimensional Lift and Drag Coefficients versus
Angle of Attack, Rc = 80,000.

two-dimensional performance at Rc a 80,000 and 200,000. All cases
tested showed post-stall hysteresis loops that have been shown to be
associated with "short" separation bubble formation and their abrupt
bursting. This two-dimensional data was compared to similar data
obtained from Reference 10. The lift data compared reasonably well,
but drag measurements varied greatly as shown in Figure 4. This is
attributed to differences in the testing methods [1,41.

Performance with Respect to Reynolds Number

Tables 1-2 present summaries of the maximum lift coefficient and
minimum drag coefficient for all of the cases tested. As can be seen,
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the two-dimensional Clmax was not greatly affected by increasing
Reynolds number, but the minimum drag coefficient was decreased by
40%. This effect was not quite as pronounced for the finite wings.

Rc-197..5FX 63-137 T
Cc 1 1.25B8 .3

.8/ .3

.2"

-20 12 1'2 20 28Alpha. degreas P , , .
4 -20 -12 -4 4 12 20

T/ Alpha. degreas

Figure 3. Two-Dimensional Lift and Drag Coefficients versus
Angle of Attack, Rc = 200,000.
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Figure 4. Comparison of Lift and Drag Coefficients for the
FX 63-137 Airfoil at Rc = 100,000 from Two Wind
Facilities Using Different Measurement Techniques
for Drag.
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TABLE 1

Summary of CLmax for Various Reynolds Numbers and Aspect Ratios.

CL
AN4LE As Co 5.4 4.0 3.0
O',F ChC•UAA Nt._[

1.6 143 1.27 -2

Z10,000 5 g0 1 -

:,o~oo I, \ , \2 2o• 2,"
1.64 1.49 1.46 12
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TABLE 2

Summary of CD for Various Reynolds Numbers and Aspect Ratios.
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TABLE 3

Summary of (L/D)max for Various Reynolds Numbers and Aspect Ratios.

ANGLE.LtAX Ar-co 5.4 4.0 30o
OF OCCURA N,. ___-_, _ .

R 5 = 80,000

Z20000,000

r< Figure 5 shows the lift and drag coefficients versus angle of attack
•,::,,for the A = 4.0 wing at the four different Reynolds numbers. The
•{•-•slope of the lift curve did not change drastically, but the zero lift

angle shifted and the maximum lift coefficient varied significantly.
Aerodynamic efficiency improved slightly with increases in Reynolds

number also, as shown in Figure 6. Increasing Reynolds number had the
effect of lessening the extent of the hysteresis loop.

"\_," " -200,O4 0 . 4

0 80,000 r

0 .2-

12 2. 282 9.2

2* 21 2,3•

Al-h. -. ,-..

for thFigure 5. The Effect of Reynolds Number on Lift and Drag

slope on the Finiteinit Wing, A t 4.0

w.- 200
Alha dogea

x"•'5".f' ~~~ ~ ~ ~ -2 "412 12 -- 0 2,8*- ' """• .. ' ,•.•,•.• -
4,, • . -. • • • ' .. . . ,', .- % %' .'- .- ,,• .- .' ,' . -, •,,.. .. •' •' .,'.. -. ,' .• '.. .. "%' ."t •, Alph-a-. -.. . - .,.r a.s

"WAP • . . ,. ' : -'. ., , . ',- • -' . .. . . . . " ". . . • ,. . ,, "..., , - . . . . .".



---(C13 /2 /Cd)', ond (C 3 /2/CD)mo A
2 5 - o L 0 moO

11/d)rnox ld (L/D)mo, _,-~ o 5.4

PC 4.0
0 20- 3.0o
E

0 
a.

< -0

0
E 10

00

50 100 150 200 250

Figure 6. The Effect of Reynolds Number and Aspect Ratio
upon the maximum values of the Performance Ratios.
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*Figure 7. The Effect of Aspect Ratio Upon Lift and Drag

at Rc = 80,000.

Performance with Respect to Aspect Ratio

The performance of wings with regard to aspect ratio is of great
concern to designers of low Reynolds number vehicles. As was
expected, lift curve slopes decreased with decreasing aspect ratio
with no change in the zero-lift angle. Figures 7 and 8 illustrate
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N this at Rc = 80,000 and 200,000. Also, Tables 1-3 show that as aspect
ratio was reduced, the maximum value of the lift coefficient as well
as the lift-to-drag ratio decreased, while the magnitude of theII• minimum drag coefficient increased, due to the velocity field induced
by the tip vortex. This field was observed with flow visualization
techniques and its effect upon separation bubble formation and its
variation along the span is documented in great detail for the A = 4.0
wing in Reference 4.

S•, / Wor t,.onn

iFX 63-137
Rc-200.000 1.6 4 - 00

.4•,' •,C~. 4,30 CO 3.0

:3.0 .3 4.0

,l(. .9 54

.2 O

-20 -12 4 12 20 29
[ '" .4 ph .degree.e "} -; 4 ° 2 , "

.. 4 R0- Alpha. degrees

Figure 8. The Effect of Aspect Ratio upon Lift and Drag
at Rc = 200,000.

The tip vortex that formed was found to decrease the effective
angle of attack along the span, as occurs at higher Reynolds numbers,
through measurements of chordwise static pressure distributions along
the span of the A = 4.0 wing. Pressure distributions on the inboard
80% of the wing were found to be identical to two-dimensional
distributions at the equivalent angle of attack for that spanwise
station. This is documented in more detail in Reference 4. Flows at
the most outboard 20% of the wing were found to be highly
three-dimensional and thus could not be adequately modelled by a

two-dimensional pressure distribution.
The results of these experiments were encouraging because of the

•similarity with those that occur at higher Reynolds numbers. The

slopes of the lift curves in Figure 8 can be predicted with the
following simple equation from Reference 11:

CL =Cl A (1)

S(C 1 /•) + )(C + A

a a
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It should be noted however, that this only holds true when the lift
curves can be approximated with s straight line; thus it would be of
no use at Rc = 80,000. Also, since lift curves are never truly linear
at low Reynolds number conditions, this relationship should be
exercised with a great deal of care. Lastly, it was found that a
simple lifting line analysis predicted spanwise load distributions on
the A = 4.0 wing reasonably well [4], but only when the lift curve was
approximately linear. This is shown in Figure 9.

* LIFTING LINE

-MEASURED

1.24

- .8-.4

U

.4
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Figure 9. Comparison of Lifting Line Predictions with
Spanwise Lift Distributions Obtained from
Integrated Pressure Distributions for
Rc = 200,000 and A = 4.0.

CONCLUSIONS

The performance of the three finite wings were found to be
functions of the chord Reynolds number and wing aspect ratio. The
performance of the wings was found to be closely related to the
two-dimensional airfoil performance. The wing data was found to be
somewhat predictable from the airfoil data, especially when the lift
curves approached a linear shape (Rc = 200,000). Decreasing the
Reynolds number decreased wing performance, and decreasing aspect
ratio had a similar effect. Overall, it is believed that careful use
of carefully obtained airfoil data will allow prediction of wing
performance at low Reynolds number conditions. Further research into
this area is deemed to be fruitful and quite necessary.
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NOMENCLATURE

A traditional aspect ratio, based upon the

distance fron, wing tip to image wing tip,
b' A = b'2/S

b semi-span length, distance from model root
to tip, cm

b' span length, distance from model tip to
"I.- image tip, cm

c chord length of wing or airfoil model, cm
Cd airfoil section drag coefficient
CD wing drag coefficient
Cl airfoil section lift coefficient
Cl airfoil section lift coefficient slope

Ca
CL wing lift coefficient
CL wing lift coefficient slope

D wing drag force, N
d airfoil section drag force, N
L wing lift force, N
1 airfoil section lift force, N
Rc Reynolds number based upon airfoil or

wing chord length UL c/v
S airfoil or wing planform area, S = b-c

for all cases
U, freestream velocity in the streamwise direction
y distance measured from semi-span model root

Greek Symbols

a angle of attack, degrees
V kinematic viscosity of air, m2/s

Subscri pts

max refers to the maximum value of a variable,
usually with respect to angle of attack

min refers to the minimum value of a variable,
usually with respect to angle of attack
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AN ENVIRONMENTAL AERODYNAMIC TEST SYSTEM
FOR LOW-REYNOLDS-NUMBER APPLICATIONS

H.-T. Liu, E. W. Geller and M. Cooper
Flow Industries, Inc.,

Research and Technology Division
Kent, WA 98032

ABSTRACT

An environmental aerodynamic test system (EATS) and a test model,
consisting of an instrumented truck with a full-scale Wortman FX 63-137
wing (0.61 m x 3.66 m) mounted on a boom, were designed and assembled.
One of the main functions of the EATS is to investigate the effects of
atmospheric gusts and turbulence on the performance of candidate wings
and overall configurations for remotely piloted vehicles (RPVs). A six-
component balance for force/moment measurements is mounted inside the
wing. Other on-board instruments and equipment include a sting-mounted
cup and vane anemometer, an accelerometer, a pitch/yaw gear, a portable
generator, an electric winch, a signal conditioner and an APPLE II com-
puter. The wing is about 5.8 m above the ground and sufficiently above
and upstream of the truck to make vehicle flow interference negligible.
The EATS is essentially field ready, and experiments are soon to be
6nducted along a 1.2-km straight racing track.

INTRODUCTION

Until now, applications of low-Reynolds-number (LRN) aerodynamics
have been mainly confined to those of a civilian nature, including
radio-controlled model airplanes, sailplanes, wind turbines, ultralight
man-carrying, and man-powered aircraft. The recent awareness of the
potential importance of high-altitude or low-speed remotely piloted
vehicles (RPVs) for military and scientific applications has rekindled
the interest in LRN aerodynamics. In the Reynolds number range of
interest here, from 105 to 106, the aerodynamics can be reviewed in
several broad categories: an unperturbed atmosphere or a real atmos-
phere; two- or three-dimensional flows; and lift coefficients less than
roughly 1.7 or those significantly higher.

To date, essentially all the research data have been obtained in
what was hoped to be unperturbed flow. Unfortunately, the data are
contaminated to some degree by disturbances inherent in the test proce-
dure using either wind tunnels (Carmichael [1]; Mueller and Jansen [2])
or free-flight testings (Lissaman [3]). For example, test results for
the Eppler 61 airfoil from two wind tunnels, one employing integration
of wake measurements and the other actual force measurements, differed
by a factor of 2 in the value of (CL/CD)max (Carmichael [1]; Mueller and
Burns [4]). Using design techniques that have been experimentally veri-
fied for a limited number of cases (Carmichael [1]; Liebeck [5]), air-
foils are obtainable with maximum lift coefficients up to roughly 1.7 in
unperturbed flow, at least for the higher portion of the LRN range. For
the lower range of Reynolds numbers of interest, to quote Lissaman [3],

". the design of LRN airfoil, particularly at Reynolds numbers below
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300,000, is still a black art." A qualitative picture of the flow at
high lift coefficients in this range of Reynolds numbers exists; yet
detailed quantitative information on the upper surface bubble structure,
its role in the transition process cnd the transition process itself is
lacking (Mueller [6]).

The major uncertainty of the performance of low-speed, low-altitude
RPVs is the impact of environmental effects. While such effects are
known to be significant in many instances,* no meaningful method of
assessment exists. Even if the atmospheric turbulence and related para-
meters were known In detail (which they certainly are not), their impact

on the aerodynamic performance could be estimated only in the crudest
fashion.

To fill the serious gap in our knowledge of environmental and other
aerodynamic effects, an environmental aerodynamic test system (EATS) was
designed and assembled. The EATS is an instrumented truck equipped with
a six-component aerodynamic balance for force/moment measurements of
boom-mounted full-scale wings or RPVs. Our main objective is to deter-
mine the magnitudes of changes in the forces and moments on full-scale
wings caused by environmental disturbances such as gusts, turbulence-and
possibly rain. It may also be used as a preflight qualification test
bed for flight test vehicles. In this paper, we describe the EATS and
some of its performance characteristics. At this time, the EATS is
essentially field ready. Test results will be available in the near
future.

DESCRIPTION OF THE EATS

The EATS is an improved version of an aerodynamic t~st system de-
signed for hang glider testing (Pregler et al. [7]). It coisists of an
instrumented pickup truck with a boom furnishing a moving platform on
which to mount full-scale LRN wings. Figure 1 is a picture of the EATS.
We describe in this section the essential components of the EATS and the
first LRN wing to be tested on it.

LRN Wing and Mount

The first full-scale LRN wing to be tested has a Wortman FX 63-137
profile corrected by Eppler (referred to as the Wortman wing hereafter).
Figure 2 shows a cross-sectional view of the Wortman wing. It has an
aspect ratio of 6, with a span of 3.66 m and a chord of 0.61 m. The
wing is constructed from high-density foam with a fiberglass-epoxy outer
skin painted with polyurethane. An interior aluminum box spar forms the
main structural element for bending and torsion. A cavity at midspan
(see Figure 2) is reserved for the six-component balance (described
below). One of the most critical elements of the wing is the trailing
edge, which is highly cambered and very thin. In order to hold its
shape and be sufficiently strong and rugged for field deployment, the

0
*Paul McCready reported in an LRN Workshop held at ONR (1983) that his
man-powered airplane experienced increase in drag when it encountered
turbulence during its historic flight across the English Channel.
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Figure 2. Cross-Section View of Wortman Wing
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last 8.9 cm of the trailing edge is made of aluminum and accurately
machined.

m For practical reasons, the Wortman profile was modified to elimi-
nate the zero-thickness trailing edge. A trailing edge thickness of
0.076 cm was obtained by changing the thickness form but not the camber
line; 0.038 cm was added to both the upper surface and the lower surface
of the wing. This results in an increase in the thickness ratio of
one-tenth of one percent, and the aerodynamic perturbation due to this
modification is insignificant.

The box spar is constructed by riveting top and bottom aluminum
4- skins to 5.1-cm aluminum channels. In addition to the bending moment,the box carries torsional loads into the balance. The top plate of the

balance serves as the structural member at the center section, whore
there is a cavity in the box spor. The top and bottom skins of the box

.'. spar are not carried through the center section, and the loads are
transferred from the box spar to the balance.

Aluminum ribs 0.32 cm thick are riveted to the box spar, and the
* trailing edge is riveted to the ribs. Urethane foam blocks, with a den-sity of 96.0 kg/m3 , were glued between the ribs and sanded down to

the proper airfoil shape with a straight sanding block using the ribs as
templates. The next step was to apply a thin layer of filler in any
nicks or undercuts in the foam. The surfa e was then covered with two
layers of light fiberglass cloth (102 gr/m ) impregnated with epoxy
resin. Finally, the surface was sprayed with one layer of primer and
one layer of polyurethane paint.

The wing support consists of two thin U-shaped struts, 0.05 cm
thick and 22.2 cm wide, fastened to the bottom balance plate at four
points (Figure 3). The struts penetrate the lower wing surface through

V~k S S SHEET 0.23 cm

STEEL PLATE 0.95 cm
': JHK 229cm WIDE

:i~i10 0

r Front View Side View

"'- Figure 3. Supporting Struts for the FX 137 Wortman Wing
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small slots without touching the wing. This design strategy, with the
balance inside the wing, eliminates "tare" corrections for the drag of
the struts. The lower ends of the struts are bolted to a Y-shaped
support, which is in turn mounted on a dividing head controlling the
incidence angle of the wing.

Moving Platform and Supporting Framework

The moving platform is a 1979 1-ton pickup truck (F350 Custom).
Several modifications were made to minimize the transmission to the wing
of vehicle- and road-induced vibrations. In addition to the weight of
the EATS equipment, 1000-lb sandbags are loaded on the truck during
test runs. The suspension system can be softened by removing one leaf
from each of the leaf springs. A pair of air shocks was added to the
"rear suspension for fine level adjustment, and a set of steel-belted
radial tires was installed to facilitate a smooth ride. Prior to test
runs, the tire pressure is lowered to about 20 psi to absorb most of
the road-induced vibration.

The supporting framework consists of a steel frame rigidly attached
to the main beams of the truck, a 3.4-m-long steel boom (15.2 cm square
tube) equipped with a motorized winch system, a yaw/pitch table that
includes a motorized dividing head (for pitch angles) and a manual
adjustment for yaw at increments of 2 degrees up to maximum angles of
+20 degrees. The wing is first mounted on the dividing head with the
Foom in its lowered position flat on the framework. The boom is then
raised to the test position (45 degrees to the horizontal) and is braced
securely with two steel tubes (5.1 cm square). The dividing head is
driven by a Dayton 1/15-hp AC gear motor. A potentiometer is installed

,on the dividing head for monitoring the incidence angle of the wing. A
camper-type enclosure is used to protect the operator and the on-board
instruments.

Instrumentation

A set of instruments was designed and assembled to measure aero-
dynamic and atmospheric parameters, particularly the forces and moments
exerted on the wing. The aerodynamic parameters are measured with

* several on-board instruments. These include a six-component balance, a
Swoffer cup anemometer and a vane anemometer, which are driven by a
preamplifier and a controller, and a single-axis accelerometer, which
monitors the vibrational motion of the wing due to engine vibration and
road roughness. The atmospheric parameters are measured with sensors
mounted on the EATS or on one or more mini-meteorological stations

* along the side of the test track.

Six-Component Balance. The heart of the EATS is a six-component
balance that consists of six miniature load cells each mounted on a
flexure designed to minimize the interference between the mutually per-
pendicular force measurements. The balance (Figure 4) is capable of

* measuring the drag, lift and side forces and the rolling, pitching and
yawing moments. To eliminate strut "tare", the balance is completely

.' enclosed in the full-scale wing (Figure 2).
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Figure 4. Layout of the Load Cells In the Six-Component Balance

The miniature load cells (Sensotec, Model 31 series) were specially
ordered with built-in mechanical stops that are capable of providing an
overload protection of 5 times the maximum load. They are interchange-
"able to accommodate different wings and loading ranges. As shown in
Figure 4, the load cells are arranged to measure the nominal lift (LI,
L2 and L3 ), drag (L4) and side force (L5 and L6). They are rigidly
mounted on a bottom steel plate and connected to the top plate via in-
dividual flexures. The flexures are made of berillium copper with a
thin straight section 2.54 cm long and 0.24 cm in diameter.

The top plate of the balance is bolted to the wing, and the lower
plate is mounted onto a pair of U-shaped thin struts that penetrate a

* removable section of the lower wing surface through four narrow slots
"(Figure 2). There is no contact between the struts and the wing, Air
passage through the slots is blocked by sealing the gaps with thin
cellophane sheets, which minimize force transmission from the wing to
the struts. There are three 0.3-cm-diameter signal cables taped on each
strut along the leading edges. These cables connect the load cells in

* the wing to the preamplifier mounted below the wing. The thin struts
are mounted on a Y-shaped strut (Figure 3) whose lower end is bolted to
the dividing head.

Speed and Direction Sensors. A Swoffer cup anemometer and a vane
anemometer are mounted on a horizontal sting about 2 m below the wing.
They measure the relative wind speed and direction (in the horizontal
plane) experienced by the wing.
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Preamplifier and Controller. A preamplifier is mounted on the top
of the boom to amplify the signals of the load cells, of the cup anemo-
meter and the vane anemometer, and of the incidence angle potentiometerM to sufficiently high levels for transmission through the long cables to
the on-board controller. The controller provides the functions of
driving the various sensors and preamplifier, filtering, nulling, am-
plifying and displaying the signals, and interfacing with the on-board
APPLE II computer for d&ta acquisition and analysis. At present,
single-pole low-pass filters are set at 36 Hz for all load cell chan-
nels. The nulling capability is an important feature that allows re-
moval of the dead loads and, if desired, the steady aerodynamic forces
so that the dynamic forces can be greatly amplified. As a result, we

:2 can use an 8-bit analog-to-digital converter and still achieve suffi-
ciently high resolution and accuracy.

Accelerometer. A Bruel & Kjaer accelerometer (Type 4384), which
has a sensitivity of 9.76 pC/g, is used to measure the vibrational
motion of the wing induced by engine vibration and road roughness, The
accelerometer may be oriented to measure any component of the vibration.
"It is mounted on the strut supporting the wing and is driven by a charge
amplifier (Kistler Instrument Company, Model 504E).

Mini-Meteorological Stations. To monitor and record the atmos-
pheric conditions during the test runs, mini-meteorological stations
equipped with velocity, pressure, temperature and humidity sensors are
"used. The velocity sensors are Gill UVW anemometers manufactured by
R. M. Young Company (Model 27005 with 19-cm-diameter x 30-cm-pitch pro-
pellers). The anemometers are mounted on a portable mast. The distance
constant (63-percent recovery) and the threshold of the polystyrene pro-
pellers are 0.8 m and 0.3 m/s, respectively. The anemometers are driven
by a power supply indicator-translator (Model 27503R), which is a com-
bination of a power supply, with complete controls and signal outputs,
and panel meters for the three components of the wind speed. A compact
weather station, including a thermometer, a barometer and a humidity
gauge, is used to provide the readings of air temperature, atmospheric
pressure and relative humidity. Preferably, the wind sensors will be
mounted on the EATS so that cross-correlations of the performance of
the wing with the gusts measured next to the wing may be made. Alter-
natively, two to three stations could be used along the test track to

* determine both the spatial and temporal variations of the atmospheric
conditions to assess their effects on the performance of LRN wings.

Miscellaneous Apparatus. To supply power to the on-board instru-
ments and equipment, the EATS has two power sources. A 1600-W portable
generator (Honda, Model EM 1600X) is used to drive all the on-board
"instruments. The generator has both AC (115 volts) and DC (12 volts at
8 amp) power. To operate the winch, a DC motor is connected to the
12-volt truck battery.

On-Board Computer System

daThe EATS is equipped with an on-board 64k APPLE lie computer, with
dual 13.3-cm floppy disk drives, for data acquisition and analysis. The
computer has an extend 80-column card on which 64k of auxiliary RAM
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(random access memory) is available for fast data recording. To faci-

*litate large data storage and high-speed data transfer, a 294k RAM card

or solid-state disk emulator manufactured by Synetix (Model 2202) was

added to one of the expansion slots of the computer. The RAM card has

the capacity of two standard 13.3-cm floppy disk drives while improving

the disk I/O speed by a factor from 100 to 500 percent.

The 1/0 interface card (Interactive Structures, Inc., Model AI-02)

has a 16-channel analog-to-digital converter with an 8-bit accuracy. It

accepts information in the form of an analog voltage level in the range

from 0 to 5 volts.

Two data acquisition programs have been developed. The first,
which is written in BASIC, was designed and developed to conduct cali-

bration and measurements of mean values of all the parameters. The

results in physical units are immediately displayed on the screen for

review after each run. The second program, which is written in a hybrid

"of assembly language and BASIC, waý designed for sampling at high data

rates. At present, the highest sampling rate is 12k samples per second,

which matches the full capacity of the A/D card. The data are stored

in the main memory (up to 34k) and subsequently traisferred to the RAM

card and finally onto the floppy disks for future analysis. A set of

programs is available for statistical analysis of the data.

PERFORMANCE CHARACTERISTICS

A series of calibrations and tests was made to determine the per-

formance characteristics of the sensors for measuring the physical

variables of interest. In general, calibrtion includes component and

system calibration. For example, both the individual load cells and

the balance as a whole are calibrated. According to the manufacturer,

the load cells have linearity and hysteresis within +0.15-percent F.S.

(full scale). The repeatability is +0.05-percent F.-. They are tem-

perature-compensated (15.6 to 71WC) To within +0.003-percent F.S./aC.

After two stages of amplification through the preamplifier and the

controller, calibration of individual load cells shows that an accuracy

of better than +0.3 percent is maintained.

* To calibrate the balance as a whole, we designed a special mecha-

nical device (Figure 5) that is capable of applying known forces inde-

pendently in two orthogonal directions. For applying a horizontal load

to the balance, an L-shaped bell crank with a pair of low-friction

bearings installed at the pivotal point is used. By hanging known

weights onto the horizontal arm of the bell crank, we transfer vertical

* gravitational loads into horizontal forces (drag or side force) on the

balance with insignificant losses due to static friction in the bear-

ings. The long moment arms of the ball crank assure small force losses

due to friction. The balance is mounted on a dividing head that can be

rotated in the horizontal plane. To independently apply a vertical load

to the balance, weights are placed on top of the balance.

By applying known forces in the drag/side-force direction, we may

first determine the first-order correction for the drag/side-force to

compensate for the cross coupling that results from using the flexures.
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Figure 5. A Mechanical Device for System Calibration of the Six-Component Balance

A second-order correction may then be determined by measuring the dif-
ferences in the readouts of the drag/side-force while applying forces
in the other two orthogonal directions. It turns out that the cross
coupling between the drag and side-force cells is less than 0.5 percent
within the range of expected loads in the two directions. Therefore,
no correction is made.

Empirical calibration formulae are derived from a series of static
calibrations. For a particular normal force, there are three correc-
tion terms. The first is a constant (the first-order correction) multi-
plying the uncorrected force component in question. The second is also
a constant (the second-order correction) multiplying one of the ortho-
gonal force components. And the third is another constant (the second-
order correction) multiplying the other orthogonal force component.

Figure 6 shows a typical static calibration of the balance for a
range of pitch and yaw angles. The reference used for the calibration
is Lhe weight of the top plate (17.37 kg). The normal forces measured
at different angles of attack of the balance are plotted in the figure.
The results of the static calibration show that the system errors of
the balance for the lift, drag and side force are within +2 percent, +3
percent ard +5 percent, respectively.
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The EATS was designed to operate in the range of 3 to 20 m/s.
There are two major vibrational sources, the engine vibration and the
road roughness. Both induce vibration at the wing via the supporting
structure. As a result, the signal-to-noise ratio for the force/moment
measurements deteriorates. Typically, for a lift of 400 N and a drag
of 40 N, static calibration shows that the ratios of the root-mean-
square (rms) lift and drag to the corresponding mean values are within
0.01 percent. With the truck engine running at medium speed, the above
ratios increase to 0.2 and 1.7 percent, respectively.

A preliminary test was conducted on a side road to measure the
effect of road roughness on the stability of the EATS as a whole.
During that exercise, we replaced the load cells and flexures with
dummies. With the truck moving at 4.5 to 6.7 m/s, no appreciable swing
or sway was visually observed, even with the tires operating at normal
pressures. The thin-strut wing mounts appear to function reasonably
well in damping part of the vibration transmitted via the supporting
structure. From the readouts of the accelerometer, mounted in a verti-
cal orientation on top of the Y-shaped strut, the maximum vertical rms
acceleration is about 0.01 g with the truck operating in idling mode
"and 0.04 g with it moving at about 4.5 m/s. Actual measurements of the
rms normal forces with the balance will be conducted soon. Our goal
will be to minimize the vertical acceleration to within 0.02 g by imple-
menting a combination of measures described in a previous section.

SUMMARY

This paper describes an environmental aerodynamic test system for
testing full-scale low-Reynolds-number wings or flight-ready RPVs. The
EATS was designed to study environmental effects on the performance of
candidate LRN wings and other aerodynamic effects that are difficult or
impossible to investigate otherwise. One of its main functions is to
determine the changes in the forces and moments on LRN wings caused by
environmental disturbances such as gusts, turbulence and rain. We be-
lieve that its availability will help fill the LRN knowledge gap and
will complement conventional wind tunnel and radio-controlled flight
testing and, thus, help in the development of well-behaved LRN wings.

Several special features of the EATS are summarized below.

o It is capable of testing full-scale RPV wings and RPVs for a
range of Reynolds numbers from 150,000 to 1,000,000.

0 It is equipped with a six-component aerodynamic balance and

pertinent instruments together with an on-board APPLE computer
for force/moment measurements.

o It is a mobile facility that brings the experiments to the
environmental situations of interest.

The EATS is now field ready, and experiments will be conducted in
the near future using a nearby racing track. The initial field experi-
ments will be conducted to fine tune the EATS and determine its overall
capabilities. Subsequently, force/moment measurements will be conducted
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under calm atmospheric conditions to establish a set of baseline data
for our first model, the Wortman wing. Finally, experiments under a
range of gusty conditions typical of RPV deployment will be conducted.
Based on these measurements, the effects of the gusts on the performance
of the Wortman wing will be determined.

NOMENCLATURE

CD Drag coefficient
CL Lift coefficient
FX,FY,Fz Force components in the direction of the nominal drag, side

force and lift
W Weight
e Angle of attack with respect to the balance coordinates
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ABSTRACT

The inviscid-viscous interaction of the body-scale flow involving
massive laminar separation can be studied as a modified airfoil problem
through a triple-deck and other compatible structures modelling steady-
state Navier-Stokes solutions at high Reynolds number (1-41. This
paper summarizes a recent development of this approach applied to wing
sections [5-7]. The theory admits open and closed wakes, as well as
laminar reattachment on wing. Mainly the steady-state solutions per-
taining to open-wake models will be studied in detail. Examples of so-

4•- lution bifurcation signifying symmetry breaking, hysteresis and other
lift anomalies of the low Reynolds number flows are discussed.

1. INTRODUCTION

Recent interest in remote-controlled and miniature aircrafts,hang
gliders, wind mills [8] as well as animal swimming and flying 19,10,11]
has drawn attention to the scarcity of aerodynamic data and knowledge at
SRe< 106 . One major obstacle to the flow analysis of this regime is the
"global interaction of different parts of the separated flow, which is
further compounded by the flow instability and turbulence transition.
Effective, time-accurate algorithms for solving Navier-Stokes equations
on super, as well as moderate-scaled, computers are now available (see,
for example [12,131); which, along with increased research efforts in
wind- and water-tunnel experiments [6,14,151 will undoubtedly advance
much of our understanding in the near future.

The works discussed below follow an alternative route which treats
the massive laminar separation as a modified airfoil problem. A key
element which link the unseparated and/or reattached boundary layers to
the separated flows is the triple deck of [1-41. The approach thus

4-. finds its root in the asymptotic theory, and, as such, the accuracy is
"* not expected to be high,but its analytical simplicity allows the un-

veiling of certain behavior of these low-Re flows, which could not be
readily recognized in an otherwise more detailed specific, large-scaled
computation.

"As a thin obstacle, an airfoil may support a variety of steady-
* state flow structures not envisaged in Sychev's oriqinal analysis of the

laminar separation from a circular cylinder [2]. In particular, the
open-wake with the Kirchhoff free streamlines stipulated therein may
breakdown for the thickness ratio less than a certain critical value;
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the shear layers may then reattach to form a closed wake behind, or an
eddy over the wing. Morc important is the bifurcation of the steady-
state solution, rendering possible lift hysteresis, as well as symmetry
breaking of an otherwise symmetrical flow pattern. These have been the
aspects considered in [16-18] which address the laminar separation prob-
lem beyond trailing-edge stall. Refs. [17,18], where many important
examples of multiple solutions and symmetry breaking were given, have
limited distribution. This paper will summarize their principal re-
sults and clarify a few ambiguities; additional examples, the NACA
663018 section in particular, are analyzed. It must be pointed out that
most examples considered stipulate a Kirchhoff-type open wake. The full
"potential and significance of the model with laminar eddy reattaching on
wing or a closed wake are currently being studied.'.',

.1"

The assumption of the steady-state laminar model seems to be too
idealistic to be useful for airfoils at Re> 10. It is essential to
recognize however, that, even at an Re in the half-million range,
separation bubbles (of sizes comparable to the boundary layer or
greater) usually occur near the leading edges [19], of which the shear layer
is laminar, at least initially. The present study may thus shed light
to research on leading-edge bubbles. For Re well below 105, this model
*can become quite realistic, as evidenced from the many streamline pat-
terns about wing sections and inclined flat plates photographed bý
Werle [20] which have been made popular in Van Dyke's Album [21].
Werle's study also indicates that the shear layer can reattach to the
wall while still laminar. Whereas, the important aspect of transition
to turbulence is lacking from the study, the laminar model at hand
should play an essential role in providing the initial (steady) state,
about which questions on hydrodynamic instability (of this non-parallel
flow) can be addressed. In this regard, the many multiple steady
states brought out by the model should present an interesting aspect of

N the instability analysis for flows with massive separation. Indeed,
Goldstein [22] and Atassi [23] have recently analyzed wave amplification
on the Kirchhoff streamline leaving a laminar break-away point, and de-
termined the "receptivity" to disturbances [24]. Their studies have
been restricted thus far to a symmetric open wake (assuming also a pair
of symmetrical wave trains).

For many airfoils, the lift may have multiple values near stall at
, Re = 0(105), forming hysteresis loops in the CL vs. c Lurve. Mueller

[15] amplifies the fact that the hysteresis loop has a definite sense

(clockwise or anticlockwise) determined by the airfoil geometry. Cer-
tain symmetric airfoils exhibit a loss or reversal of aerodynamic damp-

% ing (dCL/dcz-<0) as well as symmetry breaking (CLOO at o( = 0) at Re
slightly below 105. These features are most clearly shown in the wind-
tunnel measurements by Althaus [6] for the symmetric NACA0012 and
NACAO033. The damping or control reversal is also seen from data for
the NACA663018 profile at Re = I.3x10 5 in [14]. These steady-lift
records based on iong-time averaged data signify that the large-scale
structures of these flows must be stable. This is especially signifi-
cant with reference to the state of the symmetry-breaking flows, which

"0 •may very well be referred to as a "bi-stable state". It is interesting
to note that the notion of bi-stable state has long been used in works
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on transition experiments with circular cylinders in critical and
supercritical Re ranges, where non-zero iCLI can be found [25-28].
This notion seems to be more appropriate, however, for the results in
aerodynamics. It is commonly believed [25-281 that the symmetry break-
ing requires a successful turbulence transition on one side of the ob-
stacle and a laminar break-away on the other side. Our analyses in-
dicate on the other hand that it may also occur with flows on both
sides being laminar; symmetry breaking may thus be expected to occur at
Re well below the critical range. In either event, the laminar break-
away remains an essential local description which determines finally
the body-scale flow.

These anomaious aerodynamic features of symmetrical profiles are
by no means irrelevant for wing design at Re 3xlO 5 , since the chord
Reynolds number of the stabilizer surfaces may very well be 105 and
lower, and the tail or canard sections are most likely symmetrical.
It is also quite well known that these anomalies can be controlled and
averted with the use of turbulators of various types. Experimental and
"theoretical studies will identify the domains where a turbulator is
needed or if the proper functioning of such a measure should fail.

2. THE GLOBAL INTERACTION PROBLEM

Assumptions and Key Elements in the Analysis

We consider an incompressible flow about an airfoil in a uniform
free stream and shall be concerned mainly with the determination of
the steady-state structure of the body-scale flow. In arriving at the
"flow model which may represent asymptotically a solution to the
"Navier-Stokes equations,and consistently with observational data [5,20]
we stipulate that the recirculating fluid motion interior of the open
or closed wake, or in a laminar bubble, is so weak that the pressure
therein can be taken to be uniform. For an open wake, this pressure is
assumed to be that in the free stream as in Kirchhoff's free-streamline
theory [29-31]. Implicit also is that the flow speed does not far
exceed the free-stream velocity.

,Not inconsistent with available photo records for flow reattach-
* ment and wake closure at Re = 102-104, a cusp-ended reattachment is

chosen to represent the wake or eddy closure. Its correctness is sub-
"stantiated by the conclusion from Cheng & Smith [16] where a wake
closure with a (parabolic) blunt end is shown to give a non-zero drag
for symmetric profiles.

* The principal result of the works of Sychev 12] and Smith [3] is
the determination uf a criterion for the local self-induced pressure
rise for the laminar break-away to occur in the "triple deck". Let

the streamwise location of the break-away point (on the body scale) be
taken as x = s, the required behavior for the pressure-rise is

P - PC -k/ s_-z (2.-1)

where k is the constant determined from the theory
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k• B(X) l1m/E (2. 2a)

with

cz Re"1/8 = (P/pU.c) 1/8 (2.2b)

and X is the local wall shear (p3u/3y)w normalized by P U/jE4 C. The con-

stant 3 in most applications nas been taken as 0.44, determined origi-
nally by Smith [3], differing slightly from 0.42 in [32] and 0.41 in

[33]. This is the key equation through which the body-scale flow will
depend critically and nonlinearly on the break-away location x, noting
that P'Pc is generally a complicated function of s. There is also a
rather weak Reynolds-number dependence through the /c. Though unsus-
pected in the earlier works, the nonlinearity mentioned enable the
solution to bifurcate, leading to multiple steady states which may sig-
nify lift hysteresis and symmetry breaking.

1/16
Domain of Interest: Re I = O(M)

Unlike the break-away locations for the circular cylinder in [1,2],
the corresponding points on a wing-like section with thickness ratio

T = 0(/-E) may lie anywhere on the entire surface as T varies. For air-

foils generated from the family

= f , 0< X<1 (2.3)

where the superscripts + and - refer to the upper and the lower sur-

faces, the body-scale flow is governed by the reduced thickness ratio
[16-18]

't//Y = Re l/6T (2.4)

A similar parameter ot Re a1 6 a has appeared in the problem of a

flat plate at incidence a, which model a trailing-edge stall, [34,35] to

which the Kirchhoff open wake is however not applicable. The transition

to the trailing-edge stall from an open-wake (body-scale) flow is not

straightforward. It is seen from [16] that such a transition (if pos-

sible) must first reach a stage corresponding to a critical value of T,

beyond which the Kirchhoff open wake ceases to exist in the far field

and wake closure must be considered in a steady-state model. Before

one reaches the limit of a flat plate, the possibility for the (shear-

layer) reattachment on the wing surface and various forms of bifurca-

tion noted earlier must be considered. A great deal indeed happens in

T of the unit-order range.

Since the thickness ratio T in the domain of interest belongs to

the order /c, the leading-order perturbation of the body-scale flow

may therefore be analyzed first as a linearized problem for a small c

with a set of fixed but unspecified break-away locations. The essential

difference from the classical thin, hydrofoil theory for cavity flow

[31] lies in the use of the triple-deck criterion (2.1) at each break-

away point instead of the Brillouin-Villat condition [31.36] in the

hydrofoil theory.
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rhe Boundary-Value Problem

As indicated earlier, the flow of interest Is first solved as a
linearized problem for a set of fixed break-away points; the number in
the set depends on the wake or eddy configuration considered. (In this

- paper, the term "eddy" refers to a recirculation region with the reat-
tachment occurring on the wing surface.) Figure I illustrates different
portions of the inner boundary for the case involving an open wake,
where sl and s2 locate the break-away points on the upper and the lower
surface, respectively. (The separation point where the local wall shear
vanishes occurs at a distance O(E3 ) downstream of the (si's).) On the
upper and lower wing surfaces upstream of x = si, the impermeabili-
ty condition will be applied; along the free streamlines, a constant
speed is imposed, which should be the free-stream velocity for the case
illustrated.

77

C- plane

Sa b

Fig. 1. Coordinates and break-away locations in the physical and
transforrmed nlanes.

The linearization simplifies the inner boundary conditions to a
prescription of the streamwise and transverse perturbation velocities
on the upper and lower portions of the x-axis; the problem can be
further reduced to one of finding an analytic function in the upper
half 4-plane with data prescribed along the real axis (cf. Fig. 1). A
complex velocity potential (u-iv) fulfilling this and other requirements
indicated earlier can be obtained as a functional of f±(x), explicit in
sI, s2, T and x.

Essential to the global problem is the proper flow behavior in the
far field. For the open-wake construction at hand, this is given by

0• the asymptotic behavior of the Kirchhoff wake:u-iv - -ik z (2.5a)

where z = x+iy, and ko is a known constant depending on T, sl and s2.
The latter constant must be real and positive. The critical value of

0 the reduced thickness ratio Tcrit, at which k vanishes, delimits the
domain for the open wake. (Other wake and eddy configurations, in-
cluding the unseparated flow still remain as the steady-state alterna-
tive for T <i crit.)

The pressure rise behavior near the break-away may now be de-
• scribed. Its substitution into the triple-deck criterion (2.1) at both

break-away locations should prcvide two simultaneous equations for de-
• •-' termining sj and 52. A helpful simplification is gained by the
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linearization, which allows the wall shear X in (2.1) to be evaluated
from the Blasius result (0.332)si", if one assumes that a fully at-
tached laminar boundary layer lies upstream of the break-away. If
separation and reattachment have occurred upstream, this value of X
must accordingly be modified,apart from a modification of inner boundary
condition in such a case. Formulations similar to that illustrated
above can be made for various combinations of the open and closed wakes,
as well as (laminar) eddies. Limiting to at most four break-away
points, four prototypes are illustrated in Figs. 2a,b,c,d. Particular
cases of (c) involving laminar eddies have been studied in [17,18]. It
is essential to point out in this connection that, in the absence of an
open wake, (2.5a) is to be replaced by a doublet behavior in the far
field

u-v - 2---1 + O(-2) (2.5b)
27t z

where r is a circulation and must be real. The influence of this re-
quirement is so strong that the eddy pressure in the steady-state
solution can be uniquely determined in such cases [16-18].

Ca) (b)

Y!

Si

3

U2
2 34

(c) (dl

Fig. 2. Illustration of four types of body-scale flows.

A formal solution for (b) explicit in the si's has been given in [17].
The formal solution for type (d) is similar, except for the additional
singularities arising from sl and 52 and the reartachment ZI and Z2 (cf.
Fig. 2d). Concrete examples of the types (b) and (d) have not been
thoroughly analyzed, except for symmetrical sections [17].

As noted earlier, the solution to the type (c) flow involving both
an open wake and laminar eddy cannot be fully determined for lack of
knowledge on the eddy pressure. it is uncertain whether its determin-
ation requires knowledge on a detailed structure of the reattachment
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and/or the eddy interior. An alternative answer to this question will

be discussed at the end of Section 3.

Ad Hoc Open-Wake Models

To help explain lift anomalies unaccounted by the foregoing steady-
,'v state laminar models, we introduce an open-wake model with the flow

breaking away on one side of the leading edge region as sketched in Fig.
3(a). This flow situation may not be recoverable as a special case of
the type (a) flow on account of the nonuniformity of the linearized
solution at the leading edge [37].

Another ad hoc model serving a similar purpose is sketched in Fig.
3(b) which has an open wake but with a fully attached flow on one side.
These models describe a successful early transition and a fully at-
tached (turbulent) boundary layer on one side and a laminar break-away
on the other.

0 _ _ _ _ _ 0 -.. m m m m-

Fig. 3. Ad hoc flow models: (a) one-sided leading edge separation,
(b) fully attached boundary layer on one side.

3. EXAMPLES AND DISCUSSION

"Examples of massive laminar separation from symmetric airfoils il-
lustrating break-down of the open wake (ko = 0) and multiplicity of

* open- and closed-wake solutions have been shown in [16]. Laminar break-
away from airfoils at incidence and with camber, including reattachment
on the wing surface, are studied in [17,18] where symmetry breaking as
alternative steady states for a symmetric airfoil are demonstrated. The
symmetric profiles considered in [17,181 fall Into three families:
(i) NACA64AO15 (rescaled), (ii) NACA four digit series and (iii) a
model Joukowskii section. In addition, flows about circular-arc sec-
tions of zero thickness (the single-surface airfoil) and inclined flat
plates have also been analyzed. The following will review some essen-
tial results of this development and discuss a recent study with the
symmetric NACA663018 section, for which results from a wind-tunnel
study at Re down to 4 x1O are available [14]. Several aspects of zero-
thickness airfoils are omitted to conserve space.

The Rescaled NACA64AO15

Our study with this family was motivated by the very distinct
steady laminar flow pattern recorded by Werle [20] at Re = 7,000 for
NACA64AOl5. The open-wake solution for this family (generated by the

e. normalized ordinates of this section) provides the first example of
symmetry breaking for the study [17]. The results for the break-away
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location obtained for the zerQ incidence are presented as a function of
the reduced thickness • 3 Re]/1 It in Fig. 4 where the symmetric solu-
tion (with s1 - s2 - s) is shown as a single thin solid curve and the
asymmetric solution (with sl#s2) as two (relatively short) thick solid
curves. Three steady states for the open-wake configurations are seen
admissible in Fig. 4 over 0.075 <i < 0.095. Namely, a symmetric solu-
tion with sl s 2  s, an asymmetric solution with sIA2 and another
with the s 1 and s2 interchanged between the thick solid curves. Here,
the bifurcation of the steady-state solution is seen to take the form of
symmetry breaking. The symmetric and asymmetric solutions are cut-off
at 0 0.07 and • - 0.075, respectively owing to the open-wake break
down of k .= 0, interestingly, the asymmetrical solution terminated
on the right at • 0.095, also for the same reason. These curves may
be continued beyond the cut-off through the closed-wake solutions but
will not be carried out in this paper (cf. [17], Fig. 12 therein).

Although the open-wake result (in thin solid curve) appear.<to be

the only solution for i >0.095 in Fig. 4, other alternatives with a
closed wake or an eddy, as well as a fully attached flow remain possi-
ble. Note that, for a given normalized wing shape f 4 (x), the separation
of the classical boundary layer is completely determined by the thick-

4 ness ratio Tri.

The Model Joukowskii Sections

The T range in Fig. 4 over which symmetry breaking was demonstra-
ted, is unsatisfactorily small and it is uncertain if symmetry breaking
may be an exception to the rule. For this reason, a study with a model
symmetric Joukowskii section

2
Yw/C= t/x(l-x) 0 <x<l (3.1)

is undertaken; the relative simplicity of the profile shape allows
several critical integrals analytically evaluated, thereby the symmetry-
breaking domain will be much more firmly Identified. The results are
presented in Fig. 5a where the symmetric and asymmetric solutions are
again shown as the thin and the thick solid curves, respectively. Un-
like the results in the preceding example, symmetric and asymmetric
solutions are admitted simultaneously over a much wider domain, namely,

4 i>0.16. Open-wake solutions do not exist, however, for i less than
0.13, and the symmetric open-wake solution terminates at T = 0.156
where the break-away location occurs at s = 0.475 (marked by a full
dot). At i = 0.133, s = 0.360 (marked by an open circle), the symmetric
and asymmetric solution branches intersect and branch switching (smooth-
ly) is permissible, including exchanging si and s 2 . Note that, within

The range of i where asymmetrical solutions exist is considerably
smaller than the results reported in an earlier version of [17], which
proves to be inaccurate.
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the limited range 0.130 <i <0.156, four open-wake solutions are admis-
sible, with two being the symmetric and the remainders asymmetric.

The results dlsc'issed above concern the zero Incidence. Introduc-
tion of an Incidence O 0 adds considerably more branches to the admis-
sible solutions. Figure 5b shows a typical result for a /th a 0.10.
Features suggesting lift hysteresis are apparent, although considerably
richer In its multiplicity. The solytiyns for the break-away locations
in Fig. 5b are paired as (slS2), (slS2) and (si's2) with the sub-
scripts I and 2 referring to tie upper and lower wing surfaces, res-
pectively. We observe in Fig. 5b that SI <S2 and sl <s 2 , would lead
to a reversal in the lift response, similar to that for a convexed air-
foil at small Incidence in a Kirchhoff model.

The symmetry breaking and other lift anomalies resulting from the
massive laminar separation are brought out more directly in Fig. 5c,
where the scaled lift coefficient vs. the incidence, i.e. CL/T vs. CIA,
is illustrated for : = 0.25. The curve giving the positive lift is
computed from the solution (sI',s2) of Fig. 5b. The near-zero negative
lift Is produced by the branch (sl,s2). Note that si and s2 in Fig. 5b
are both very close to the leading edge (x-O); this may explain the loss
of lift response symptomqtic of a few symmetric airfoils of moderate
thickness at Re - 7O-1OP. The positive slopes on the other two lift

curves appear to be surprisingly straight, in spite of the nonllnea.
dependence of the CL, sl and s2 on the l/T. It should be pointed out
once again that the results shown correspond to only the open-wake
solutions. The limited extent of the upper lift curve is a result of
the early breakdown of the open wake. In fact, for 1/1 >0.31, the upper
curve vanishes with the hranch (a' 1',l2) dli together.

Symmetric NACA Four-Digit Series

Airfoils belonging to this family is of interest by virtue of their
lift anomalies noted earlier. Unlike the two preceding examples, sym-
metry breaking with open wakes cannot be found among this family.
(This may be good news to the recent disturbance-receptivity study (23]
which employs this airfoil family and stipulates a symmetric open
"wake.) The symmetric result is presented in Fig. 6. To help ascertain
the types of body-scale flows associated with the observed anomalies,
we examine in this case the two ad hoc open-wake models discussed at
the end of Section 2 (cf. Fig. 3). Application of the first version of
this ad noc model (Fig. 3a) indicates that the laminar break-away
point is rather close to the leading edge for the four-digit family,
unless the airfoil is extremely thin, and the lift at zero incidence,
if any, will not be significant. Figure 7a presents the results of

SCL vs. cz for the 0012 at Re = 80,000. The slightly positive lift and
the negative lift-curve slope near zero incidence is comparable to
Althaus' corresponding wind-tunnel result [6].

"The corresponding results obtained from the model of Fig. 3b, which

stipulates a fully attached (turbulent) boundary layer on one side, is
Sshown in Fig. 7b for an 0033 section at Re . 80,000. Anomalously high

lift, CL 3.4q is found at zero incidence, suggesting that an early
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NACA 64AOIS

d.'
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N." r SeR

0o 2 10 .i .2 .3 .4 .5

Fig. 4. Break-away locations on a Fig. 5. Solution for Joukowskii
rescaled NACA64AO15 at airfoil: (a) a = 0.

Ot 0.

C
air..'

.4 .4

(b. (C)

7 1 . 3 .4

Fig. 5. (b) cc= T/10 Fig. 5. (c) Three branches of

steady lift.

NACA 0- -

.6a0.

Fig. 6. Results for symmetric
MACA four-digit profiles.

0 .1 .2 .3 .4

CL CL

01 Rn 80,.000 -t.O
NACAOO:2

Re -80,000 d C" 021iDegre

(b)(a) .•

------ r -1.0' o" 1.0"

Fia. 7. Lift coeff. vs. incidence at Re 80,000: (a) model of Fig. 3a
applied to NACAOOI2, (b) model of Fig. 3b applied to NACAO033.
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Fig. 8. Lift coeff. vs. incidence of NACA663018: (a) Re ; 40,000,
"(b) Re ; 130,000.
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* Fig. 9. Free streamlines breaking away from a NACA663018 at Re = 40,Ono:
"(a) a = 0; (b) and (c) are both solutions to a= 20.
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transition on one side may explain the pronounced symmetry breaking for4the 0033 section reported in Aithaus [6]. The slope dCL/da of the
model is 0.046 per degree, being about 75% Althaus' value. The magni-
tude of C[ z 1.16 at zero incidence is aboLt 40% higher than Althaus'
value (0.68).

Study of the Symmetric NACA663018

This symmetric profile is of interest by virtue of the significant
loss of aerodynamic damping and other lift anomalies at low incidences
observed at low Re. The measured CL vs. a for the smooth model at
Re - 40,000 and 130,000 are reproduced from [14] as open circles in
Fig. 8a and Fig. 8b, respectively. Unlike the symmetric NACA four-
digit series, symmetry breaking is not apparent or hardly noticeable
from the measured data. The dCL/dct is very low in (a) and is negative
in (b) in the i <60 range. The latter behavior is reminiscent of the
NACAOO12 below Re - 80,000 [6] but is more pronounced.

The theory assuming an open-wake laminar separation gives results
1ý (shown as a thick solid-line segment) in qualitative agreement with

experiment at lal <60 for Re = 40,000. The noticeable difference
between theory and experiment in dCL/da may be attributed partly to
the uncertainty in the inaccuracy of the force balance due to the low
force magnitude for this Re range (see [14]). Such uncertainty is more
pronounced in Fig. 8b for the higher Re run, where the noticeable lack
of skew symmetry revealed in the test data would suggest a 5% error in

the CL measured.

An interesting theoretical feature is the absence of laminar open-
wake solution for IcI >60. Thus, the abrupt lift increase in the ex-
perimental data beyond cxl = 80, corresponding to a solution-branch
switching, should not be surprising.

Even though symmetry breaking is absent (i.e. CL 0 at a = 0),
large negative lift coefficient can be found from the laminar open-wake
model for a>O. (To be sure, CL <0 at a>0 and CL>O at • <0.) The

results are shown as thin solid-line segments in Figs. 8a,b, and have
no counterparts in the data reported in [14]. Figs. 9a,b,c illustrate
theoretical patterns of the free streamlines at a = 0 and 20, including
a case with large negative lift. The return to a normal lift behavior
for IcxJ> 80, together with the corresponding smoke-pattern photo
records in [14], suggests a successful turbulence transition has taken
place at least on the upper surface. In this instance, the ad hoc
model which allows a determination of the laminar break-away on the
lower surface may describe well the CL characteristic beyond 60 as well
as the missing portion of the hysteresis loop in Fig. 8a. This pos-
sibility remains to be examined in subsequent works.

4. CONCLUDING REMARKS

This paper has examined several noteworthy features in recent
studies on massive laminar separation based on the triple-deck theory.
Whereas, the work precludes turbulence transition, and the study ad-
dresses mainly steady flows with open wakes, the analyses do bring
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to light features relevant to the understanding of hysteresis and other
lift anomalies in the regime Re <105. Fundamental is the multitude of
steady states found to be admissible to the large-scale interacting
flows. Of interest is a special form of the steady-state bifurcation,
namely, symmetry breaking of an otherwise regular flow about a symmet-
ric airfoil at zero incidence, giving rise to steady lifts. The
availability of these multitudes of steady states may call for a new
strategy of stability analysis of the large-scale flow; the extent to
which these richly bifurcating states may influence the transitional
flow behavior should be of great interest.

Many basic problems remain to be solved, e n within the context

of a steady-flow model. A complete asymptotic theory describing the
reattachment and the eddy interior, which is compatible with the
body-scale flow and will remove the eddy-pressure indeterminacy, is yet
to be developed. The stall characteristics of an inclined flat plate
at Re <105 represents another interesting issue on laminar (vs. turbu-
lent) separation anterior to the trailing edge. The many features
brought out and questions raised from this study may serve as in-
teresting focii for future CFD simulation and wind-tunnel studies.
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ABSTRACT

A computational tool has been developed that calculates viscous 2-D
flowfields about airfoils of interest. The program uses a finite dif-
ference implicit technique to solve the compressible Navier-Stokes
equations. Both purely laminar as well as transitional turbulent flows
are treated. The technique is a time dependent technique and hence it
is possible to also compute the transient flowfields.

Flowfields for a Reynolds number range of 500 to 300,000 have been
calculated for both the Miley Airfoil (M06-13-128) and the Wortmann
Airfoil (FX-63-137). Only the purely laminar results are obtained for
the Miley Airfoil whereas for the Wortmann Airfoil both the laminar and
turbulent calculations are made and compared with each other. For both
these airfoils, the computational results tend to confirm the experimen-
tal results of Mueller at Notre Dame.

It was observed that in general all largely separated flows, mostly
occuring at large angles of attack, were unsteady whether it was laminar
or turbulent. Non-separated (attached) flow results, on the other hand,
were observed to be steady.

I. INTRODUCTION

A rising interest in RPV's and the flight regime they fly in have
indicated a need for establishing a data base for airfoil properties at
low Reynolds number (in the range from 100,000 to 300,000, based on chord
length). By far, the vast majority of airfoil data obtained since the
Wright Brothers' experiments in 1901 - 1902 have pushed towards the
highest possible Reynolds numbers -- quite natural for practical full-
scale airplane applications. However, recent interest in remotely-
piloted vehicles (RPV's) has created the need for an extensive data base
for airfoil properties at low Reynolds numbers. Today, the RPV designer
has only fragmentary information on airfoil properties at Re = 100,000 to
300,000. Moreover, the very question as to the optimum basic airfoil
shapes for low Renolds number flight is completely unanswered. The pur-

* Research Engineer
** Professor
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pose of the present work is: (1) to establish a computational tool
which will allow the accurate calculation of airfoil properties at low
Reynolds number, and (2) to use this tool to add to the airfoil data
base.

First, some background. Over the past five years, a definitive
series of experiments on low Reynolds number flows over airfoils has
Yetn carried out by Dr. Thomas Mueller at the University of Notre Dame

Using a unique low Reynolds number wind tunnel along with smoke-
flow techniques, Mueller has provided by far the majority of modern
experimental data for low Reynolds number flows over airfoils. This
work has not only produced lift and drag coefficient data, but has also
underscored the special physics which influences low Reynolds number
flows over airfoils. For example, Mueller has highlighted the role of
the laminar separation bubble near the leading edge, the highly unstable
shear layer created by this bubble, and the tendency to transist to tur-
bulent flow downstream of the bubble. If transition does occur, thenreattachment is likely downstream of the bubble as illustrated in Figure

1; on the other hand, if transition does not occur, the laminar separa-
tion bubble will "burst", creating a massively separated flow over the
top surface of the airfoil, as illustrated in Figure 2.

FIGURE I
FIGURE 2

LmMINAR TRANSITIN ---- )___BR•

SEPANSITION•R TURBULENT LA

- ' REATTACHMENT AIl

SEP SEARAO O SE

I/- (-)

K~4 (-) •' • --- HSSEPARATION --IO
WITWITH SEPARATION

DISTANCE ALONG SURFACE
DISTANCE ALONG SURFACE
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In any event, in the Reynolds number range of 100,OUU - 30U,00U, airfoil
flows are dominated by such transitional and flow separation phenomena
which complicate the generation of definitive airfoil properties.
Experimental measurements of aerodynamic forces are further complicated
by the low magnitudes of the forces themselves at low Reynolds numbers,
hence creating the potential for large experimental error.

In light of the above, there is an important need to parallel the
low Reynolds number experiments with independent numerical computations.
This is the purpose of the present work. In particular, the present
paper is designed to be a direct numerical complement to the experimen-
tal work of Mueller reported in Reference 4, which treated an airfoil
designed specifically for low Reynolds number applications -- the Miley
Airfoil. In the present work, we present numerical results for the low
Reynolds number flow o.er a Miley airfoil, and compare them with the
experimental data of Reference 4. Moreover, we also present numerical
results for another airfoil designed for low Reynolds number applica-
tions -- the Wortinann airfoil -- and compare with experimental data given
in References 5 and 6. To the authors' knowlege, the present results
are the first direct application of a detailed Navier-Stokes solution to
the flow over the two airfoils mentioned above.

The numerical solutions presented in the present paper were
obtained from the full, compressible, two-dimensional Navier-Stokes
equations. The solution technique utilizes a time-dependent, implicit
finite-difference procedure patterned after the new implicit MacCormack
algorithm first introduced in 1981 (see Reference 7). [!,ie of our goals
in the present work has been to develop reasondbly practical
Navier-Stokes solutions for low Reynolds number airfoils -- solutions
that do not require the use of a super computer. We typically solve
these air-f-oil flows on a relatively old UNIVAC 1180 in running times of
two to three hours -- reasonably practical for Navier-Stokes solutions.
Moreover, we have modified MacCormnack's implicit technique given in
Reference 7 to handle the curvilinear, boundary-fitted coordinate system
which must be wrapped around the airfoil. In the above sense, the com-
putational tool described here is a contribution by itself, along with
the numerical results produced by the tool.

II. FORMULATION OF THE PROBLEM

Again examining Figures I and 2, the physics of the low Reynolds
number flow over an airfoil is governed by transitional and separated
flow phenomena.. Since one purpose of the present work is to study these
physical effects, the only proper recourse is to solve the complete
Navier-Stokes equations instead of a simpler but approximate boundary
layer/inviscid interaction problem. We want the equations to contain
all the requisite physics -- hence the use of the full, compressible
Navier-Stokes equations. These equations, in nondimensional, strong
conservation form, are given as

ax ay
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where
PU

,p u 2 + p + 2/3 (-L +ŽL)/R - 2 (- )/R

ax 2Y e ax e
Pu

U = pv (2) F = puuv - v ('u a+-L"-Re
ay axe

p Ep u - P k a T u ~ (2 3 i . M + 2 - L
rm ~i **[2/3 ax aya

ul-Pring 7 + 7 a ) - ax•
e

v Av +2

Tx 3y e

G=pv 2 + p 2/3 u(-! + -L)/Re - )/Re (4)

aT av 3 W"• pvH - Prm k•-ý+ 7e [- u(-T + -•)

+ v [2/3 t (A + A) - 2w-]
Re ax ay ý

"Both laminar and turbulent flows are calculated. For the laminar
` '. flows, the molecular viscosity coefficient v is given by Sutherland's

"h ~law:

11.T 3/2 Tref + 110 (5)
Tref T T + 11U

The Prandtl number is assumed to be constant:

Pr = 1.0
k
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For the turbulent flows, the popular Baldwin-Lomax turbulence
model 8 is used. This model is designed specifically for separated
flows; it is a two-layer eddy viscosity model which uses local vorticity
rather than boundary layer thickness to obtain the turbulent viscosity
coefficient, ;r. The details of the model as applied to the present

V' work are described in Ref. 14.

For the turbulent flow calculations, wherever p appears in Eqs.
1-4, it is replaced by the sum (R + d). Similarly, wherever k
appears in Eqs. 1-4, it is replac%dby (kT + k), where k is the tur-
bulent thermal conductivity defined from the turbulent Prandtl number,

Pr = kT = 1.0.

rT krT

As suggested in Reference 8, transition to turbulent flow is
assumed to take place when pl-14u. Hence, the model does allow a predic-
tion of the transition point. From the present results, the transition
point always occurs in a region of rapidly increasing vorticity, which
clearly identifies the transition region. We make no claims as to theaccuracy of transition predicted by this model.

Ill. NUMERICAL SOLUTION TECHNIQUE

The above equations are first transformed into curvilinear coor-
dinates appropriate to a boundary-fitted coordinate system wrapped
around the airfoil. The grid is generated by Thompson's elliptic
approach, described in Reference 9. A typical C-type grid used in the
present calculations is illustrated in Figures 3 and 4; Figure 3 shows
the full extent of the grid both upstream and downstream of the airfoil,
and Figure 4 is a detail showing only the portion of the grid near the
airfoil. Note the concentration of grid points near the surface in
order to help define the viscous phenomena.

The Navier-Stokes equations in curvilinear coordinates are then
solved numerically using the new implicit finite-difference procedu r:
presented by MacCormack" in 1981. In earlier investigation, Wright at
the Universicy of Maryland solved the Navier-Stokes equations by means
of MacCormacc's older explicit technique; the solutions were carried out
3t an unrealistically low Reynolds number of 15,000, and required an
inordinate amount of computer time (more than a day on a VAX computer).
The present work, using MacCormack's new implicit technique, is an
order-of-magnitude improvempnt over Reference 10, and covers a Reynolds
number range from 500 to 10 . Typical running times for the present
cases are 2 to 3 hours on a UNIVAC 1180 -- constituting a somewhat prac-
tical tool by today's standards.

Details of the present numerical solutions can be found in
Reference 11. Please note that the solution procedure is time-
dependent, with the desired steady-state results obtained asymptotically
at large times.

For the boundary fitted (curvilinear) coordinate system required
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fcr the calculation of flow around airfoils, the procedure for impli-
citly solving the equations is consder-ably modified from that given in
Reference 7.

F.DR Re~ '.

FIGURE 3

N __ 4_

'3

10
-§NEAR THE A

rke;I* C"CO FIrCURE 4

The NavierStes qato for curvilinear coordinate systems in

-~ conservation form are

-t * F * V = (6)

where

U, J'U

n n()

and - F x~
G' -
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The implicit difference equation for equation (6) is

(I + tt A'+ at B (8)Be an at B

where A' = y - x B (9)

B' •-yAe + x B

and A & B are the Jacobians

A=- and B =

Approximate factorization of equation (8) yields

n 1 n

+ + at11 'I _

Lw"". ,IV RESULTS AND DISCUSSION

Two different airfoils are treated in the present work, the MileyM06-13-128 and the Wortmann FXb3-131. Both of these airfoils were
designed for relatively low Reynolds number ApBlications. Both airfoils
have been examined experimentally by Mueller the results given here
are a direct numerical complement to these experimental results.

1he numerical results are obtained from a solution of the
compressible Navier-Stokes equations; this is done intentionally to
allow future applications to high subsonic and transonic cases.
However, such compressible Navier-Stokes solutions frequently encounter
instabilities when applied to low Mach number cases (M4).1), and when
stable, the convergence times are inordinately large. The present calcu-
lations are no exception. Therefore, all the computed results presented
herein were made for a freestream Mach number of 0.5, whereas the
experimental results were obtained at very low speeds (M.:0.03).
Although this may at first thought seem like an "apples-and-oranges"
comparison, in reality it is not. The low Reynolds number flows treated
herein are dominated by viscous effects, which are relatively Mach
number independent. Indeed, a numerical experiment was run to examine
this effect; the same case was run at M_ = O.b, 0.3 and 0.2, and CL as
well as the basic flow phenomena re,.,ained relatively the saine. At no
time did the comFuted local Mach number even yet close to unity; the
flow at M - 0.b exhibits no suler-critical effects at all. Un this
basis, we feel that for these highly visious-doininated flows, the coin-
puted results with hF. = U.b are reasonably accurate reflections of the
phenomena dt low speeds, an'i therefore the fullowiny comparisons with
low-speed experimental data are valid.
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A. Miley M06-13-128 Airfoil

Lift and drag coefficient data are shown in Figures 5 and 6 respec-
tively for Re = 100,UOO.

FIGURE b: Lift coefficient
versus the angle of attack

"for Miley Airfoil
at Re=100,000

..' T ...

:, . . 1 .i

RLPXA ItG .I

• ~~~132IItWISIe• •.

tOM~.... ii*'" ..'"

COMPARIION A(111[N EIP[RIMENTAL AND

NI9ER CAL RESULTS

P fXP[R[iX[.AI ( A(F 4 & IA ) ALPHR IO(C-I

(ANO$PARISIO2 BETWEEN EXPERIKENIIAL AND

NumERI CAt RE SuL TS

S[XPERIPIEhVAL (REFS 9 1 I!

• NUMEI[RCAL |PRESENT) AMOSJLT

Fl(;',":P; 6- Drae! coefficient versus the angle of
attack for Mhle~y Airfoil at Re=1O0,003

The small diamonds are experimental data from Mueller4, and the

large squares are calculated results from the present Navier-Stokes

solutions. The calculated results in Figures 5 and 6 are for totally
laminar flow. The experimentally measured lift slope below about 100
angle of attack is relatively small -- a well known characteristic of
low Reynolds number effects on airfoils. 1 2 The present Navier-Stokes
calculations of the lift slope in this angle of attack range agree well
with Mueller's experimental data as seen in Fig. 5. At higher angle of
attack, the experimental data exhibit an interesting hysteresis pheno-
mena, with lower CL for increasing a, and higher CL for decreasing Ex.
This is the exact opposite of the hysteresis phenomena sometimes exhi-
bited by more conventional airfoils; this peculiar behavior for the
Miley airfoil is explained by Mueller 4 as caused by "the location of
separation and/or transition in the airfoil boundary layer." Since the
calculated results shown in Figures b and 6 are for laminar flow only,
the experimentally observed hysteresis loop is not simulated numeri-
cally; the proper physics tor such a simulation is not modeled in the
calculations shown for this case. Examining the drag coefficient
results shown in Figure b, the calculations agree fairly well with
experiment for low angles of attack. However, at high a the laminar
flow calculations exhibit massive flow separdtiOn on the top surface of
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the airfoil, and hence the calculated drag is much higher than the
measured values at high a. This is because of the very large pressure
drag due to flow separation (form drag) predicted for the laminar flow
case, in comparison to that for the experimental case which exhibits
transition and hence a larger region of attached flow.

There are two important observations to be made from the com-
parisons between calculation and experiment in Figures 5 and 6.

(1) The calculated results tend to verify the measurements of
Mueller at low angle of attack. This is important, because
one of the major problems associated with low Reynolds number
testing is the low magnitude of the forces involved. This
creates the possibility of large experimental error in the
force measurements 6 , particularly in the case of drag, which
is usually an order-of-magnitude smaller than the lift. The
present calculations seem to support the accuracy of Mueller's
measurements.

(2) The calculations allow a comparison between skin friction drag
coefficient, CDf and pressure drag coefficient COp (form drag).

It is interesting to note that the present calculations indi-
cate that drag at low ais almost totally pressure drag
(contrary to conventional airfoil experience). For example,
at a = 00, the calculated values of CD and CO are .00472 and
.0586 respectively. Such a comparison Ts explained by Figure 7,
which shows a large region of laminar separation over the top
surface at a 0'.

U -0.5

24G3JP[ 7
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Separation is predicted by the calculations to occur at x/c =
.45, where x is the distance along the chord, and c is the
chord length. The calculated streamline pattern shown in
Figure 7 is very similar to the smoke flow photograph for the

i- same case obtained by Mueller 6 , and shown in
Figure 8.

SM4It FiOW PIC1UlE FOR Fl• OW OVIR

Hit[' AIRFOIL

ARe 1 00.000 AnqIe if *ttwlt . 1 0 degree.

-- FIGURE 8

-- This photograph also shows
that a large region of
separated flow exists over
the Miley airfoil at a = 00.

-W

The present Navier-Stokes calculations reveal other interesting
aspects of the flowfield around the Miley airfoil as follows. A
detailed velocity vector diagram in the nose region of the airfoil at a

0° is shown in Figure 9.

tii& ,tt tiC's -ilt 6

.t.R It.

-'',+14 ll -A *,'+ 01 l~ -I

-.- , i -A.

"to on d SontetpsrdeO t -° a irf 1 ++, j "u"•st slightl

-- A -", +•, - <I j•i

•./ A,.,'+ ;+. . t/•

lift .p e-..>.- s . 9 s o y l-

• F. , . -- -

% •.-. tIGURE 10

*It is intere'st'ng to note from this diagram that at a 00 th •e stayna-
tion point tails on th~e t~o~p surface of th~e airfoil, just slightly
downstream of the nose (coventional airfoils at conventional Reynolds
numbers usually exhihL the stagnation point on the bottom surface when
lift is pro~duced). The behmvior shown in Figure 9 is supported by dlo-

sely examin nqL the smoke flow photograph in Figure 8, which also shows
* the stignation point occuring above the leading edge. On the other hand,
'i examining F iqure 10, the comi;uted velocity vector diagram in the nose

region at =t 190 shows the stagnation point well below the leading
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edge, as expected. Details of the computed pressure field around the
airfoil at a = 00 are illustrated by Figures 11-13. In Figure 11, the
computed surface pressure distribution on the top and bottom surfaces is
shown.

In order to plot the
entire pressure field around
the airfoil, Fig. 12 serves to ...........
establish a coordinate system,
with the airfoil in the x-y
plane as shown, and with the .
flowfield variable (say static
pressure, p) plotted on the z
axis. With the coordinate
system in mind, examine Figure
13. This shows a "carpet
plot" of the static pressure
distribution; p is shown as a 0 - 0_Is

function of x and y, and hence ,/
a three-dimensional pressure
surface as generated which is
drawn above the x-y plane. FIGURE 11

'.lr~ ..'.. . • * .. . r
stWJr s3433

ORIENTATION OF AXES FOR THREE -

DIMENSIONAL SURFACE PLOTS OF
PRESSUJRE AND TURBULENT VISCOSIT I

(p,$, . .)•

FIGURE 1FIGURE 13

The entire diagram is slightly rotated in Figure 13 to allow a three-
dimensional perspective. Note that the gradual compression in the nose
region is clearly illustrated in Fig. 13.

B. Wortmann FXb3-131 Airfoil

The shape of the Wortinann FX63-137 airfoil, and the portion of the
numerical grid in the near vicinity of the airfoil, are shown in Figure
14.
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WORrMANN AIRFOIL I F163.137 I

GRIt NEAR THE AIRFOIL

,•. FIGURE 14

For this airfoil,
NUNN" both laminar and

turbulent cases
were computed.

B.1 Re=lO0,O00

Figures 15 and 16 show the lift and drag coefficients respectively
for Re=lO0,O00.

FIGURE 16: Drag coefficient versus the anale of"X 6- 13 '.5 Fattack for Wortmann Airfoil at Re=100,O00

AeI10I.98S (9)
AR-Z-O ST

.2,

C L"If .4

.3S.
.2

0 ~ EI~~A A ."-12 -4 4 12 20 28

IAPRESENT CAtLCULATIO

u bO .cc 0 o TU.RBULENT

FIGURE 15: Lift coefficient vesu LRe -0MR

attack for jortmann Airfoil at Re=l0nlouU

The open diamonds are experimental data from Mueller 6 . The solid sym-
bols are results at c;l)° froai the present calculations; the solidi "squares denote turbulent flow results, and the solid circles with the
range bar denote totally laminar flow results. Here it was observed
that the purely lafnnar flow results were quite unsteady with the major
flow features repeating themselves at intervals of about 1.5 non-
dimensional time.
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These repetitive results are --
shown in Figures 17(a), (b) 77
and (c) at non-dimensional
times of Tn = 6.27, 7.04 and
7.73 respectively. These ------ - --
results express the for- -

mulation of a vortex on the - -

upper surface near the (b) 1, -*1

trailing edge and the shedding --
there of. The value of CL .- -?:-
also varies for these three - .
times from CL=.0915 to
CL=-.045 to CL=.1161
corresponding to states in -- -------.

Figures 17(a), (b) and (c) _

respectively. The reason for
the consistently low value of C), - 7.

the lift and high value of the -- -

drag coefficients in the lami- --

nar flow in comparison to the.--
;turbulent flow becomes obvious- J

when we look at the stream- - -
li'ne patterns for the laminar . . .- " -.

and turbulent flows in Figures _ - -

18 and 19 respectively. Figure W•,,, VCTOR

18 is plotted at a particular T-P-ES FOP , • •,•
value of non-dimensional time P',. 0 , aloha -.C 0

of Tn=7.04.
FIGURE 17

W.Z~ 1 OaW N O Oil M A £U1 I *3. I I - 1 S Fto 10IRSI mienI

S-.11S. *I...O q I

FIGURE 19

FIGURE 18 %T%'PL"N ORO d•"W'N S 'VOI " I INSAP 141OW W

Massive flow separation on both the upper and lower surfaces is seen.

Because of this separation, tho laminar flow calculations consistently
yield considerably lower CL'S and higher CD'S. The turbulent flow
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"results, on the other hand, yield excellent agreement with the experi-
mental data of Mueller, as seen in Figures 15 and 16. The reason for
this agreement is that the turbulent flow is completely attached, as
shown in Figure 19. Using the Baldwin-Lomax turbulence model the tran-
sition on the upper surface is predicted at about 40% chord from the
leading edge, and transition on the lower surface is predicted at about
20% chord. This completely attaches the flow on both the upper and
lower surfaces of the airfoil, hence increasing lift and decreasing

C ~:drag.

The calculated locations of the transition points and the magnitude
of the turbulent viscosity are shown in Figure 20(a) and (b) for the
"upper and lower surfaces of the airfoil respectively.

This figure again is a "carpet
plot" of pt where the physical

FIGURE 20 grid is in x-y plane and the
magnitude of ot is plotted in
z direction. (Refer again to

ID.............0 Figure 12 for the orientation
W.1100. of the axes.) The 3-D surface

representing I is then
"rotated about the x-axis and

(.1• W FFig. 20 is the perspective as
M •.O seen from this viewing angle.

"L On the lower surface near the
trailing edge the presence of
a favorable pressure gradient
causes a considerable reduc-
tion in the vorticity and
"hence the turbulent viscosity.

&A. ,01. c.Reflecting back on Figures 15
and 16, the computed results
seem to indicate that the real

•'•, flow at Re=100,000 is probably
more turbulent than laminar.
Again, we interpret the com-
parison shown *in Figures 15

* and 16 as a numerical confir-
mation of the relative
accuracy of the low Reynolds
number ineasurements of Mueller 6 .

r•..- In Figure 16, at 1=00, the computed skin friction and pressure drag

coefficients are CDf = .0016 ± .0004 and C1)p = .0b] t .025

respectively for the laminar case, and Cif=.OO/4 and CDp = .039 for the
turbulent case.

%*"

* IR.2 Re = 6U,000

Both the purely laminar and the turbulent cases are calculated for
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this low Reynolds number for
the angle of attack of 14
degrees. Such a low Reynolds 73L41, 00 VOC tOMIAk ATO MULEN, FLM

number was selected because I f .0 M. Al. h , 14. dog.

the flow is expected to be at ON0S, 1K 2.45

most transitional at Re =
60,000. This was evident from-
the calculated distribution of ... .- --. .

turbulent viscosity where the
highest ut observed was equal

to 30. Figure 21(a) and (b)
are velocity vector diagrams -. - --

for both the laminar and tur- -

bulent cases at the same non- ( --- -
dimensional time of Tn = 2.48. , AM ,•.t
There is very little effect on FIGURE 21

the major flow field structure
due to turbulence. The calcu-
lated values of CL for laminarcase was 1.0735 and for the " ".-' -- .. : -
turbulent case was 1.0886.

However both the cases were

observed to be unsteady. -- ---

TURBUIIj FLOW WITN

gat DW -t1,W) TUPBUIM(( POOR

B.3 Re = 300,000

For this case of higher Reynolds number, both laminar and turbulent

calculations were made. Both were observed to be unsteady at high
angle-of-attack due to the presence of a large separated region. Both

CL and CD were observed to be time varying. The calculated value of
highest turbulent viscosity ut was about 70 to 100.

INSTNANA(S STPRLMINI PLOT F0O T UIEIilNT CASI

PA - , ii * 0.S. 4I1,e - $4.0 4WMO

k __Turbulent flow

results are presented
in Figures 22, 23 and
24. Figure 22 is an
instantan-eous

.. • - streamline plot at a
particular time

4 instant corresponding
to nondimensional

FIG,.- -"' tim me T = 3.993.n

Presence of large vortices is clearly seen on the upper surface. The

unsteadiness in the flow is evidenced by Figure 23 where velocity vector
plots are shown at nondimensional times Tn = 3.993, 4.681, 5.45 and

6.145 in Fig. 23 (a), (b), (c) and (d) respectively.
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The formation and movement of the vortices is seen. Clearly the flow is
unsteady. The flow near the leading edge is, however, less unsteady.
Figure 24(a) and (b) are velocity vector plots at Tn = 5.381 and Tn
6.145.

FIGURE 2
•, •. . ~~ ~~- , • •' -.•z•-.. . ...---- • .

4.-.I.*1W 1.-4) .66?

110c1 °1 C lo ,,,4' IA V laCUA

1.- 5 4

7 - -",'zx. . .- .~-.x.'..%a.............. .

• . . . 7. _- . --.. -.. .- _. - . -. . . . .

7, ." 7. -I' .1-W

7 7* "" ." - - >.--a-. i"• . . .

S•- .- _.. - -. - --~w • : ,

(d -e 67 45

VILOC111 VECTOR DIAGAM, S A l F OUR 1IFI(4 4

S_--. FI UR 24-N1%SOa 11S IO (C00 - 0 .Aoa17e

.:'-They are almost identical. The value Of CL however was calculated to
,.•'-.-change by ±_ 13.5% and that of CD by _± 15.0%.

•2•' It is interesting to note that the flow did not attach for the tur-
0 bulent case; it was the same as the laminar case at the same angle of

£• attack and Reynolds number. The separation point was almost at the same
Xlc = .2 for both these cases, although it too moved somewhat with time.

,-• The turbulent case was started with the initial conditions which were
,• final conditions of an already largely separated laminar case. The tur-
•,• bulence then generated was not adequate to transfer energy fromn external
• regions through the shear layer to into the boundary layer, thus not
,'v attaching the flow. Thus a history of the flow is brought into the
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solution making it non-unique. Whether this phenomenon can be respon-
sible for the "hysteresis" in the lift and drag curves will be the sub-
ject of further research.

V CONCLUSIONS

The following general conclusions are made:

(1) With this computer simulation program it is possible
to calculate the entire (2-D) flowfields around an airfoil and

()calculate Cp, CL and Cj).

(2) It is also possible to study the physics of the flowfield,
e.g. vortex formulation, shedding and reformulation etc. for
the unsteady flows. All large separated regions were observed
to be unsteady.

(3) It is also possible to predict the transition point and also
the level of turbulence in the flowfield. Comparison between

,X".. purely laminar and turbulent cases can be made enabling us to
separate out the effect of turbulence on the flow, a definite
advantage of computational research.

(4) The calculated lift and drag coefficients at low and moderate
angles of attack agree very well with the experimental data of
Mueller. In light of the tenuous nature and various uncer-
tainties of low Reynolds number force measurements, par-

.•,,ticularly drag, we feel that the present calculations tend to

confirm the accuracy of Mueller's measurements,

(5) Contrary to conventional airfoil experience obtained at high
.L Reynolds numbers wherein the airfoil drag at low angle of

attack is mainly skin friction drag, the present calculations
at low Reynolds number (300,000 and below) show that approxi-

* mately 80% of the total drag is pressure dray, even when the
flow is attached at low angles of attack. This may be due to
the large region of highly viscous flow surrounding the air-
foil and trailing downstream in the wake, causing the airfoil
to act effectively as a large almost semi-infinite body. The
fact that pressure drag dominates skin friction drag should

* have a major impact on the design philosophy for low Reynolds
"number airfoils.

. Pertaining to the airfoils treated in the present work, the
- following specific conclusions are also made.
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(a) Miley Airfoil

a.1 Laminar calculation prediction of CL and Co up to angle
of attack of 100 agreed quite well with experiments by
Thomas Mueller at Notre Dame for Re=100,O00 indicating
the flow to be more laminar than transitional. At higher
angles, more disagreement was evident.

a.2 For low Reynolds numbers like Re=100,0U0, the leading
edge stagnation point was observed to be on the upper
surface as seen in the experiments.

(b) Wortmann Airfoil

b.1 Both laminar and turbulent cases were calculated for Re
;* ~ 60,000, 100,000 and 300,000. Purely laminar calculation

was observed to be unsteady with vortex forming and
shedding on the upper surface separation region.

b.2 Consider a Wortmann airfoil at zero angle of attack at Re
: 100,000. Purely laminar flow calculations for this
case show separated flow over both the top and bottom
surfaces of the airfoil. Moreover, this flow is unsteady,
and results in a band of lift and drag coefficients which
do not agree with Mueller's measurements. On the other
hand, a turbulent flow calculation (using the popular
Baldwin-Lomax turbulence model) indicates transition at
about 40% chord, and yields completely attached flow.
This flow is steady, and results in lift and drag coef-
ficients that agree excellently with Mueller's measure-
rments. In this vein, the current numerical experiments
help to interpret the experimental results, and indicate
that even at the low Reynolds number of 100,000, such
flows are truly transitional and turbulent in nature.

b.3 For Re=100,O00 and ci=U case, no separation was observed
on either upper or lower sides, for the turbulent calcu-
lation.

b.4 All cases that yielded large separation zones (at *=14')
* were observed to be unsteady. This was true of laminar

cases but was also true of turbulent cases. Both the

,L' and CD's for such cases were a function of time.
However the time interval is quite small - the observed
Strouhal number based on chord lenqth is of the order .2

j to .5. This corresponds to time scale of 1-10 millise-
* conds for most cases.

"b.5 For the unsteady case, the mnagnitude o. max and
CPmin was also observed Lo chanye.
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EXPERIMENTS ON UNSTEADY FLOWS ABOUT WING SECTIONS

E. Krause, G. Ehrhardt, B. Schweitzer
"Aerodynamisches Institut der RWTH Aachen

Aachen, West Germany

ABSTRACT

Vortex shedding on wing sections due to time dependent %ariation of the free
stream %elocity is presently being studied experimentally at the Aerodynami-
sches Institut of the RWTH Aachen. The aim of the investigation is to obtain
information about the details of the flow structure, in particular in the Oicinity
of the trailing edge, to determine shedding frequencies, range of stability of the
-"ortex street, extent of the separated region, and to measure the time-
dependent surface pressure distribution as a function of freestream Strouhal
number and Reynolds number for accelerated and decelerated flows. The angle
of attack is held constant in the experiments. So far, results were obtained on a
water table, and in the water tunnel of the Aerodynarnisches Institut. Presently
experiments are being set up in an Eiffel tunnel.

INTRODUCTION

Unsteady flows about wings, rotor and turbine blades have attracted increased
interest in recent years. Motivation for in~estigations of unsteady flow
phenomena is mainly stimulated by the desire to improve design conditions on
one hand, and to be able to cope with time dependent perturbations of otherwise
steady flows in a more effecti~e way. Such disturbances may be of particular
interest for aerodynamic applications, which are characterized by a relatively
low Reynolds number.

In the case of rotor blades, the angle of attack and the local freestream
.elocity .ary periodically during the flight. The influence of the variation of the

angle of attack on the flow was already investigated in a number of experiments
with oscillating wing models [1} . Experiments, in which the freestream
%elocity was \aried as a function of time, either periodically, or aperiodically,
and in which the angle of attack was held constant, are either rare or ha%e not
been done at all. Such a flow is of particular interest for studying the local flow
behaeiour in the \icinity of the trailing edge with the specific objectives to
analyse the \ariation of the extent Gf the separated region, to find out, under
what conditions %ortex shedding occurs, and, whether the Kutta condition is
*iolated. For the reasons just mentioned an experimental in~estigation was
initiated in the special collaborative research programme 25 "Vortical Flows in
Aerodynamics", sponsored by the D[tutsche Forschunrqsgeieinschaft at the
Rheinisch-Westf:jlis-2he Te.chnische Hochschule Aachen. It is aimed at clarifying
some of the questions, reh'x ant to time dependent freestream '.ariations.

Because of difficulties, encountered in unsteady high-speed flows, the investi-
qation was initiated in low-speed flows. So far, experiments were carried out on
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• • a water table, and in Pa water tunnel. Z~he Reynolds numbers obtained varied

Sbetween Re = 1.5-10 , and Re = 2.10 , and the Strouhal numbers between
Sr = 0.07 and Sr = 0.29. The experiments on the water table will be described
first. The section that then follows contains a discussion of the flow studies in
the water tunnel. In the last section, a short description of a new experimental
facility is given, which uses an Eiffel type wind tunnel for future investigations
of flows with time dependent freestr am velocities. The maximum Reynolds
numbers of this facility is about 2.5"10 . Similar investigations are described in
[2] and [3]

DESCRIPTION OF EXPERIMENTS

Flow Visualization Studies on a Water Table

First investigations were carried out on a water table, which is schematically
depicted in Fig 1. The water is set in motion through two sets of disks (1), which
push the water into two long open channels (2). At the end of channel the flow is
turned by 180 degrees by guiding vanes and is then led intc the test channel (3).
A screen (4) in the inlet cross section damps out flow non-uniformities, and in
the middle of the test channel tne flow has almost constant velocity. In order to
be able to let the freestream velocity vary with time, a sluice-like device (5)
was built into the water table at the end of the test channel. The gate is driven
by a motor through which three modes, opening and closing alone, and in
combination could be operated. Because of the influence of surface waves,
periodic variation could not be verified in the experiments. But, as will be seen,
the variation of the flow structure, in particular in the vicinity of the trailing
edge, in the wake and in the separated region can clearly be recognized for the
three modes mentioned,that is to say for acceleration and deceleration alone,
and for a decelerated and accelerated freestream. Fig. 2 shows two free stream
-velocity profiles for Reynolds numbers Re = 1500 and Re = 3000 as a function of
time. The deformation of the velocity profile during the acceleration phase
through wave motion is evident.

(2) (3) (2)(1

Fig. I Schematic of the water table of the AerodynaIisches Institut.

(1) rotating disks, (2) channels, test channel (3), screen (4), sluicegate (5)
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The shape of the velocity profiles verified in the experiments depended on
several parameters. The influence on the Reynolds number is indicated in Fig. 2.
Note that the Reynolds number is based on the freestream velocity for steady
flow conditions. For Re = 1500 the freestream velocity is u. = 2.15 cm/s, and
for Re = 3000 it is u., = 4.3 cm/s. The other parameters to be mentioned are
the shape of the profile, the angle of attack, and the duration of the
acceleration and deceleration. In the experiments carried out so far, the
profiles NACA 4412 and NACA 4424 were used. Comparison experiments
showed that the shape of the profile had little or no influence on the freestream

4 2

*0 0,

0 0 1

m 8;

'p ~2 1

SS

0 0
0 0.5 T 1.0

Fig. 2 Freestream %elocity variation as a function of time. Re = 1500 and
Re = 3000

'velocity profiles, within the accuracy with which the %elocity could be
determined. The same can be said about the angle of attack. There are only
small differences in the %elocity distribution as a function of time, when a is
varied from zero to as much as six degrees. The duration of the deceleration
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and acceleration phase seems to influence the shape of the freestream velocity
"profile, in particular for low Reynolds numbers. It was found that the
oscillations caused by the wave motion exhibit larger amplitudes for shorter
durations than longer ones.

The freestreamn velocity was determined in the following way: Aluminiumn
powder was evenly spread over the surface of the water. Before this was done,

the water was dyed with Kaliumpermanganat such that its colour became deep
violet. Thereby those aluminium particles which submerge cannot be seen any
more, and only the flow on the surface remains visible. In addition, the contrast
between the colour of the aluminium particles and that of the fluid is enlarged.
It was found that a film develops on the surface of the water within a time of
about 24 hours. The film seems to hinder the motion of the aluminium particles,
especially in the vicinity of the profile and of the channel walls. In order to
avoid falsifications due to the %aried surface tensions, all flow observations
were carried out in a relatively short time after filling the table.

A camera was mounted above the water table and sequences of pictures were
taken with the following exposure times: TB = 0.5 s for Re = 1500, and TB =
0.25 s for Re = 3000. The time intervals between two pictures were chosen in
such a way that 10 pictures could be taken during the time in which the free-
stream velocity was varied. The velocity of the surface flow was then
determined in the usual way by measuring the length of the path a particle
travels within one half or a quarter of a second. Fig. 2 shows the freestream
velocity so obtained for the mode deceleration - acceleration for both Reynolds
numbers, Re = 1500, and Re = 3000. The duration of the velocity variation was
T= 20 s; the profile used was NACA 4424 at an angle of attack of a = 3

Fig. 3 shows a sequence of pictures of the instantaneous flow pattern for the
conditions just mentioned. (The Reynolds number is Re = 3000) at the beginning,
at 0.4 T, at 0.5 T, and at 0.6 T. The vortex shedding can clearly be recognized
during the acceleration phase. During the deceleration phase the separation
point on the upper side of the profile is moved upstream. While vortex shedding
occurs, the Kutta condition is no longer satisfied. It is also seen that for
Reynolds numbers as low as obtained here, the diameter of the vortices leaving
the profile is of the order of the maximum thickness of the profile. Further
details of the flow structure could not be obtained with the technique described,
because of its limited accuracy and resolution. For that reason a second set of
experiments was carried out in the water tunnel of the AerodynamischesInstitut.

Water Tunnel Experiments

The water tunnel is a Cbttingen type tunnel with a propeller with four blades

(Fig. 4). It is driven with a 4 KW electric motor. The velocity can be %aried
continously by means of a gear. The maximum speed in the test section is
um = 5.7 m/s. The critical Reynolds number of the sphere, determined in the
test section of the tunnel, was 2.3"10. The test section has a width of 25 cm, a
height of 33 cm, and a length of 125 cm. The nozzle upstream of the test
section has a contraction ratio of 4.
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In the experiments carried out in the water tunnel two profiles were used. These
were NACA 4409 and NACA 4412. The profiles were mounted in the test
section, extending over the entire width of the tunnel. The flow about the
profiles was made visible by injecting a fluorescent dye through small holes in
the profile. The plane in which the dye was injected was lit through a slot by
halogen lamps. The instantaneous freestream velocity, which was varied by
varying the speed of rotation of the electric motor, was measured with a drag
probe, which in turn was connected with an oscilloscope. The instantaneous flow
pattern was correlated with the velocity measurements by taking photographic
pictures of both, the velocity signal and the flow pattern.

14

between Re = 10q and Re = 2"10 , and the Strouhal numbers ranged from
SP = 0.07 and Sr = 0.2. The corresponding freestreamn ý elocity was u'o = 7.5 cm/s,
and a maximum relati-,e amplitude of 0.35.

The flow visualization studies provided sufficient information to determine the
variation of the seize of the separated region on the upper side of the profile asFga function of the parameters just mentioned. The location of the separation

point, x /1, and the relative maximum thic;kness of the separated region D /d,
measured at the trailing edge were taken as Mharacteristic quantities. This is
schematically indicated in r-ig. 5. The dimensionless time T was norm alized by
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Fig. 5 Schematic of separated region of the flow

the ratio of chord length I and the initially constant freestream velocity. Some
of the results obtained are shown in Figs. 6 through 10. In Fig. 6 the freestream
velocity, the maximum thickness of the separated region and the location of the
separation point are shown as a function of time, for NACA 4412 at an angle of

cmV.

%10 8
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d

6

1 ' 1.0
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.4 .2

T T5 10Fig. 6 Accelerated flow. Variation of Fig. 7 Decelerated flow. Variation of

freestream ' elocity, of maximum freestream %elocity of maximum thick-" thickness of separated region, and of ness of separated region, and of loca-
location of separation point. tion of separation point.

00

NACA 4412, . ..3.80 NACA 4412, a.= 5.
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attack of 3.8 degrees. The extent of the separated region on the upper side of
the profile is already large at the beginning of the acceleration ( T = 0). The
separation point is at 40 percent chord and the maximum thickness of the
separated region is about 7 percent of the chord length. The flow visualization
studies showed the formation of a Kdrmdn vortex street, w:,ich did not
influence the location of the separation point. The Strouhal number of the
,-ortex street is, when based on chord length, Sr = 2.5.

During the acceleration the extent of the separated region is markedly
decreased; the separation is moved downstream. Immediately downstream from
the trailing edge vortex shedding is annihilated, but only a few chord lengths
further downstream vortex formation can be noted again. The thickness of the
separated region decreases to a minimum value of about DT/d = 0.29 for

= 0.7 T , and the separation point is then XA/I = 0.5. After reaching a
constant freestream velccity (see Fig. 6) the size of the separated region
increases again, and vortex shedding sets in in the immediate vicinity of the
trailing edge. Steady state conditions are reached at roughly T = 1.5 T

010

88"''" 8

6
6

d

1.5 D

1.0 -

* . 1.0

.5 -I

"xA

6
.5

.3

1 5 10 1 5 10 T

Fig. 8 Decelerated flow. Influence of thick- Fig. 9 Decelerated flow. Influence
ness. NACA 4409, a = 0 of duration of the transient phase.

"NACA 4412, a = 50
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The results for a deceleration are shown in Fig. 7 for NACA 4409 at an angle of
"attack c 5 degrees. It is seen that the thickness of the separated region is
increased by more than a factor of two, %ortex formation sets in already in the
separated region, and the separation point is mo~ed upstream as far as
x /I = 0.35. Note that the separated region is thickest at t 1 ].8 T , thaL is
after reaching steady freestream conditions. The flow %isualization studies then
show a destruction of the vortices in the separated region, its thickness
decreases again; the separation point mo%es back to nearly the same position it
had before the deceleration was started. Periodic conditions at the trailing edge
are reached at about T = 3.8 i.

In Fig. 8 it is seen that increasing the trnickness of the profile enhances the
I,. process just described. The thickness of the separated region is now increased

by more than a factor of three, and the return to periodic 'vortex formation near
the trailing edge is noted as before. Since flow mo~es into the separated region
during the deceleration phase, the Kutta condition is not satisfied, at least not
at times.

v.I~

1' 8

10

.8

.6

.4.

xA

.6

.2

Fig. 10 Accelerated and decelerated Fig. II Instantaneous flow pattern.

flow.. NACA 4409, a = 3.80. F low conditions those of F iq. 10
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If the deceleration is extended over a larger time (see Fig. 9), or if the
amplitude of the variation of the freestream 'elocity is decreased, the reaction
of the flow is less pronounced. For a combination of an acceleration and a
deceleration of the freestream, first a decrease and then an increase of the
maximum thickness of the separated region (see Fig. 10) is noted. For the
velocity variation chosen, the separation point is moved downstream, but doestravel upstream of its initial position during the deceleration phase.

Fig. 11 shows a sequence of pictures of the flow pattern in the vicinity of the
trailing edge for the flow conditions discussed in Fig. 10.

N PLANNED EXPERIMENTS IN AN EIFFEL TYPE WIND TUNNEL

In the third part of the investigation time-dependent pressure distributions, lift,
drag and moments are to be determined for decelerated, accelerated and
periodically changed freestream velocity, with profiles held at constant angles
of attack. Since frequencies of the order of 5 Hz are to be obtained, an Eiffel
type tunnel was chosen, in order to keep the inertia of the air in the tunnel as

* small as possible. The periodic variation of the freestream velocity is
facilitated by a rotating flap, mounted downstream from the test section (see
Fig. 12). Until now the freestream %elocity in the test section was measured

Fig. 12 Schematic of Eiffel type wind tunnel of Aerodynamisches InstitutH• for unsteady flow analysis.

with a hot wire anemometer for frequencies up to 5 Hz. These measurements
show, as indicated in Figs. 13 and 14, that the amplitudes and the frequences
exhibit a sufficient uniformity, not just at one particular station in the test
section but throughout. Influences of the boundary layer on the tunnel walls
could not. be noted. A phase shift of about 1.5 percent was measured o%er the

S.,. •. entire length of the test section. It is belie~ed that this small \,ariation will not
impair the experiments.0

"The amplitudes of the \ariation of the freestream \elocity depend on the mean
freestream %elocity, on the angular frequency, with which the flap can be
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Fig. 13 Oscillograph of time-dependent Fig. 14 Oscillograph of time-dependent
freestream velocity freestream velocity
f =1.03Hz, Auo, /G. =0.52 f= 5Hz, Au,, fuG =0.25
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rotated, and on the size of the flap. The results obtained with a flap of the size

16. It iN seen that the amplitude varies linearly with the mean freestream
velocity, and deviations are only noted for lower frequencies (f = 3 Hz). For the
maximum mean velocity of U-00 = 20 m/s and a frequency of 5 Hz, an amplitude
of about 35 percent can be obtained. A comparison with the results generated in
the water tunnel is possible. The maximurrý Reynolds number of the flow in the

.2- Eiffel type Lunnel is as large as Re = 2.6.10 , and the maximum Strouhal number
is about 0.05.

CONCLUSIONS

Unsteady flows about wing sections were Wnestigated experimentally for
Reynolds numbers ranging from 1500 to 2-10 and Strouhal numbers, ranging
from values of 0.05 to 0.29. For the lower Reynolds numbers, Re = 1500 and
Re = 3000, accelerated, decelerated, and decelerated and acelerated flows were
made visible on a water table. The variation of the freestream velocity was
achieved by a sluice gate. Two profiles, NACA 4412, and NACA 4424 were
investigated at angles of attack of 0, 3, and 6 degrees. The flow visualization

* studies showed the stream upward motion of the separation point, and the
thickening of the separated region, when the flow was decelerated. It was also
shown that the Kutta condition was violated during the transient phases. In a
second set of experiments the unsteady flow about the profiles NACA 4409 and
NACA 4412 were investigated in a water tunnel at angles of attack of a = 4
a'nd 5 degrees. The freestreamn velocity was variel from roughly 5 to 10 m/s.
The corresponding Reynolds numbers were Re = 10 -and 2"10 . The variation of
the extent of the separated region, the vortex formation, and destruction in the
vicinity of the trailing edge were made visible by means of a fluorescent dye.
"For accelerated flows, when the extent of the separated region was decreased,
vortex shedding and formation of the Kdrmdn street was delayed. Deceleration
of the freestream caused substantial enlargement of the separated region and
an upstream motion of the ceparation point. Vortex-like structures were
generated immediately downstream from the separation point, resulting in the
violation of the Kutta condition. The changes of the flow near the trailing edge
exhibited a phase difference with respect to the changes in the freestream.

Future experiments are planned with an Eiffel type wind tunnel, in which also
periodic variations of the freestream velocity can be facilitated.

NOMENCLATURE

A = Au,, /UIo dimensionless amplitude

D T thickness of separated region at trailing
edge

d maximum thickness of profiles

f frequency

I chord length

266

S%
e.



•/\'.1*'.4• i

Re = u, L/v Reynolds number

Sr = f L/u , Strouhal number

t time

: T duration of acceleration or deceleration

U Cu 0=freestream velocity

U~00 steady freestream v-elocity at beginning
of acceleration or deceleration

UM •time averaged freestream velocity

x A location of separation point measured

from leading edge

a angle of attack
v kinematic viscosity

T= Uo, t/I dimensionless time

T = Uoo T/I dimensionless duration
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STREAMNWISE AND SPANWISE VORTICAL PATTERNS
VISUALIZED OVER AIRFOILS IN UNSTEADY FLOW

F. Finaish, P. Freymuth and W. Bank
Department of Aerospace Engineering Sciences

University of Colorado
Boulder, Colorado 80309

ABSTRACT

The relationship between the streamwise and the spanwise
developments of vortical patterns over airfoils and the transition to
turbulence of those patterns in unsteady flow starting from rest are
the main subjects of this paper. To study the relationship between
the two modes of visualization and to investigate the effect of the
three-dimensional disturbances in the spanwise mode, a complementary
illustration of the two modes of visualization for different Reynolds

/numbers and angles of attack is presented by means of selected
photographic frames and sequences. Spanwise visualization of the flow
field over airfoils in unsteady flow reveals the development of three-
dimensional disturbances, which provide more information about the
transitional stages and breakdown into turbulence.

INTRODUCTION

Recently the development and the transition to turbulence of
unsteady flow fields has received considerable attention. There is no
theory explaining the variety of the flow developments and the
complexity of the transitional behavior. Flow visualization is one of
the keys to obtain better understanding of the physics of the flow
developments and the transition to turbulence in unsteady flow fields.
The work by Freymuth et al. (1,2,3) visualizes streamwise accelerating
flow around airfoils after starting from rest. These visualization
data have been used by Palmer et al. (4) and Finaish et al. (5) to
conduct parametric analysis which further clarify the vorticity
generation over airfoil surfaces in unsteady flow. Recently, the
streamwise flow visualization was extended to spanwise visualization
as described by Freymuth et al. (6). The modification of the
experimental arrangement from streamwise to spanwise mode of
visualization reveals the development of the three-dimensional
transition patterns after a two-dimensional start. In the present
work we condurt a complementary study which compares side by side the
streamwise and spanwise visualizations at the same conditions of time,
Reynolds number and angle of attack. A side by side study enhances
the effectiveness of both flow visualization methods. While the
streamwise method is most effective in the two-dimensional stages of
vortical development, the spanwise visualizations allow more insight
into the transitional stages and breaking down into turbulence.
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EXPERIMENTAL PROCEDURES

The experimental apparatus and method of our flow visualization
has been described by Freymuth et al. (7). Streamwise visualization
was given before (1,2,3) and the modifications to accomplish the flowvisualization in spanwise mode were recently described by us (6).

Figure 1, top, shows a sketch of the experimental arrangement in
which the airfoil mounted in a horizontal position to achieve the
streamwiae or two-dimensional flow visualization. Figure 1, bottom,
shows a sketch of the spanwise or three-dimensional visualization in
which the airfoil was mounted in a vertical position. All experiments
were conducted in open return 0.9m by 0.9m subsonic wind tunnel at the
Univers ty of Colorado. Flow was accelerated at a constant rate of
2°4m/sec for approximately five seconds after starting from rest.
Symmetric NACA 0015 airfoils were used witb a range of chord length
between 0.32 cm to 71 cm which allowed the variation of Reynolds
number in a range between 16 to 52400 according to

R = al/2c3/2 V-l (1)

The angle of attack was easily adjusted in a range between 00 to

900. Illumination of the smoke was provided by 500 watt projector
lamps mounted at the top of the tunnel. After intcoducing the liquid
titanium tetrachloride on the surface of the airfoil and accelerating
the tunnel, movies were taken from the side of the tunnel through the
plexiglas walls of the test section. It was possible to film 64
frames per second using a Bolex 16mm movie camera.

METHOD OF INVESTIGATION

To investigate the relationship between the streamwise and the
spanwise visualizations, movie sequences were chosen for each
combination of Reynolds number and angle of attack. Three
photographic sequences were selected, one visualizes the entire
streamwise vortical structures (leading and trailing edge) and the
others visualize the spanwise leading edge and trailing edge
structures. As described previously by Palmer et al. (4) a film
analyzer was used for evaluation starting with a time zero. A zero
time has been defined as the time when the motion of the flow field
started to be noticeable. From zero time we started to count until a
certain vortex development occurzed. Knowing the number of frames
and the frame rate (64 frames/sec), the time until an event occurred
was obtained. To nondimensionalize the time for each frame, a
characteristic time T is defined as

Tc = c/2a-1/2 (2)

After determining the time of each frame for the three sequences,
six frames which represent the leading streamwise visualizatiors were
selected. On the basis of the time of each frame, the corresponding
frames for the spanwise visualization were obtained. The same
procedures were performed for the trailing edge flow visualizations.
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The frame selection focused on the most interesting developments of
the vortical patterns including the development of the three-
dimensional disturbances as revealed by the spanwise mode of
visualization. Hence, the time interval between the frames was not
the same. (The exact frame timing can be obtained from the authors).

COMPLEMENTARY ILLUSTRATION OF
THE STREANWISE AND SPANWISE VISUALIZATION

To demonstrate our complementary illustration, photographic
sequences for different angles of attack and Reynolds numbers were
selected. Figure 2 visualizes the vortical patterns over the airfoil
at different instants of time. Flow is from left to right and the
relevant conditions are o = 200, C - 15.2 cm and R = 5200. The first
column on the left (ordered from top to bottom) illustrate the
streamwise vortical developments. The second column visualizes the
corresponding leading edge spanwise development. Note the two-
dimensional spanwise start (column 2, frames 1,2), the transition to
wavy patterns initiated with streaks in flow direction (column 2,
frames 3, 4) and the onset of turbulence (column 2, frames 5,6)
indicated by more chaotic patterns. Column 3 visualizes the
streamwise vortical development, and the corresponding trailing edge
spanwise visualization is shown in column 4. Again, we see the two-
dimensional start in the spanwise mode of visualization (column 4,
frames 1,2), which proceeds to a three-dimensional development
starting with the horseshoe vortices (column 4, frame 3). Frames 5
and 6 in column 4 show the turbulent diffusion of the trailing edge
vortex.

Figure 3 visualizes the flow over the airfoil with the same chord
length (hence the same Reynolds number) at an angle of attack PC = 400.
In this case the spanwise leading edge flow visualization (column 2)
reveals the development of a wavy pattern without streaks (column 2,
frame 3). Later we see a development of horseshoe array (column 2,
frame 4), which diffuses quickly to turbulence as indicated in (column
2, frame 5,6). Column 3 visualizes the trailing edge flow development
in streamwise mode and the corresponding trailing edge development in
spanwise mode appears in column 4. The spanwise visualizations
(column 4) reveal spectacular patterns of flow development. Two-
dimensional vortices which develop from a vortex sheet (column 4,
frame 1) twist around each other to form a three-dimensional pattern
of vortex tubes. Also, the development of a horseshoe vortex in the
free stream behind the trailing edge (column 4, frames 3,4) can be
seen.

Figure 4 visualizes the vortical development over the airfoil
with the same chord length and Reynolds number at an angle of
attacko(--60°. The leading edge flow developments were quite similar
to that when o=40°. Trailing edge development shows strong
interactions between the vortex tubes behind the trailing edge (column
4, frame 4). Frame 5 in column 4 shows a pattern of vortex tubes

* creating the trailing edge vortex. Those tubes interact with each
other to diffuse to turbulence. No trailing edge horseshoe vortices
were observed at this angle of attack.
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Figure 2. Complementary illustration of streamwise anrl
spanwise visualizations of accelerating flow
around airfoil. a = 200, c = 15.2cm, R = 5200.
Columns 1 and 2 leading edge visualizations,
columns 3 and 4 trailing edge visualizations.
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ivcju~re 3. Complementary illustration of streamwise and
spanwise visualizations ot accelerating flow
around airfoil. a = 400, c =15.2cm, R =5200.
Columns 1 and 2 leading edge visualizations,
columns 3 and 4 trailing edge visualizations.
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F'igure 5. Complementary illustratio~n of streamwise and
spanwise visuali-7ations of accelerating flow
around airfoil. ct 200, c = 35.6cm, R = 182,50.
Columns I and 2 leading edciq visualizations,
columns 3 and 4 trail ing c-dcl,, visual izat ions.
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To investigate the effect of the Reynolds number, we performed
the same experiment with different chord lengths which allow the
variation of the Reynolds number according to equation 1. Figure 5
visualizes the vortical developments over an airfoil; the relevant
conditions are ck=20°, c-35.6 cm, R-18250. The first column on the
left illustrates the streamwise vortical developments. The second

column visualizes the corresponding leading edge spanwise developments
which show the three-dimensional disturbance start as spot (column 3,
frame 2,3) on the surface of the airfoil which grows quickly and
diffuses to turbulence (column 2, frames 5,6). Also, we see that the
two-dimensional vortices become corrugated near the leading edge as
indicated in frames 4, 5, and 6. Complementary illustration for the
trailing edge developments is presented in columns 3 and 4. The
spanwise visualization in column 4 reveals the development of the
horseshoe vortices near the trailing edge (frames 2,3). The three-
dimensional patterns interact very quickly near the trailing edge
resembling chain link fence (column 4, frames 3,4) prior to transition
to turbulence (column 4, frames 5.6).

Figure 6 visualizes the vortical developments over the airfoil
with the conditions ok -200. c=71 cm, and R-52400. Once again the
spanwise leading edge visualizations show the two-dimensional start
(column 2, irame I). The developments of the horseshoe vortices
(column 2, frame 2) proceeds to form N and SL vortices (8) (column 2,
frames 3 and 4 respectively), which diffuses to turbulence as
presented in (column 2, frames 5,6). The vortices developments in
this case were in a form of spots over the surface of the airfoil
rather than regular patterns. The spanwise trailing edge developments
in column 4 show less interaction between the vortex tubes developed
behind the trailing edge, compared to the trailing edge flow
developments for lower Reynolds number.

CONCLUSIONS

From our complementary illustration of the two modes of

visualizations and the three-dimensional patterns observed in the
spanwise mode of visualization, we obtain a reasonable insight into
the transitional stages. The variety of ways of vortical developments
and transitional processes depend strongly on Reynolds number and
angle of attack. The visualization of flow developments for higher
Reynolds numbers at 200 angle of attack shows random developments
rather than regular patterns.

NOMENCLATURE

a Flow acceleration
c Chord length of the airfoil
T Time

Airfoil angle of attack
Kinematic viscosity of the air

Subscripts:
r CCharacteristic time

0/:
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ABSTRACT

A program to study the aerodynamic characteristics of airfoils in
unsteady flows at low Reynolds numbers has recently been initiated. An
experimental facility designed to produce temporal variations in the
streamwise velocity of the subsonic wind tunnel is presented. The
device features a programmable input, thus allowing many variations of
periodic velocity waveforms. A method to suppress higher harmonics
present in sinusoidal velocity waveforms is discussed. A preliminary
experiment to determine the feasibility of extending steady flow
pressure measurement techniques is also presented. The data are
preliminary since an independent measurement technique has not been
'mployed to validate results. The value of unsteady pressure
distributions to reveal aerodynamic parameters and boundary layer
characteristics warrants further work into understanding and improving
unsteady pressure measurements.

INTRODUCTION

The aerodynamic characteristics of airfoils and wings at low
Reynolds numbers has been the subject of several recent investigations.
These studies have focused on steady performance properties with
detailed correlation with boundary layer behavior. As a natural
extension to this work, an experimental program to study low Reynolds
number aerodynamics in an unsteady environment is in progress at the
University of Notre Dame.

In many cases, steady or quasi-steady performance predictions are
adequate in practical applications. However, situations often arise
where unsteadiness is known to be important. Examples include
helicopter rotors, propellers, wind turbines, turbomachinery, and many
aeroelastic phenomena. Unfortunately, experiments required to model
these processes rapidly become impractical due to the complex
combinations of unsteadiness found, therefore, examining a single
contribution to the overall unsteadiness provides a controlled means to
isolate dominant effects. The present work involves streamwise
unsteadiness, that is, the freestream velocity is a function of time
while the airfoil remains stationary. A low frequency periodic
variation in freestream velocity may represent relative velocity
fluctuations in the atmospheric boundary layer while high frequency
disturbances may occur due to aerodynamic interference on certain flight
vehicles. Transient phenomena such as gust encounters are also
considered.
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A facility has been built to produce a wide variety of streamwise
unsteadiness in the subsonic wind tunnel. This paper describes its

. construction, operation, and operating characteristics with special
attention to the base flow quality. Additionally, some of the problems
associated with measuring an airfoil pressure distribution in an
unsteady flow will be discussed.

EXPERIMENTAL FACILITY

Experiments are performed in the 610 x 610 min section subsonic
indraft wind tunnel. The Unsteady Flow Generator (UFG) is a
self-contained apparatus which may be placed either upstream or
downstream of the wind tunnel test section. In most experiments the
"generator will be placed downstream as shown in Figure 1. Streamwise
unsteadiness is produced by the motion of four horizontal shutters which
act to control the flow rate to the wind tunnel fan. Tests to date have
been conducted with 152 x 610 mm (6 x 24 in) plexiglass shutters.
Previous devices using this design were limited to periodic unsteadiness
since the shutters could only be rotated at constant angular velocity.
The quality of the periodic waveform produced by these designs was
difficult to control due to the large non-linear periodic wake produced.

* Also, the amplitude of oscillation could only be changed by replacing
the shutters in order to vary the solidity of the device. The present
"unsteady flow generator, with a special motor, is programmable, thus
allowing periodic freestream variations to be produced by shutter

, . oscillation rather than rotation.
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Figure 1. Subsonic Wind Tunnel with Unsteady Flow Generator

0 The shutters are directly coupled through a series of belts and
pulleys to a printed-circuit armature DC servo motor. This type of
motor has a very low armature inertia and can therefore produce rapid
ch.-nges in angular velocity. The motor is connected to a DC servo
amplifier which provides the rectified DC drive pulses. This

* configuration allows for a wide variety of unsteady base flows with
non-zero nean velocity. A detail of the unsteady flow section is shown
in Figure 2.L; ,)2
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O Figure 2. Unsteady Flow Generator

Operation

Angular velocity of the motor is directly proportional to a ± 15 V
input command. The servo amplifier utilizes this input and a velocity
feedback loop using a tachometer to maintain desired velocity under
various loading conditions. This form of command input is well suitedfor computer control which insures high repeatability of periodic or
transient waveforms. Input commands are calculated by a 6502
microprocessor (Apple II) and output through a digital to analog
converter. An angular displacement transducer, (APT), is used in a
position feedback loop that is controlled by the 6502. This prevents
precession of shutters away from the mean angular position used in
oscillatory waveforms. The 6502 also outputs phase-locked or event
trigger pulses necessary for conditional sampling.

In periodic flows, the computer is loaded with single period
velocity and displacement waveforms represented by 180 points. The
frequency of the desired oscillation is determined by a time delay
placed between adjacent output signals sent to the motor. The process
is analogous to an endless loop tape which plays the same waveform over
and over, thus a very repeatable oscillation is produced.

Transient unsteadiness is generated by rapidly rotating the
" shutters through a given angle, thus changing the solidity. The 6502

processor maintains the shutters at a fixed position through feedback
from the ADT. An external enable, computer or manual, starts the
transient sequence by first triggering any data acquisition devices and
then waiting a short time before initiating shutter motion. Likewise,
shutter position is held after the transient until all data acquisition
has reached completion and then the process is reset. The control of J
the experiment by this method allows many realizations of the same
phenomenon to be ensemble averaged in a reliable manner.
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Although the techniques described provide very controllable shutter
motions, the response of the freestream velocity is somewhat
complicated. Therefore, an investigation of the base flow quality in
the empty test section was undertaken to document the facility.

Base Flow Quality

Periodic waveforms are produced by oscillating the shutters about a
mean angular position. This method is limited to low frequencies (< 5
Hz) due to angular acceleration restraints and shutter loading.
However, control of the amplitude of the unsteadiness is afforded by
this method. Higher frequencies ( > 10 Hz) may be obtained by rotating
the flaps at a constant angular velocity plus a time dependent
perturbation velocity to attenuate distortion as presented by Simpson
[1]. This technique is not discussed here.

The quality of a sinusoidal base flows may be characterized by the
total harmonic distortion of the streamwise velocity. As the shutter
oscillates, it produces a periodic wake which interacts with the wind
tunnel fan. The periodic wake requires a finite time to reach the fan;
hence, the flow rate in the time responds out of phase with the driving
frequency resulting in harmonic distortion. Total harmonic distortion,
(THD), is determined through Fourier analysis of the test section
velocity. Total harmonic distortion, in this experiment, is defined as
the ratio of energy contained in the harmonics of the driving frequency
to the energy contained in the driving frequency given by

THD= nf

n=2 ýf

Additionally, the phase difference between the driving frequency and its
higher harmonics can be determined. A technique to suppress the
distortion has been developed whereby the shutter driving function is
modified by the superposition of the driving frequency, f, with the
higher harmonics, 2f, 3f, .... , with aF ropriate phase shift determined
from the frequency analysis. This method can reduce the harmonic
distortion by an order of magnitude.

Base flow quality tests were conducted in an empty test section
using a single-wire constant temperature anemometer. A comparison of
the pure tone and harmonically suppressed driving functions with
corresponding velocity variations are shown in Figures 3 and 4.
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Figure 3. Shutter and Velocity Fluctuation, No Harmonic Suppression

shutter displacement
veloc Ity

F = '� ]0 Hz Har-'ron ic s&'ppres• \,n

U 10 Mns 25% amplitude
A = 19% 114 degrees shift

THD = 0. 2%

Figure 4. Shutter and Velocity Fluctuation with Harmonic Suppression

These figures show the streamwise velocity fluctuation superimposed over
the fluctuating shutter displacement time history for reference. The
mean flow velocity was 10 m/s with a 20% amplitude ratio, A, while the
shutters oscillated ± 20 degrees with a frequency of 1 Hz about a mean
angle of 20 degrees. Distortion in the pure tone case is evidenced by
the skewed peaks in the velocity trace. In Figure 4, only the first
harmonic, 2f, was suppressed. The harmonic suppression function
consisted of the first harmonic, 2f, with 25% amplitude ratio relative
to f, and 114 degree phase shift. This phase shift represents the
unsuppressed phase difference plus 180 degrees. The resulting driving
function, or shutter displacement, clearly shows the degree of
modification necessary to suppress the distortion. In this example, the
total harmonic distortion was reduced from 2 to 0.2 percent. This was
typical of most drive frequencies and amplitudes, although lower

V. amplitudes tended to have less initial distortion. To further
illustrate, Figures 5 and 6 are the corresponding spectral density
functions. One notices that the suppression of the first harmonic is at
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the expense of primary and 3f amplitude. However, the increase in the
3f is not significant in the distortion level. Suppression of higher

-harmonics is possible, but has not been attempted. The phase angle used
in the harmonic suppression technique is determined from the Fourier
analysis, but the correction amplitude as a function of primary
"amplitude, 20% in this case, is determined by trial and error.

V.,,
N \~ Cir-Moic ICsuppI-ess 1on THO 2%
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Figure 5. Velocity Spectrum

-i -ormonic Supp-essi THO 0. 2%
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C 1J
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Figure 6. Velocity Spectrum

Variation of amplitude ratio, A, was dependent upon the frequency
of oscillation. At very low frequencies, - 0.5 Hz, amplitude ratios of
about 40% were achieved. Near 5 Hz, the maximum amplitude ratio tested
was on the order of 5%. The reduction in amplitude ratio with frequency
was in part due to operating with less angular displacement since large

- displacements tended to excessively vibrate the wind tunnel. Also,
inertia of the fluid in the tunnel would not respond as easily to the
rapid pressure fluctuations.

236

"'" •'"•"'" """'" ''"". .. ".. ...... .... . ........,...... ........ ,.",........+ •.- +• -,-'-',.".



Turbulence intensities in the test section are not significantly

altered by the imposed unsteadiness. The primary increase in turbulence
intensities is due to higher harmonics of the drive frequency, however
levels were found to be less than 0.5% for frequencies greater than
twice the drive frequency in all tested conditions.

Transient motion of the shutters can be less than 100 ms, however
the dynamics of the wind tunnel may require several times this value to
"reach steady state. Again, the wake produced by the shutters requires
time to reach the fan which mrodifies the tunnel flow rate due to a
constant fan speed. The response time is much faster for decelerating
flows than for accelerating flow since in the latter the tunnel fan must
provide the energy input for the acceleration. The decelerating flow
requires an impulsive exchange of momentum from the fluid in the tunnel
"to the shutters and support structure. Typical transient waveforms for
"rotation rates, a , of 1 rad/s and 7 rad/s are shown in Figure 7 for a

- 40* rotation.

T-1 Csd/
e�r 7an W

1 25

Figure 7. Tyia Trnin Iaeom

PRELIMINARY EXPERIMENTS

Use of conditional sampling, ensemble averaging, and computer
controlled experiments is the key to educing unsteady flowfield
phenomena. The device described above along with support equipment
provides an ideal facility for unsteady experiments. However, a
thorough understanding of the instruments used to measure unsteady

'..Kflowfields is necessary to insure confidence in the results. Extension

of experimental techniques from steady to unsteady experiments requires
careful consideration of instrument dynamics expecially with mechanical
devices such as force balances and pressure transducers. Ideally, the
natural frequency response of a measurement system should extend several
orders of magnitude above the characteristic frequency of the phenomenon
to be measured.

Preliminary tests have focused on measuring unsteady pressure
distributions on an airfoil since these data serve the dual purpose of
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providing an estimate of aerodynamic performance parameters and general
features of the boundary layer. Whereas thermal and laser anemometers
have very desirable frequency characteristics, the dynamics of static
pressure sensing systems has been a formidable problem particularly when
tubing must connect the sensing port and the transducer. The tubing
dynamics problem may be reduced by the use of miniature transducers
mounted in the model, but this is an expensive alternative when detailed

"-,. spacial resolution is required and may also be prohibited by model size.
"The present &ttempt is to design an experiment utilizing the existing
pressure models with an external multiplexing valve and single
transducer. Calculation of desired quantities such as pressure
coefficient with a high degree of confidence and a minimum of correction
procedures is desired. These preliminary experimental results are
presented to illustrate some of the difficulties encountered.

Apparatus

A 152 mm (6 in) chord Wortmann FX63-137 airfoil model with a total
of 40 pressure taps placed along the upper and lower surfaces was used.
This is the same model used by Huber [2] in the steady flow experiments.
Each pressure tap was externally connected to a 4R channel Scanivalve

* solenoid valve through approximately 800 mm of 1.2 mm diameter tygon
tubing. The positive pressure side of the transducer was connected to a
pitot-tube placed 300 mm upstream and 200 mm above the airfoil
quarter-chord as the reference for freestream total pressure. The
output of the Scanivalve was connected to either a Setra 239 or Setra
"237 differential pressure transducer. The Setra 239 is a strain gauge

i diaphragm transducer with a range of 0 to 1.4 kPP. (O to 0.2 psi)
differential pressure and the Setra 237 is a capacitance type transducer

"with a range of 0 to 0.7 kPa (0 to 0.1 psi) differential. The two
instruments were selected to compare transducers with different dynamic
characteristics. A single hot-wire sensor coupled to a TSI 1050
anemometer bridge was placed near the pitot-tube to the monitor
freestream velocity: the freestream dynamic pressure.

Data acquisition was provided by a Digital Equipment POP 11f23 with
a 12-bit ADVI1-C analog to digital converter while stepping of the
"Scanivalve was through a 12-bit AAV11-C digital to analog converter. A
schematic of this test arrangement is shown in Figure 8. For periodic
freestream variations, 32 samples were taken in each period of the
oscillation. Eighty oscillation periods were phase-lock averaged into 8
periods for each pressure tap and then stored on hard disk. Ultimately,
32 instantaneous pressure distributions composed of B single samples
per tap are educted for one period of oscillation.

- The pressure coefficient is defined as

cp 1 - (P - P

where the differential pressure, Po -Ps, was inferred dirertly from the
transducer voltage output and the freestream dynamic pressure was

_ obtained from the anemometer, Frequency compensation for the periodic
tests was estimated using a lumped-capacity model by Hougen [3]. This
is necessary since the anemometer leads the pressure measurement.
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(•.•-,',Prandtl tube, however, this would require a more elaborate compensation
,• scheme based upon the tubing geometry. The natural frequency of the
m pressure system using the Setra 239 was estimated to be 28 H~z with a

damping ratio of one. This is a first approximation since the small
tubing acts as a harmonic resonator with many natural frequencies. The
Setra 239 system has an estimated natural frequency of 97 Hz and a
damping ratio of 0.2. The difference between the characteristics of the

Stwo transducers is that the transducer volume in the Setra 237 is much
smailer than in the Setra 239; hence1 less damping capability.

PRESSURE MEASUREMENTS

The purpose of these preliminary experiments is to identify any
unusual boundary layer phenomena that may occur in an oscillating and

*transient freestream. The applicability of present steady experimental
tecnu qesis also of interest. Validation of the results obtained from
untaypesr data is very difficult without other types of
easurements. At present, no attemi-t has been made to verify the above

system dynamics. The dynamic model is an idealized second-order
estmate and does not include the effect of tubing connectors or the

*geometry of the pressure taps themselves. In general, one may
expe•rimentally determine a transfer function for a dynamic system
subjected to a known forcing function, however, the inverse problem of

educing the unknown forcing function from transducer output voltage is

not straightforward.
The most disquieting observation in some preliminary data is the

Ancalculation of pressure coefficients significantly greater than unity
such that they can not be attributed to experimental uncertainty. This
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occurs when the transducer output voltage becomes negative, indicatinq
airfoil static pressure exceeding the freestream total pressure. The
problem is more severe in the transient cases where the freestream
acceleration is on the order of 10 m/s2 . One would be tempted to
explain this as an overshoot response of the Setra 237 transducer system
which is underdamped, however, the overdamped Setra 239 transducer

system exhibits a more severe overshoot in transient unsteadiness. This
.. problem is being investigated.i Preliminary results tend to indicate a quasi-steady behavior for

very low frequency sinusoidal variations in the freestream velocity
where the dynamics of the pressure system is less suspect. Quasi-steady

•.e. in this sense does not include phase parity. Figure 9 is a surface plot
showing the time history of the unsteady pressure distribution over the
Wortmann FX63-137 at 16 degrees angle of attack. The mean chord
Reynolds number is 80,000 the velocity amplitude ratio, A, is 19%, and
the Strouhal number, St, based on aerodynamic chord and mean freestream
velocity is 0.01 (f = 0.5 Hz). The minimum pressure coefficient
development is 180 degrees out of phase with the freestream velocity,
that is, maxima in the freestream variation occur at the Cp minima. As
expected, the laminar separation bubble indicated by the pressure
plateau near the leading edge of the airfoil lengthens with decreasing
freestream velocity and vice-versa. One interesting observation of
these results is that the flow remains attached even when the minimum
Reynolds number in the cycle is 65,000. Steady data from Huber [21•,•.\ shows that the flow is separated over the upper surface f=or a Reynolds
number of 70,000 and an angle of attack of 16 degrees. However, his

tests were performed by the polar method where the angle of attack was
changed in a fixed freestream velocity. The present test is essentially
a "characteristic" method, as defined by Schmitz [4], where the
freestream velocity varies while the angle of attack remains fixed. The
observed phenomenon is not the result of the imposed unsteadiness
however, but has been observed in steady flow. The aerodynamic response
of this airfoil to the imposed unsteadiness is not unexpected since the
time scale of the airfoil is much less than the time scale of the flow
as evidenced by the low Strouhal number. Data at higher frequencies is
less certain due to the pressure measurement system dynamics.

1A
Tests are underway to better understand and optimize the

measurement of pressure in these unsteady flows. The current data has
provided insight to the parameters to be addressed. Although methods to
compensate for transducer lag and overshoot may be found, confidence
levels in unsteady pressure data will be acceptable only when
independent verification of observed phenomena are completed. The use
of thermal or laser anemometry and flow visualization will aid in the
interpretation of unsteady pressure data.
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Sdesigned for the subsonic wind tunnel. The system and associated

support hardware allows periodic and transient waveforms for the study
of low Reynolds number airfoils. Periodic waveforms for frequencies

,.']••less than 5 Hz can be obtained with very low harmonic distortion. The
suppression of higher harmonics in sinusoidal velocnty variation by

.:,.,modification of the shutter driving function based upon a Fourier
kanalysis has been demonstrated. The use of the 6502 processor with 180

S~parts per cycle output was found to provide adequate control of the
.. •,shutter mechanism. Additionally, the 6502 coupled with the PDP 11/23

ii!data acquisition system allows the design of sophisticated conditional
based experiments necessary in unsteady work.

SThe design of experiments for use with the unsteady flow generator
lrequire special attention to the dynamic behavior of instruments

l tcommonly used in steady situations. Pressure data wist have to be
supplemented by other methods such as thermal anemometry and
"visualization before the nature of the pressure distributions can be

"pvalidated. The problems encountered here are not uncommon, but do
illustrate the diffAculties present when adapting steady experiments to
btunsteady conditions.

comonThe usefulness of pressure distribution data in provedong
aerodynamic parameters and boundary layer characteristics warrantsifurther refinement and analysis of the present system. Higher frequency
oscillations or faster transients may ultimately require surface
pressure transducers at the expense of spatial resolution. Future

experiments must address the problems of high frequency freestream
"oscillations. Detailed boundary layer studies should give further
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insight to the aerodynamic characteristics of low Reynolds number
airfoils.

NOMENCLATURE

A amplitude ratio, &u/U
c aerodynamic chord m
Cp pressure coefficient, 1 - 0/Q.
f circular frequency, driving frequency, Hz
P pressure, Pa
Q dynamic pressure, Pa
Re Reynolds number based on chord
St Strouhal number fc/U
t time, s
THD total harmonic distortion
Au fluctuating velocity, m/s
U mean freestream velocity, mis
x distance, m
a angle of attack, deg
a shutter displacement, rad
* spectral density function, m2/s 2

Subscripts

o total pressure
s static pressure

freestream quantity
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ON EFFECTS OF THREE-DIMENSIONAL ROUGHNESS ON

TRANSITION AND RECEPTIVITY TO DISTURBANCES

T. C. Corke and M. V. Morkovin

Fluid Dynamics Research Center
Mechanical and Aerospace Engineering Department

Illinois Institute of Technology
Chicago, IL 60616

ABSTRACT

Distributed roughness with a nominal height k in a laminar

* boundary layer with displacement thickness 6 is known to lead to

early non-Tollmien-Schlichring-Schubauer (TS) transition when k/6

exceeds unity in non-accelerated flows. But could the commonly

occurring milder roughness enhance the regular phase-conditioned TS

mechanisms and also lead to early transition? The new affirmative
answer rests on extensive hot-wire explorations and smoke-wire

visualization of flow over smooth and rough walls. The effects appear

to be three-fold. First, the low-inertia fluid in the valleys between

the roughness particles evidently respond more readily to free-stream

disturbances. Second, once the TS fluctuations commence, they grow at

a faster rate than those over a smooth wall, and exceed substantially

the theoretical rate, -ai, of normal TS modes. Here the randomness

* of the roughness, on the scale of 1/60th of the TS wavelength, does

not impede the tuned, self-excited TS formations. Thirdly, the faster

growing 2D wavefronts exhibit earlier secondary subharmonic instabili-

ties and breakdown and hence, turbulence. The faster growth is not

* due to destabilization of the mean profile by the roughness, but

rather it merely displaces outward the mean profile found over the

smooth wall and increases somewhat its thickness. The total evidence

points to the combined effect of spatial features of the rough wall

boundary layer which makes it more receptive to external free-stream

disturbances, especially pressure fluctuations. There is no reason
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why the characteristics of the distributed roughness should not have

important influence under flow conditions different from those in this

experiment, for example at supersonic speeds, or with relevance to low

Reynolds number airfoils, in favorable pressure gradients at TS

subcritical conditions, with higher relative roughness heights. The

demonstrated susceptibility to free-stream disturbances is likely to

also be involved in the TS-bypass transition to turbulence observed by

others.

INTRODUCTION

Two-dimensional (2D) isolated roughness of height k (e.g. a

trip wire) is known [I] to accelerate transition to turbulence by

bringing about locally separated profiles over a distance of 40k-50k.

These extra unstable profiles lead to overgrowth of the 2D Tollmien-Sch-

lichting-Schubauer (TS) waves, secondary three-dimensional (3D)

instability [2,3] and the efficient generation of turbulence. For a 3D

isolated roughness the separated region is short, on the order of 5k,

and definitely stable for Rek below 300. At higher Rek the obstacle

sheds high-frequency hairpin vortices [41 the connected loops of which

are lifted toward the edge of the boundary layer. In a Blasius

layer [51, as Rek values approach 550-600, depending on Xk, the

interaction between the stretching and the interlacing arms of the

hairpin eddies with the horseshoe vortex (which trails from the upstream

face of the obstacle) leads to intermittent turbulent bursts, at first

rather far upstream. Here xk is the downstream location of the

roughness element relative to the boundary layer origin, which corre-

lates with the displacement thickness, 6, of a normal growing Blasius

layer. The incubation distance from the offending roughness to the

point of transition to turbulence, Xtr is initially very long, often x

to 4x k. As Rek increases further, xtr moves rapidly toward x k; for an

increment of only 10 in Rek, the forward movement of x may cover more
kv tr

than half the distance to xk; see Tani [51. Spanwise rows of isolated

3D roughness brings about transition by this non-TS mechanism less

effectively than the TS-based action of 2D trip wires with same k

(except for Mach numbers in excess of about 2, where effectiveness is

reversed). In both cases, the presence of locally separated regions
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"makes the onset of transition sensitive to free-stream distvrbances,

especially to pressure fluctuations (4).

Similar free-stream sensitive, long induction distances for

distributed 3D roughness make judgment of cause and effect (as well as

schemes of parameter correlations) very difficult. Up to the recent

experiments of Corke, Bar Sever and Morkovin (CBSM) [61, the road to

transition associated with distributed roughness was also thougnt to

bypass the known (linearized) instability process like TS waves, e.g.

Leventhal and Reshotko (LR) [7] and Smith and Clutter 18]. Indeed when

k exceeds 6 at lower Reynolds numbers, low frequency broad-band

fluctuations grow steadily in the BL. These fluctuation cannot be

distinguished from low Re turbulence.

In this paper we will call on some of the rosults of CHSM to bring

out the key features of transition over mild distributed roughness. In

addition evidence will be presented which strongly points to an

increased receptivity to stochastic free-stream disturbances of these

roughened boL--lary layer flows.

RESULTS

The experiments were conducted on the back wall of the lIT

Two-Dimensional Flow Wind Tunnel. The test section and laboratory

coordinate system are shown in the schematic in Figure 1. The false

floor and ceiling in the test section were part of a special treatment

to inhibit the growth of any disturbing corner flows. By that

arrangement, a slightly higher pressure in the measurement section,

set-up by a perforated grid at its downstream end, drew off fluid

through small gaps in the corners. The use of the back wall removed

any influence of freestream disturbances interacting with the thin

boundary layer at a plate leading edge.

Smoke-wire flow visualization provided global information on the4

possibility of spanwise-preferred upstream breakdown locations and

configurations and on the existence of TS wave fronts. It was used

"extensively for early diagnostics. As shown in Figure 1, the smoke

wire was placed parallel to the measurement wall. The height of the4

wire away from the wall was adjusted to be close to the critical

layer, where we might best mark the TS waves. The sheet of smoke
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streaklines was illuminated by a two-dimensional plane of light

parallel to the wall and viewed normal to the wall. It should be

remarked that the wake of the thin (0.1mm diameter) smoke wire in a

boundary layer modifies the profile for about 86-106. Thus the

smoke registers somewhat increased disturbances compared to those in

the absence of the wire. However, measurements by CBSM document no

difference in the amplification rates of the TS frequencies due to the

presence of the smoke wire.

To shed new light on the delicate question of the degree of

contamination of the distributed-roughness effect by the quasi-two-di-

mensional leading edge of the abrasive paper, two configurations of

the 1.04 mm particle roughness were run: protruding and recessed. In

the recessed (RI) configuration the upstream smooth flat wall was

lined up with the peaks of the highest roughnesses; in the protruding

(R2) configuration the wall was lined up with the substrate of the

same roughness sheet. The reference measurements were made on the

smooth (SW) configuration of the aligned smooth wall.

All configurations were run at two tunnel speeds U0 - 4.Bm/s,

designated by L for low, and U = 6.2 m/s, designated by H for high.
0

As can be seen from the comparative Table I the roughness commenced

•V' always past the critical Reynolds number of about 500, a distinct

difference from the LR experiments. This choice was prompted by our

requirement that there be a self-similar profile at the start so that

more meaningful comparisons could ensue.

"Using the same commercial sandpapers as LR, the leading edge of the

recessed (R1) and the protruding (R2) graining matrix of the paper was

placed at initial values of (k/6) of about 0.5, at post-TS-critical

Re6 * values from 700 to 875. Hot-wire and smoke-wire explorations of
the boundary layers in roughness conditions 1 and 2 were compared with

those over a smooth wall (3) under otherwise identical conditions.

Figure 2 discloses first the primary TS wave formations typically

observed in the rough cases, shown for the rough wall condition (RI) in

the bottom of the figure, and at the comparable Reynolds number in the

smooth wall at the top of the figure. For the rough cases, these waves

are followed by early triangular breakdown patterns corresponding to

secondary subhart.unic instabilities [9] and by turbulent regions almost

296

0l



immediately downstream. These appear in the bottom portion of the lower

photograph in Figure 2 and in the enlarged view at a different instant

in time over the rough wall in Figure 3.

When compared to the smooth wall layers for the same Re 6 * values,

the fluctuations in the boundary layers over the rough walls (a) were

substantially higher, (b) grew at a faster rate than those over the

smooth wall and (c) exhibited early subharmonic breakdowns. Evidently

the randomness of the roughness on the scale of the nominal grains k

1.04 mm (see reflecting specks in the background of Figure 3) does not

impede the tuned, self excited TS formations on the order of 60 mm.

Figure 4 displays on a linear scale the spectral development in x

at the maxima of u' (at which y - 6 ) for a free stream of 4.8 m/s

over the recessed sandpaper which commenced at x = 48 cm. The vertical

distributions of the streamwise velocity fluctuations corresponding to

these and other intermediate measurement stations are shown in Figure 5.

The spectra represents sampling and averaging over 3 minutes, i.e. over

more than 6150 net TS wavelengths and were essentially repeatable on a

given day. The frequencies at branches BI and BII of the neutral curve

which encloses the region of 2D TS amplification are indicated in Figure

4 for stations at 119 and 174 cm. The dashed lines represent spectra at

the edge of the BL; at x = 119 this spectrum represents well the free -

stream disturbances with u'/U of approximately 0.08%. The 30 Hz peak

clearly corresponds to the most amplified 2D TS wave which past x = 144

passes energy to the subharmonic. The growth of the peak at 26 Hz

(especially within the approximately 1.5 wavelengths between the 136

and 146 stations) exceeds substantially the theoretical rate of normal

TS modes. Nonlinearity and secondary instabilities were undoubtedly

present over part of the samples beyond x = 144; intermittent turbulence

is indicated for x = 174 by the broad rises below 15 Hz and above 30 Hz.

Those growths manifested in Figure 4 which are not clearly

several fixed frequencies in the form of log (u'(f)/u'(f)) where u'(f)

are the spectral fluctuation levels at x = 119 where Re * is 980.

Another data set for the recessed configuration marked RIL in Figure 6

was obtained several weeks earlier over the same Re * range from 980 to

1050. The data set marked R2L was obtained several months later over
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the protruding roughness matrix for Re * from 850 to 990. The
non-dimensionalized frequencies associated with the instability growth

for these different wall conditions is presented along with the neutral

stability curve for a Blasius layer in Figure 7.

The straight broad line in Figure 6 relates the roughness-condition

rates to smooth conditions; it represents growth at a constant spatial
,

amplification rate -ai6 of 0.006 which corresponds to '-he maximum

amplification attainable by a passively growing normal mode in a Blasius

layer at Re * of 1000. The overall u'/u' growths for the smooth wall

between Re * of 970 and 1110 remained below this broad line,6
approaching or exceeding the slope slightly at the higher Re value;

furthermore, the initial u'(f) values over TS frequency range were
o

approximately six times smaller in the smooth-wall runs.

DISCUSSION

Unquestionably, the fluctuations in the roughened BL for the same

Re 6 * are substantially higher and grow at rates significantly larger

than those over the smooth wall in presence of the same free-stream

disturbances - and significantly larger than amplification rates of TS

normal modes not subjected to additional disturbances. Neither of

these two observations can be due to destabilization of the mean

profile by the roughness; both *LR and CBSM found that irregular

roughness typical of abrasive papers in essence merely displaces the

mean velocity profile found over the smooth wall outward and increases

somewhat its thickness. The frequencies at which amplification occurs

is within the range expected from Blasius boundary layers at

these Reynolds numbers. The maximal Rek values in the experiment,

those at the leading edge of the matrix, ranged from 101 to 143, far

below the critical values for isolated roughness at which unsteady

motions may commence in its wake. The total evidence points to the

combined effect of special features of the rough BL and free-stream

disturbances, already noted for isolated 2D and 3D roughnesses in the

Introduction.
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Two special features of boundary layers over rough surfaces are:

A. irregular streamwise vorticity structures trailing from the

higher roughness peaks, structures which may interact (even

amalgamate) when disturbed externally; and

B. locally separated regions downstream of the peaks and

generally lower-inertia fluid in the irregular valleys between

peaks, which is susceptible to external disturbances,

especially pressure fluctuations.

In view of these features, a higher receptivity to free-stream

disturbances could be expected than over smooth wall, without local

separations.

The literature on receptivity has been mostly silent concerning

the expected early growth rates of stimulated TS wave relative to the

theoretical rates -a of the TS normal modes past the dominant region

of excitation and seeding. When Kendall [101 reported that the rate of

the more orderly case of receptiiity to unsteady pressure gradients,

Nishioka and Morkovin [ill] measured very high rates of growth of u'max
in the seeding region exceeding ai by factors in excess of 10.

Furthermore, the capability of harmonically heated wall strips of

Liepmann et. al. [121 to counteract an exietent growing TS wave depends

intrinsically on the receptivity of the BL to these artificial
o

disturbances which must generate 180 out of phase TS wave at rates in

excess of -a

As a solution of the linearized Navier-Stokes equations the fluc-

tuations in the BL must consist of superposed fields u' - ui + u' + u'S
where ua is the external forcing field after it penetrates the BL (the

non-homogeneous particular solution), u' the sum of the decaying
d dcontinuous and discrete normal modes 113] and u" the seeded, growing

;S
normal TS mode. The fields u' and u' represent the homogeneous

d TS
solutions which are needed so that the whole field u' satisfies all the

boundary conditions. The growth in x of u' in its early formation

depends on the non-homogeneous forcing u'(x) and there is no reason
Lf

why it could not exceed -a in the region of seeding. The rate -a of
i i29
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the homogeneous solution is appropriate only when forcing has ceased.

Schubauer and Skramstad [141 and others investigating TS amplification

rates seeded their uT by a vibrating ribbon so that the signal

dominated the other disturbances. In the region of their measurements

contributions from any additional seeding due to free-stream

disturbances were dwarfed by the initially large, passively amplified
normal mode. The measured growths then corresponded to -a i However,
in "natural" spectra such as those of Figure 4, without special regular

excitation, the contributions from the free-stream disturbances can

cause growth in excess of -a,. Incidentally, the preceding formulation

show that receptivity is more a mechanism than a simple transfer

function or even a simple output-input ratio occasionally mentioned in

the literature. An acoustic forcing function uf can seed u waves
f TS

which interfere negatively over part of the region of active

0 receptivity. Evidently the net forcing effect of external disturbances

in Figure 6 is reinforcing over the whole region.

There is no reason why the characteristics (A) and (B) of the

distributed roughness should not have important influence under flow

conditions different from those in the CBSM experiments, e.g., at

supersonic speed, at TS subcritical conditions, with higher relative

roughness, etc. Even very small roughness on walls with concave

curvature should intensify substantially the Gortler centrifugal

instability. The experiments of Wilkinson and Malik [15] demonstrate

conclusively that small 3D roughness provides perturbation of streamwise

vorticity on w.hch cross-flow and Gortler feed. For the important case

of higher (k/6) values. The higher susceptibility of the roughened

boundary layer to free-stream disturbances, documented in Figures 2-6,

should not only be present but should be strengthened. As a result of

the higher levels of perturbation within the boundary layer, local

and/or instantaneous formations of vorticity distributions are likely to

develop which should be very unstable to the various vorticity-stretch-

ing and rotating mechanisms inherent in the nonlinear inertial 3D terms

w .grad(V) in the vorticity equation, viscous or inviscid, These

dynamic 3D vorticity interactions should lead to turbulence more

directly, thus bypassing the known primary linear instabilities of

orderly boundary layers such as the TS modes. In this sense, the
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demonstrated susceptibility to free-stream disturbances is likely to be

involved in the bypass transition of Leventhal and Reshotko [7], Smith

and Clutter [8 and others, discussed earlier. The new view of the

nature of distributed-roughness effects described here seems therefore

relevant across the speed and roughness ranges.

CONCLUDING REMARK

The above interpretations underscore the difference between the

simple concepts associated with the development of TS waves downstream

of a vibrating ribbon and the concepts needed to understand "natural"

transition (artificially unstimulated). In particular when we have

excitation due to stochastic free-stream disturbances, we must account

for the possibility that besides the TS self-amplification there is a

* continuous influx of energy spread over the the flow region and not

localized as in the case of a vibrating ribbon. The efficiency of the

boundary layer filter-amplifier to make use of this continuous influx

in its development, which was exhibited in the presence of the
,

distributed roughness when k/6 was moderate, demonstrates this
effect.
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Figure 7. Distribution of Amplified Frequencies Over Rough Walls on
Blasius Neutral Stability Curve.

TABLE I

_ Comparison cc Flow Parameters

E-p. Rough. Re6 • RekO k/6 0  (Res*)TS (Re6*)TURB
No. 0

Current 1 859 131 0.51 1025-1170+ 1240-1380+

Current 2 875 143 0.50 961-103e" I060-ii00
Current 1 725 101 0.48 915-990+ -

Current 2 704 101 0.44 760-820+

L & R - 285 314 1.48 - Below4 90
L & R - 480 192 0.88 - Below 600

+ Observed rangea. -
Asauming U - 6m/s, v - 1.48 x UO-5m/s.
B* lased on undisturbed laminar flow.
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THE EFFECT OF TRIP WIRE ROUGHNESS ON THE PERFORMANCE
OF THE WORTMANN FX 63-137 AIRFOIL AT LOW REYNOLDS NUMBERS
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and
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ABSTRACT

An experimental investigation was conducted on the performance
and boundary layer characteristics of the Wortmann FX 63-137 airfoil
with and without trip wire roughness. Data were obtained through use
of a three-component strain gage force balance and static pressure

7: measurement equipment at a test Reynolds number of Rc a 100,000.

Emphasis was placed on determining the effect of trip wire placement
and size on such performance parameters as (Cl/Cd)max and

o.... (Cl/3/cd)max. Prediction of transition location by the criterion due

"to Tani and Gibbings was found to have limited application. In most
cases airfoil performance was degraded, but in some instances minimum
drag was reduced and maximum lift to drag ratio increased.

INTRODUCTION

When the chord Reynolds number (Rc) drops below 500,000,
significant problems develop pertaining to the management of airfoil
boundary layers. Lissaman states that as a general criterion there
exists a critical Reynolds number of about 70,000 below which airfoil
performance is quite poor and above which dramatic improvements are

observed [1]. However, airfoll performance between this critical
value and a Reynolds number of 500,000 still presents problems that
can be directly traced to the existence of such phenomena as

boundary layer separation and transition. Also, there exists the
special, but not uncommon, case that separation is followed by
reattachment of the flow forming what is known as a "separation
bubble". The presence of such a flow structure and its behavior can

have great influence on airfoil performance.

Unfortunately, a basic understanding has yet to be developed for

low Reynolds number boundary layer behavior under the influence of
airfoil-type pressure gradients. For this reason, design of airfoils
for low Reynolds number applications remains somewhat of an imperfect
science. Naturally, practical aircraft design efforts require
information that is indicative of what performance levels can be
expected of a particular airfoil or wing. Such information is needed

not only for smooth sections in benign environments, but also for
airfoils operated under conditions of wind shear, flow unsteadiness,
and accumulated roughness. Unfortunately, credible data of use to the

design engineer remains sorely lacking. The extreme sensitivity of

the low Reynolds number flow regime to small disturbances results in
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problems of an experimental nature which are not easily circumvented.
However, if proper care is taken to eliminate or at least account for
such phenomena, then meaningful results can be obtained [2].

It has been well known for some time that airfoil performance in
the low Reynolds number regime can be greatly enhanced by the etddition
of devices which encourage transition. This process serves to
energize the boundary layer and so prevent flow separation. Such
devices include boundary layer trips (wires, tape strips, grit, etc.).
surface suction or blowing, and vortex generators. However, the
application of trips in particular may not always lead to performance
improvement and instead can result in severe losses. The possibly
detrimental effects of such surface disturbances take on added
importance when one realizes that under normal operating conditions,
wing sections will be contaminated with insect debris, dirt, and
precipitation. Therefore, it is important that the effect of such
disturbances be well documented so that realistic estimates of
aircraft performance can be made in the design phase. It is the
purpose of this study to investigate the performance of one airfoil
operated at a low Reynolds number and under the influence of applied
trip wire roughness. This work is part of a more extensive
investigation dealing with the effects of a variety of surface
roughness forms on airfoil performance and the interested reader is
directed to Reference [3] for more information of the kind presented
here.

ROUGHNESS CONSIDERATIONS

Investigations into roughness induced transition have in general
attempted to form correlations involving the following parameters:
eteroughness height (k), roughness width (w), local freestream velocity
external to the boundary layer (Ue), velocity at a height k but in the
absence of roughness NuO) velocity gradient (dU/dx), roughness
position (xk), location of transition (xt), roughness spacing, and
boundary layer parameters such as the displacement thickness, Al.
Distinctions are often made about the type of roughness used (two or
three-dimensional, geometry, etc.), the character of the movement of
the location of transition, and the "efficiency" of a certain
roughness type relative to others.

Of interest is whether such correlations can be used to fix the
location of transition on an airfoil surface. Unfortunately, most
studies in the roughness field have dealt almost exclusively with flat
plates over which only the most mild, if any, pressure gradients have
been applied. Hence, the applicability nf such criteria for use with
airfoils is questionable. Nevertheless, no other alternatives are
available and so the exisiting criteria must be used.

A trip wire extended across a surface at a constant reference
position is a two-dimensional type of surface roughness. For
two-dimensional roughness heights below some critical value no effect
on the natural transition location is noted. However, as the height
is increased above the critical value for a given flow condition,
transition will gradually move forward until it occurs at the
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roughness element itself. Therefore, if the appropriate height is
known, transition can be fixed at a particular position.

From their studies using flat plates, Tani and Sato [41 gave the
following criterion for the Reynolds number required to cause
transition at a trip wire roughness of height (i.e. diameter) k,

U k
R e= 840. 1)

Gibbings [5] further provided the more accurate value of 826 for this
criterion and further work by these researchers [6) extended this
relation to include the effects of a favorable pressure gradient,

Rkcr 826 exp(-0.9 A1). (2)

Here, Al is a non-dimensional pressure gradient term given as
2

S1 dUA 1 = - F ; ( 3 )

This expression has application for 0 < Al < 0.3. Smith, Clutter and
Darwin [7] provided a criterion similar to equation (1) for transition
at a "spanwise wire", but gave it in terms of the roughness height
velocity, uk.

Ukk
k,cr 300. (4)

Other investigators have compiled similar criteria with the
critical roughness Reynolds number varying between 200 and 400. For
this study, the Tani-Gibbings criterion (equation (1)) was used since
it only requires knowledge of the local freestream velocity. Thus, no
determination of boundary layer velocity profiles is necessary in
order to find uk.

APPARATUS AND PROCEDURE

All experiments were conducted in the Notre Dame Aerodynamics
Laboratory South Low Speed Wind Tunnel. (See Figure 1).

12 At - trbuienre LIflSns0.63 , / ViJ H.P. Aý C. inotur ,,,fjt
-- 1.40 ---,;Niuch t.s; i d8 ;rf

ArrangrCir sectindicated lenth Iin m2.17te

0.301

,- I I o -

[:on( !Phi, fihrti t f;:li~ t,,'re

Figure 1. A Notre Dame Subsonic Indraft Wind Tunnel
Arrangement (indicated lengths in meters)
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This tunnel is of the in-draft, non-return type and has an operating

range of between 7 and 35 m/s. The tunnel possesses a 24:1
contraction ratio and a square test section 0.61 m on a side and 1.83
m in length. An 11 kW AC induction motor is the prime mover
exhausting to the atmosphere. Side plates mounted inside the test
section permit airfoil measurements that approximate the
two-dimensional assumption. This tunnel produces base flows whoseturbulence intensities remain below 0.1% for frequencies greater than

10 Hz across its entire operating range. For more information on this
facility, please consult References [8] and [9].

The airfoil section used for these experiments is the Wortmann FX
63-137 which has a design chord Reynolds number of 500,000. This
airfoil is pictured in Figure 2. Two models were utilized each
possessing a 15.24 cm chord, cast from a single mold, and made of
epoxy which was wet sanded with No. 400 grit paper to ensure a smooth
finish. The only difference between the two models is that one is
fitted with forty static pressure orifices which are connezted by way
of tygon tubing to pressure sensitive equipment. This -del permits
the measurement of pressure distributions about the airfoil while the

* other is used for force balance and flow visualization experiments.

A Figure 2. The Wortmann FX 63-137 Airfoil Section

The Notre Dame force balance is a three-component (lift, drag,
moment) strain gage device capable of low magnitude load measurements
with a high degree of accuracy and repeatability. This instrument is
interfaced with an Apple microcomputer data acquisition system which,

* considering its voltage input resolution allows the measurement of
drag forces as small as 0.0044 N.

Pressure distributions are measured through use of dual
Scanivalve arrangement in which Setra System 339H electronic
manometers are used to sense the static pressure at each airfoil tap.

* The tunnel freestream total and dynamic pressures are measured using a
pitot-tube and a third electronic manometer. Data acquisition and
"reduction for these measurements is accomplished through use of a DEC
"PDP-11/23 minicomputer with 12-hit D/A and A/D conversion
"capabilities. The Scanivalves are switched by the computer from one
orifice to the next using Scanivalve CTRL 1OP/S2-S6 Solenoid
Controllers.

"The trip wires used in this study were K&S brand stainless steel
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wires of uniform diameter. Listed sizes were checked using a digital
caliper and in all cases were found to be accurate. A roughness
arrangement consisted of both a trip wire and a layer of Scotch brand
double-stick tape which was used to secure the wire to the airfoils'
surface. This brand of tape possesses a thickness of 0.076 mm and a
width of 6.35 mm. Also, being transparent, the tape can be punctured
to permit pressure measurements at those taps which it covers. The
roughness height to chord ratios (k/c) of the wire-tape combinations
presented herein are 0.583% and 0.300% which correspond to wire
diameters of 0.81 and 0.38 mm respectively. Naturally, given the
added height of the tape strips, the height to width ratios (hOw) are
greater than one.

The procedure for applying the trip wires to the airfoil surface
was as follows. Airfoil chord positions were marked across the full
span of a model using a "photo-blue" pencil. These lines were
accurately placed by reference to airfoil templates consisting of the
sectional contour and chord position lines drawn by a
computer-directed plotter. A oouble-stlck tape strip was then placed
along the airfoil surface at a particular chord-wise location and a
trip wire "rolled" along the surface up to the leading edge of the
tape. After a test, any applied roughness was removed and the airfoil
surface checked to see if any adhesive still remained on the surface.
Occasionally, the surface was wiped with a towel soaked with alcohol
to ensure a smooth, clean finish.

While force balance data is to be presented for the effect of
trip wires placed at a variety of airfoil surface locations, two
positions are the focus of attention with regard to pressure
distribution measurements. Results are shown for roughness located at
the respective suction peak and laminar separation points for two
different angles of attack. The two trip wire heights used represent
values both larger and smaller than the heights calculated (by
equation (1)) as necessary to bring transition to the roughness site.

RESULTS

The experimental data collected as part of this investigation is
Spresented in the following manner. First, the smooth airfoil's

performance is documented with reference to force balance plots which
show lift, drag, and moment coefficient variation with angle of
attack. Then, the effects of roughness are summarized with respect to
the variation of performance parameters with roughness location and
height. Additionally, pressure plots are presented which demonstrate

* the effects of trip wire placement and size on such boundary-layer
"phenomena as separation and transition.

Figure 3 provides performance curves of the smooth Wortmann
airfoil at a Rc of 100,000. The most dominant feature in these curves
is the hysteresis loop which is of the "clockwise" or "high Clmax"
type and which extends across three degrees. The maximum lift
coefficient (C1 = 1.54) occurs at • 16° and is followed by a gentle
decrease in lift until an anglr. of attack of 190 at which the lift
coefficient abruptly decreases to 0.96. This large drop in lift
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Figure 3. Performance Curves for the Smooth Wortmann FX 63-137
Airfoil at Rc = 100,000 (force balance measurements)

is due to the bursting of a leading edge separation bubble which
initially forms towards the rear of the airfoil at low angles of
attack and moves forward with increasing incidence. Coincident with

this forward movement of the bubble is its gradual decrease in length.
However, the stall of this airfoil should not be characterized as one
of the "leading-edge" variety since the gentle decrease in Cl past

Clmax indicates that turbulent separation is contributing to the drop

in lift. Airfoils which possess a gentle degradation in lift are said

to exhibit "tailing-edge" stall. Following the nomenclature used by

Chappell [10], the stalling character of the Wortmann airfoil is known

as a "combined" stall due to the occurrence of both turbulent

separation and bursting of the leading edge bubble.
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The abrupt drop in lift at a 190 is accompanied by a large
increment in drag and an increase in the magnitude of the
quarter-chord moment coefficient. However, when the angle of attack
is decreased again through 19i the lift, drag, and moment do not
"return to their original values until a = 15" at which time the lift
suddenly increases while the drag and moment decrease in magnitude.

V... This occurrence completes the hysteresis loop and is due to the
"reattachment of the upper surface flow as the leading edge bubble
reforms.

For angles of attack between -5° and 13°, the lift variation is
seen to be non-linear with slight "kinks" at 0 and 5 degrees. TheseAI "kinks" are more pronounced at Rc = 80,000 and the airfoil's
performance degrades to that of a flat plate at Rc = 70,000 [3]. For
higher Rc's (i.e. > 150,000), these kinks disappear and the airfoils'
performance approaches that of the design condition. At a Rc of
100,000, the minimum drag coefficient is found in the region of
maximum CIx and is 0.038 at a = -2°. The quarter-chord moment

V%: coefficient reaches its magnitude at a = 00 where its value os -0.170.

While not apparent in the drag plot, the moment curve also
demonstrates a "kink" at a = 5. For angles of attack lower than a =
-50, the lower surface flow is fully separated.

From the drag polar one could infer that (Cl/Cd) and (C13 / 2ICd)
attain relatively large values as compared to most airfoils operated
in the low Rc regime. This inference is entirely correct a* the
maximum lift to drag ratio peaks at 16.63 for - 9° and (C1312/Cd)
reaches a value of 18.85 at 10° angle of attack.

In contrast to the smooth airfoil's performance curves of Figure
3 are the drag polar and moment curves of Figures 4, 5, and 6. These
curves present data for the airfoils' performance with the smaller
(k/c = 0.30%) trip wire applied at the leading edge, 3.0% and 30.0%
chordwise locations respectively. As is evident from these figures,
trip wire placement can have significant and varied effect on the
airfoil's behavior.

The most prominent feature of Figure 4 is the lack of a
* hysteresis loop at high angles of attack. Instead, the stall

character is gentle with a large drop in lift occuring only for the
highest angle of attack tested (25°). Roughness located at the
leading edge prevents separation bubble formation on the upper surface
by causing transition of the flow almost immediately. While this
alteration of the upper surface flow has little effect at angles of

* attack less than 140, it results in the prevention of abrupt stall.
Abrupt stall is averted since no separation bubble exists which can
burst and so cause leading edge stall. Accordingly, turbulent
separation continues to move forward as the incidence is increased
"providing a gentle stall up to very large angles of attack. It is
only when the point of turbulent separation moves sufficiently close
to the leading edge and/or the adverse pressure gradient becomes
exceedingly severe that leading edge separation finally occurs. This
explanation also accounts for why the moment coefficient fails to
increase in magnitude at high incidence. Since less lift is produced
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on the forward part of the airfoil due to the lack of a separation
bubble, the center of pressure remains aft and the moment coefficient
is large and negative. For this condition, Cimax is slightly lowered

C Wortmann
1.5 1 X3-137 0. 3 Cn,/

Corr.ctegd data

.2k/c -0.300 X 0. 2

xc 0. 00 (LE)

0.. 1

Alpho, doqrQ~q

EL 
d

-0. a 0.4 C3.5

Figue 4. Performance Curves for the Wortmann Airfoil With

aTrip Wire at the Leading Edge and k/c = 0.300%.

Vwith most other performance parameters (Cdmin, (Cl/Cd)max, etc.)

improving slightly or remaining nearly the same. The larger trip wire

reduces Clmax further and increases Cdmin. In spite of this trend it

would seen that definite benefits can be obtained with the use of

leading edge roughness of the right size. Hysteresis can be

eliminated, a gentle stall substituted, and little sacrifice made with

regard to other performance parameters.

The case of a trip wire located at x/c = 3.0% and with k/c=

0.30% is shown in Figure 5. Here, the hysteresis loop reforms, but is

IX bx 3 137 '. 3 1

1.2 Rr~ 99. 02B /

A AI,,qn

~0 0
-0. 4

Figure 5. Performance Curves for the Wortinann Airfoil with a Trip
Wire at x/c =3.0% (upper) and k/c =0.300%.
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Sonly one degree wide Out a = 18. Maximum lift is reduced by over
11% to 1.36 and (Cl /Cd)max suffers a 14% reduction to 16.12.
However, maximum lift to drag ratio actually shows an increase over
the smooth airfoil value reaching 17.12 ( a 3% increase) at a = 5.
This increase is due to both a reduction in the drag and an increase
in the lift as compared to the smooth airfoil's values at this
incidence angle. Note the almost linear decrease in the magnitude of
the moment for positive angles of attack prior to stall.

Performance curves for trip wire roughness located at the point
of maximum airfoil thickness, x/c = 30%, are presented in Figure 6.
Except for the more nearly linear lift curve slope, the curves are
somewhat comparable to those recorded for the smooth airfoil. The
hysteresis loop is once again three degrees wide with stall and
reattachment occurring at 19' and 15° respectively. The maximum lift
and endurance factors are only slightly lower than the smooth airfoil
values; however, minimum drag and (Cl/Cd)max both show improvement.
The increase in the latter parameter is the result of reduced drag and

*'-.' increased lift at o = 5° as compared to the smooth airfoil's
performance. Of interest is the steady increase in lift with
incidence across all negative angles of attack. This contrasts with

0 all other conditions in which the lift slightly increases then
decreases prior to the rapid rise in lift coincident with reattachment
of the lower surface flow.

wnrtmonr"

Rr - q0. 4Ro

k/ -,o' . -4n G). P( (

U. F1

A Ipho. di oo

1F.i 'IUi.

U).

• •{I* 4 fl. 0J

',; -0. . ,

"Figure 6. Performance Curves for the Wortmann Airfoil with a Trip
Wire at x/c = 30.0% (upper) and k/c = 0.300%

. Figure 7 represents a summary of force balance data showing
variations in certain performance parameters with trip wire height and
placement. Beginning with Cdmin, it is apparent that this parameter
is increased for virtually all trip wire heights located on the lower
forward surface or leading edge. Large heights have the more

* undesirable effect and roughness at x/c = 1.0% produces higher values
than do trip wires further aft. Roughness on the upper surface is
more complex in that various results can be obtained depending on
height and location. Trip wires at x/c = 1.0% cause higher minimum
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drag values, yet as one moves aft the effect can revert to a
beneficial one with larger heights actually reducing minimum drag.
(One would expect, however, that some critical size exists where a
further increase in k/c would reverse this favorable outcome.)
Finally, when roughness is placed at the location of maximum airfoil
thickness, Cdmin can still be reduced, but the smaller height will be
the more beneficial.

WORTMANN FX63-137 TINIP WIRE WORTMANN FXfi3 I•i TRIP WIRE

R0 C 1 100.000 1 c=6") Ric =00,000 (c -r"0050-- , , ,. .
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17 Q 5

* -2 7 5'89
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6) effect of a trip aire on C In c0 effect of a trip wire on (ClI/Cd)nra.
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18 13 5
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k/c 0583/% 17 7 5
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Figure 7. Performance Parameter Variation with Roughness
Location and Height (angles of occurrence indicated
in degrees).

As seen in Figure 7b, trip wire location and height have
significant effect on maximum lift for the forward region of the upper
surface. Lower surface roughness and upper surface roughness at x/c =
30.0% have minor effect on this parameter. When situated on the
leading edge, a trip wire may have a small or large effect with severe
reductions occurring in Clmax as k/c is increased. Roughness located
at x/c = 1.0% reduces Clmax the most, the effect worsening with
increasing trip wire height. As roughness is moved aft, losses in
maximum lift apparently become less and less severe.

Figure 7c indicates that trip wires of varying height have little
effect on (Cl/Cd)max when placed on the forward lower surface or on
the leading edge. However, a trip wire located on the upper surface
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between 1.0 and 5.0% of chord can significantly increase or decrease
this parameter depending of course on its height. A critical value
for k/c (depending on position) appears to exist for which smaller
values can increase (Cl/Cd)max and for which larger values decrease
it. Naturally, one would suspsect that another critical height existsS~in the lower height range at which this parameter reaches a maximal

attainable level. This trend also seems to hold true for trip wires
located at x/c = 30% where the greatest values in (C1/Cd)max were
observed.

The effect on the maximum endurance factor, (Cl 3 / 2 /Cd)max, of a
trip wire located on the lower surface or on the leading edge is
minimal with measured values very similar to those obtained for the
smooth airfoil (See Figure 7d). In contrast, trip wires on the upper
surface consistently lower this parameter with the decrease most
significant for a large trip wire located at x/c = 3.0%.
Additionally, the angle of occurrence for this parameter can shift
downward by as much as five degrees whene the trip wire location
corresponds to the forward position of the airfoil's upper surface.

A final set of data is presented in Figures 8 and 9 which are
pressure distributions of the smooth and roughened airfoil at 80 and
160 angles of attack respectively. The points of laminar separation,
transition, reattachment, and turbulent separation are marked on the
smooth airfoil plots by the symbols S, T, R, and S' respectively.
Along with the smooth airfoil's distributions are plots which
demonstrate the effect of trip wire placement at the suction peak and
laminar separation points for each angle of attack condition. For the
8° case, the suction peak occurs at x/c = 3.0% while laminar

paration occurs at approximately x/c = 37.5%. Thus, trip wire
icement for tne latter condition is actually ahead of the true
.aratlon point and instead corresponds to the point of maximum

foil thickness. At a = 16" the suction peak moves to x/c = 1.0%
while separation is found at the 5.0% chord location.

is shown in Figure 8, the smooth airfoil demonstrates the
presunce of a laminar separation bubble from about x/c = 37.5% to x/c

=-n.0%. Transition occurs in the laminar free shear layer at
approximately x/c = 60.0% forming a turbulent free shear layer which
eventually reattaches just forward of the x/c = 70.0% location. The
effect of trip wire placement at the x/c = 3.0% position is to create
a short separation region behind the roughness element which leads to
rapid transition and a large pressure recovery. No laminar separation
bubble forms downstream since the flow is turbulent and entrains
sufficient flow energy to remain attached. The pressure plateau
region just behind the trip wire represents accelerated flow that is
more unstable, but not sufficiently so that transition occurs at the
element itself.

Trip wires placed closer to the laminar separation point for the
8° incidence case demonstrate that increased k/c leads to more rapid

transition and a higher pressure plateau immediately behind theroughness element. Tests involving other roughness types and a
greater range of heights have substantiated this trend [3]. However,
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one should again note that neither trip wire positioned at x/c - 30%
forces transition at the element site.
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"and the Airfoil with Trip Wire Roughness at
x/c = 3.0% and 30.0% (,L ,8*).

Figure 9 provides pressure distributions of the a = 16' condition
and as one can observe in the smooth airfoil plot, a classic
leading-edge bubble is present from about x-c = 5.0' to xlc = 20.0%.
Turbulent separation is also apparent at the 75.0% chordwise location.
Moving from right to left in this figure, it is observed than an
increase in trip wire height significantly decreases the suction peak
value when the trip wire is located at the point of laminar separation
(x/c = 5.0%). Both wire heights produce an earlier transition
although the turbulent separation paint seems unaffected. As in the

8* case, neither trip wire brings transition to the roughnessF location.
When the trip wires are moved to the smooth airfoil's suction

peak location, the effects on the pressure distribution become much
more pronounced. With a trip wire at xlc = 1.0% and k/c = 0.300%, the
resulting pressure plateau region is near the suction peak level, but
is very short in length. Transition occurs relatively soon and leads
to a sharp pressure recovery. Turbulent separation also moves forward
and occurs at mid-chord. For k/c = 0.583% at the x/c = 1.0% location,

DIMS the upper surface flow separates leading to a stalled condition. The
lift is significantly reduced and the airfoil's pitch-down tendency
greatly increased.
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Figure 9. Pressure Distributions of the Smooth Wortmann
Airfoil and the Airfoil with Trip Wire
Roughness at x/c = 1.0% and 5.0% 1c 16°).

CONCLUSIONS

The results of this study indicate that the Wortmann FX 63-137 is
a high performance low Reynolds number airfoil even when operated at
off-design conditions. Experimental data show that separation
phenomena, most notably the formation of laminar separation bubbles,

* greatly influence this airfoils' characteristics. Additionally, the
occurrence of other boundary layer phenomena, such as turbulent
separation, have significant effect.

The effects of the addition of trip wire roughness to the
airfoils' surface are variable depending on location and height. In

* general, it can be stated that roughness located on the forward lower
surface (0.01 e x/c < 0.03) has little effect on the performance of

•: .the FX 63-137 except to increase the minimum drag coefficient. In
contrast, trip wires located on the upper surface at or near the
leading edge can significantly reduce Clmax and (Cl 312 1Cd)max while
improving or degrading (Cl/Cd)max depending on the roughness heiqht.

* Trip wire roughness located on the upper surface near the point of
maximum airfoil thickness has limited, detrimental effect on the
maximum lift and endurance factors, but can lead to reductions in
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Cdmno Trip wires located at this position can also improve the
maximum lift to drag ratio.

From the pressure distribution data, it is evident that
transition can be induced to occur at positions further forv."trd than
those at which it naturally occurs, However, it is fairly difficult
to bring this transition point to the roughness element itself.
Typically, the flow is measureably accelerated aft of the trip wire
before transition quickly occurs in the separated free shear layer.
Once the flow entrains sufficient energy from the freestream,
reattachment ensues while the pressure rises. Depending on the angle
of attack, roughness height and position, such effects may or may not
represent an improvement over the smooth airfoils' performance.

The usefulness of equation (1) to determine roughness heights
appears to be questionable. Admittedly, this relationship was not
dýveloped with application to large pressure gradients in mind, but
unfortunately no other criteria are available in the literature.
Transition at the trip wire l'cation is not guaranteed as was the
original desire. From additional experiments [31, it is indicated
that knowledge of the bourdary layer thickness provides a sufficient
first guess as to what range of roughness heights one may want to
investigate. One should investigate a range of heights since changes
in k/c can occassionally lead to a reversal of effect causing an
airfoii operating above its smooth performance levels to then perform
far below them.

NOMENCLATURE

Cd airfoil sectional drag coefficient
SCd airfoil sectional lift coefficient
CI, airfoil sectional lift curve slope coefficient
Cmc/4 airfoil sectional moment coefficient measured about the

quarter-chord location
Cp pressure coefficient
c chord length of airfoil model
k roughness height
" SP static pressure
Q dynamic pressure
R refers to the occurrence of reattachment
Rc Reynolds number based on chord c
S refers to the occurrence of laminar separation
SS' refers to the occurrence of turbulent separation
s arclength distance from stagnation point
T refers to occurrence of transition
U flow velocity
x distance along chord line

"Greek Symbols

.•, angle of attack
'r ,1 boundary layer displacement thickness
A^ shape factor defined as [sj(d1I/ds)]/v
V kinematic viscosity
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Subscripts
cr refers to critical value for some effect on transition

k pertains to roughness height or location
max refers to the maximum value of a parameter
min refers to the minimum value of some parameter
t as pertains to the location of transition
u upper
u uncorrected value
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ACOUSTIC AND TURBULENCE INFLUENCE ON LOW-REYNOLDS NUMBER
.".WING PRESSURE DI.TRIBUTIONS

V. Sumantran, Z. Sun, J.P. Marohman III.
Department of Aerospace and 0:,,an Engineering,

Virginia Polytechnic Institute anid State University,
Blackaburg, Virginia 24060.

ABSTRACT

Wind-tunnel tests were conducted in the Virginia Tech 6' x 6'

Stability Wind-Tunnel to determine the influence of free-stream
turbulence and acoustic disturbances on low Reynolds number wing
aerodynamics. The wing model was based on a FX-63-137-ESM airfoil
section. Strain gauge measurements, pressure distribution and flow
visualization studiea were conducted in the range of Reynolds numbers
from 70,000 to 300,000. Starting with the very clean flow inherent in
the wind-tunnel, free-stream turbulence and acoustic disturbance levels
in the test-section were increased independently. A distinct alteration

* of the wing's performance was obL.,'ved particularly with regard to the
stall hysteresis loop which may even be eliminated at very low Reynolds
number-high disturbance level conditions. This study also shows clearly
the behavior of the laminar separation bubble which contracts and moves
forward with increasing angle of attack and determines the manner in
which the airfoil stalls.

INTRODUCTION

In recent years, there has been a considerable awakening of
interest in the field of Low-Reynolds number wing and airfoil
aerodynamics. Much of this interest has been spurred by new areas of
application that require a better understanding of the flow phenomenon
in this regime. These applications include mini-RPVs, operating in a
low-speed, low-altitude environment as well as fields such as gliders,
inboard sections of helicopter rotor blades, jet-engine turbine and
compressor blades and high-altitude RPVs.

Flow behavior at Reynolds numbers less than 500,000 is widely known
• to involve some significantly different characteristics compared to

"higher Reynolds number flows. Although airfoil behavior in this regime
has been studied and catalogued since the thirties and many of these
"problems identified, an understanding of the detailed mechanism
responsible for such behavior is not complete. What is known is that the
"laminar separation bubble' that is frequently observed on some airfoils

* at low Reynolds numbers determines the aerodynamic performance of the
airfoil. Study of the laminar separation bubble indicates crucial
dependence on factors such as the point of laminar separation,location
of transition and location of turbulent boundary layer reattachment.
These factors are in turn governed, to a considerable degree, by the

A ambient environment; more specifically, the free-stream turbulence and
levels of acoustic disturbance. A study of the influence of these
quantities is necessary for a better understanding of the flow
phenomenon.
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Force and moment data obtained from strain gauges have proven

extremely useful in examining the global performance of the wing. This
is true even for Reynolds numbers in the range of 70,000 to 100,000,
when sufficiently sensitive strain gauges are availible to yield

repeatable data [1]. However, to study the details of flow behavior, it

is also essential that pressure distribution and flow visualization
studies also be conducted. Pressure distribution plots and flow
visualization pictures can be used to define the different regions of

the flow such as the laminar separation bubble, the line of reattachment
and the point of turbulent separation. With proper correlation of these

two procedures, it is possible to better understand the behavior and
"extent of the laminar separation bubble.

An interesting consequence of the laminar separation bubble for

some of these airfoils is the phenomenon of hysteresis in stall. Stall
hysteresis is frequently observed in flows of Reynolds numbers less than
about 300,000 for many airfoils. It appears that the leading-edge
geometry of the airfoil greatly influences the nature of the hysteresis
loop.

Depending on airfoil geometry, two kinds of stall hysteresis loop
' have been observed a) a clockwise hysteresis loop with maximum lift

coefficient achieved prior to stall and b) a counter-clockwise
* hysteresis loop. The FX-63-137-ESM airfoil displays a clockwise

hysteresis loop at Reynolds numbers where the separation bubble
dominates the flow over the airfoil's upper surface. At very low
"Reynolds numbers, laminar seoaration without subsequent reattachment
occurs, eliminating the hysteresis loop [I] and at higher Reynolds
numbers, the location of transition may preclude laminar separation and

hence the bubble. Marchman [E] has shown both of these limits to be

functions of not only Reynolds number but of wing aspect ratio as well.
The clockwise hysteresis loop behavior of the present airfoil can be
explained as follows
1. At low incidence, the laminar separation bubble is formed, extending

over as much as 50% of the chord for these low Reynolds numbers [2].

2. Increasing the incidence causes the bubble to move forward and
contract. The suction peak close to the leading edge increases and some

turbulent separation may be observed close to the trailing edge. The
lift coefficient increases with incidence in this range.
3. Stall corressponds to laminar separation close to the leading edge
with no subsequent reattachment. The lift coefficient drops abruptly.

•4. Any post-stall reduction of incidence does not immediately restore

the flow. Some lower angle of attack must be reached before the laminar

separation bubble can be reformed and the hysteresis loop closed.

4 (The aerodynamics of a wing at Reynolds numbers from 70,000 to

500,000 is thus very dependent on the behavior of the laminar separation

bubble. The existence and extent of the bubble are in turn, dependent on

6. the stability of the laminar boundary layer preceding the bubble and

over the bubble itself [3]. Airfoil surface roughness, ambient flow

turbulence level and the acoustic environment are among the factors that

have been shown to influence the laminar bubble and its subsequent
4. effect on the airfoil aerodynamics. Any of these factors may lead to

early transition from laminar to turbulent flow in the boundary layer by

creating or amplifying the Tolmein-Schlichting waves in the flow. The
result may be a significant alteration of the aerodynamic behavior of

.N Pan airfoil at low Reynolds number flows.
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It i8 very important that the consequences of free-stream
turbulence levels and the acoustic environment on low Reynolds number
aerodynamics be fully understood. Wind-tunnel turbulence level may have

a large influence on the stall hysteresis loop, yet researchers continue
to run tests in facilities with a very wide range of turbulence levels
even though data from wind-tunnels with high free-stream turbulence must

be considered of questionable utility. Unfortunately, there is no simple

device such as the use of a turbulence factor to correct and compare

hysteresis loop data from different tunnels. Mueller [4] has studied the

influence of tunnel acoustic level on low Reynolds number flows;

however, in most tunnels the acoustic environment and free-stream

turbulence are coupled; i.e., they are both functions of tunnel and fan

characteristics and there has been no attempt to systematically study

those two influences independently in the same facility. Therefore, as a

part of the work being done at Virginia Tech. a preliminary study was

undertaken to better define the effects of free-stream turbulence and
acoustics on the Wortmann airfoil at low Reynolds numbers.

EXPERIMENTAL PROCEDURE

The objective of these tests was to examine the influence of free-

stream turbulence level and of utnt uoustic environment on both the

global aerodynamics (forces and moments) and the detailed flow behavior
(pressure distribution and flow visualization) of the Wortmann FX-63-
137-ESM airfoil at low Reynolds numbers. A related study at Virginia

Tech, [E], had already examined the 3-D aerodynamic behavior of the

Wortmann airfoil at aspect ratios of 4,6,8 and 10 between Reynolds

numbers of 50,000 and 500,000. This research used the same model as

Reference [1].

All tests were conducted in the Virginia Tech Stability Wind-tunnel
with a 6' x 6' x 28' test-section. This tunnel has two features that are

of great importance for the present study : a) a set of seven fine-mesh

anti-turbulence screens upstream of the test-section b) a large air-

exchange tower between the fan and the test-section. This results in
very low levels of free-stream turbulence with the turbulence intensity

varying from 0.02% to 0.04% in the range of test velocities [5]. In

addition, the air-exchange tower provides effective isolation of the

test-section from the effects of fan pressure pulses and acoustics.

The wing model was based on a Wortmann FX-63-137-ESM airfoil

section, originally developed for use in gliders and designed to operate

at a Reynolds number of around 500,000. The model was milled from solid

aluminium and could be assembled into wings of AR 4,6,8 and 10. The

need to obtain clean flow at the lower end of the Reynolds number range

dictated a chord of five inches. This also allowed sufficient clearance

for the free development of the wing-tip vortices. All models used

squared wing-tips and the surface was coated with epoxy for a uniformly

smooth surface without seams. Fortyone pressure taps were built into the
wing well inboard of the wing-tips, the taps being arranged diagonally

to eliminate interference between pressure taps.

Measurements of the forces and moments throughout the hysteresis

loop requires a remote-control arrangement to vary wing incidence with

the wind-tunnel in operation. In this study, the model was mounted on a

remotely controlled six-component strain-gauge strut which was operated

by the tunnel's computer control and data acquisition system. This strut
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is described in detail in Reference [1]. A Hewlett-Packard 9836 computer
was used for experiment control as well as data acquisition. For the
latter role, the computer was used in conjunction with a HP 3455A High
Precision Digital Voltmeter and a HP 3495A computer controlled scanner
(Fig. 1).

K'w:• • V RELAY

*PCINTER

FIG 1. SCHEMATIC OF DATA AQUISITION SYSTEM

Wing chordwise pressure distributions were obtained via a computer
controlled SCANIVALVE Model 3 system using a SETRA SYSTEMS Model 237

pressure transducer. This system was also controlled by the tunnel's HP
computer.

The flow visualization procedure used was the naphthalene/tri-
chloroethane surface-evaporation technique. The behavior of the white

S~naphthalene coating on the wing, upon the evaporation of the solvent,

provides a view of the different regions of the flow in the boundary

• layer. These pictures were complemented by photographs of oil-drops on
•i• ~the surface to determine regions of reverse flow. These photographs,
,i.! ~together with the pressure distribution plots, provide a correlated -_

estimate of the flow behavior.
To investigate the influence of increased free-stream turbulence,

horizontal strips were attached to the anti-turbulence screens. This
procedure has been previously used in the sane wind-tunnel by Saric [5]
and two Increased levels were obtained with the turbulence intensity of
about 0.2% to 0.3% compared to the base level of about 0.02%.

The study of the influence of acoustic disturbances was conducted
at a preliminary stage. The intent here was not so much to establish
critical frequencies as to understand changes in the flow behavior due
to the presence of these disturbances in the environment. These acousticK.disturbances were created using a commercial loud-speaker instailed in
the ceiling of the test-section, positioned above the wing and directed

vat the upper surface of the wing. A signal generator and an amplifier
* were used to generate the desired frequency. Frequencies in the range of

100 Hz. to 5000 Hz. were used at sound levels varying from 90 dB. to 115

VT

~. I dB. measured at the wing.
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S
DATA AND RESULTS

Comparison of Force Data and Pressure Integration.

If the results of the force measurement tests and of tests
measuring pressure distributions are to be compared, a fair amount of
confidence is necessary in the accuracy of both the pressure
distribution plots and thc force data. At low Reynolds numbers, there
may be some question regarding the extent to which the flow is disturbed
due to the presence of the pressure taps themselves. These matters were
resolved using a comparison of the force data and the integrated
pressure forces as well as flow-visualization studies.

Fig. 2 shows a sample plot comparing lift coefficient obtained from
S" force data (for AR=8) to that obtained from an integration of the

pressure forces at Re.= 150,000. The slope of the lift curve and the
values of the maximum lift coefficient compare very well. The stalling
angle and the extent of the hysteresis loop also show good correlation.
The values of post-stall lift are lower for the case of pressure force

integration because the integrated pressures cannot account for lift
contributions at the unstalled wing-tips..1

'pCL CL

Fig.2. Comparison EoUf Strain-~ Fi.. ye *fSall0

"• ~Gauge Data and Pressure Integ-

* ration.

•: Types of Stall.

• Fig. 3 illustrates the three types of stall typically observed over
,• a range of Reynolds numbers and also seen in this research. Note that

• for the Re=150,000 and Re=200,O00 cases, the hysteresis loop is not
,•] shown in this figure although it is present. The stall types seen in
i'[']'FIg. 3 were described and classified by McCullough and Gault [6] and
'•':.-later by Crabtree [7] and were shown to be functions of Reynolds number.

[•'[ In the Re=200,O00 case, the "gentle' trailing edge type of stall is
•[" seen where turbulent separation begins at the trailing edge and moves

* forward as the angle of attack increases. Complete stall occurs when the

•[• turbulent separation point nears the point of laminar separation bubble
•.• reattachment resulting in the breakdown of the bubble and hence leading
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L edge separation. Fig. 4 shows the pressure distributions observed on the
wing at three different angles of attack for this case. The upper
surface distribution shows that as the angle of attack increases, the
point of turbulent separation progresses from 0.5c to 0.3c where it is
very close to the reattachment of the laminar bubble. The bubble is seen
to exist around the 0.25c point. A further increase in incidence results
in stall with separated flow over most of the upper surface.

a 1 - i.5 RC#- 20g000] CP 14.5 RC#- 150000
-5 0 202.5 RC#- 200000 -5 0 1 * l6.5 RC#- 159000

& * 22.5 RC#- 200000 1 * l9.5 RC#- 159900
-4- -4-

-3- -3

-2 -2

I u-- 9.25 0.50 0.75 t - 9.25 0.50 0.75 1
X/C _ x/c

Fig.4. Trailing-Edge Stall Fig.5. Leading-Edge Stall

Fig. 5 shows the pressure distributions for the Re=150,O00 case

where the stall is more abrupt. This is more typical of the type of the
type of stail described as 'leading-edge stall' where the lift curve is
linear almost all the way up to stall. Stall is primarily due to a
"bursting' of the laminar separation bubble rather than a forward motion
of the turbulent separation point from the trailing edge. The pressure
curves show the increase in the leading edge suction peak as alpha
increases and the resulting increase in the adverse pressure gradient
near the location of bubble reattachment, followed by stall. Fig. 3 also
shows the lift curve for the Re-70,O00 case where the stall can be
characterized as 'thin-airfoil stall'. Separation occurs at or near the
leading edge before a leading edge separation bubble can form i.e.,
there is laminar separation with no subsequent reattachment.

Stall Hysteresis.

Typical stall hysteresis loops from this research are shown in Fig.
6. Reference [i] describes the effect of Reynolds number and aspect
ratio on the hysteresis loops in greater detail; however, it is seen in
this figure that as the Reynolds number increases, the loop moves to the
right. Fig. 7 shows the upper and the lower hysturesis loop pressiure
distributions for an angle of attack of 16 .t5 degrees for Re=200,O00. The
laminar bubble is seen as a region of constant pressure on the upper
loop curve. The flow is seen to be separated over most of the wing
surface for the lower part of the loop.
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Comparison of Flow Visualization and Pressure Data.

One of the objectives of the present studies was to better define
the extent of the laminar separation bubble in view of its importance in
determining the overall flow behavior. It has been known for many years
that at low Reynolds numbers the bubble can extend over as much as half
the airfoil chord [23.

cP --

" -a - 1G.5 RC#- 200000 UPPER

CL -5 -- 16.5 RC#- 200000 LOER

""-l "n E) -

. . . .. . ... . .... ... : .. , .0.• 25 0.50 0.75 1 X/C

Fig.6. Stall Hysteresis Loop Fig.7. Pressure Distribution on two

Portions of Hysteresis Loop.

CP o -2.5 RC#- 2800,0n

.0

-4"2- '" m q

•-3 .84-4

... 2_ -3 5 0 1 X- /C "

Fig.8. Pressure Distribution and Fig.9. Flow Visualization and

Bubble Reattachment. Bubble Reattachment.

Fig. 8 shows the pressure distribution for the wing at Re=200,000'
and 2.5 degrees incidence. The location of flow reattachment is
indicated by the kink in the curve at about 0.75c. Fig. 9 shows a
picture of the flow obtained using the evaporative naphthalene technique
for the same case. The demarkation between the light and the dark
regions denotes the spanwise line of reattachment. This was also
confirmed with oil-drop surface flow studies and indicates that the
bubble contracts and moves forward with increasing wing angle of attack.
In many cases the oil-Crop studies also indicate reverse flow within the
bubble, indicating the recirculatory nature of that flow region.
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Influence of Free-Stream Turbulence.

One of the primary objectives of these tests was to examine the
role of wind-tunnel free-stream turbulence in low Reynolds number
aerodynamic testing. It is known that testing in facilities with
different turbulence levels will give different results, especially in
"hysteresis loop data. Unfortunately, many past studies have been
conducted in wind tunnels where free-stream turbulence levels greatly
exceed those of the Virginia Tech Stability Tunnel. Hence, in order to
allow better comparison of test results with those obtained in other
facilities, some tests were run with excess free-stream turbulence

V deliberately added to the flow via a set of horizontal "turbulence
strips' attached to the anti-turbulence screens. This method, previously

2' used by Saric [5] in studies of flat-plate boundary layer stability and
transition, was effective in producing an order of magnitude increase in
turbulence level, 0.02% to 0.2% at 30 fps. Turbulence levels were
measured with standard hot-wire techniques.

Fig. 10 shows the influence of increased free-stream turbulence on
the stall hysteresis for the AR=8 wing model at Re-100,000. It is
evident that the size of the hysteresis loop is drastically reduced
and, indeed, almost eliminated although the lift curve slope and the
maximum lift coefficient are not oib.oilicantly affected.

Fig. 11 depicts the pressure distributions for this case - at 12.5
degrees angle of attack. Curve (A), representing the upper portion of
the hysteresis loop with 0.02% turbulence, shows a strong suction peak
at the leading edge and attached flow all the way to the trailing edge.
At the same angle of attack, on the lower portion of the hysteresis loop
(B), the flow is seen to be separated over almost the entire upper
surface of thie airfoil; however, with free-stream turbulence increased
to 0.02%,(C), the lower curve of the hysteresis loop shows an almost
complete restoration of the flow.

.A A: 0 * 12.5 RC,- I0C000 .02% UPPERr• " ~ ~CL -5 - B: 1 2.5 RC#-. 10OB 00813NE
J 1. C-108 .032% LOWER

B A -4 C: 1 1 .5 RC#- 100000 .2% LOWER

"" 3
* it.

I -2

4.'""•" I, ,o ,I *Afl.0.- - •u -a ...

A., 0. 2 5 " : ,0- 1 1, C

a 4

Fig. 10. Turbulence Effect - Fig.11. Turbulence EffeCt PressureU; Re.-l00,000 Distributitnn, Re .i00,000
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Fig.12. Turbulence Effect. Fig.13. Turbulence Effect,

Fig. 12 shows the stall hysteresis loop for a higher Reynolds
number (Re=200,O00). Here, although the hysteresis loop is reduced in

size when the turbulence intensity has been increased, it is still
distinctly visible. Examining Fig. 13 , the pressure distributions again

indicate that the increased free-stream turbulence intensity does have
some effect in delaying the separation that occurs near the trailing
edge even though it cannot prevent the loss of suction at the leading
edge.

A further increase in free-stream turbulence to 0.3% was achieved
by adding vertical turbulence strips. This change had no effect on the

data for' the Reynolds numbers tested.
It is therefore clearly evident that the level of free-stream

turbulence in the test-section environment will strongly influence the
flow behavior and thereby the performance of the airfoil. Indeed, at the
lower end of the Reynolds number scale, the whole hysteresis phenomenon
may be eliminated.

Effect of Acous. Disturbances.

No one has yet systematically studied the effect of acoustic
disturbances on low Reynolds number hysteresis loops where acoustic
signals are varied independent of turbulence levels. Preliminary studies
conducted in the past have shown that ambient acoustics of the test-
section can influence the airfoil behavior [4]. The objective of this
section of the present research was to study the manner of this
influence. Thus far only a preliminary attempt has been made to
rigorously identify the frequencies needed to alter the flow and this
will constitute -)rt he ongoing research.

Fig. 14 .,ows t:> hysteresis loop for Re=200,000 and AR=4 with and
without the introduction of selected acoustic disturbances. In this
case, a 5600 Hz. signal was fed into the amplifier and speaker with a
noise level of about 110 dB. measured at the wing. Once again, a
considerable reduction in the size of the hysteresis loop is evident
when the acoustic signal turned on. Stalling angle and the value of
the maximum lift coeffiu.ent are unchanged, an effect similar to that
observed when the turbulence intensity was increased. The angle at which
the lower curve of the hysteresis loop rejoins the upper curve
increases, indicating earlier restoration of the flow and reattachment

331

."S .- -' ' . ' . • '".V '• . "' , , • , • '•- ' . ' ' ., " .- - • ' . - . - . - , , . ' ' . " ', '' , " ,



on the upper surface in the presence of this acoustic disturbance.

CP
a v- 14.5 RC#- 269885 R

-5 o i-14.5 RC@- 280088 B
. 'a -a - 14.5 RC#- 208885 C

ii 4

-3

- I2

Fig.14. Acoustic Effect Fig.15.
Stall Hysteresis Distribution.

SFig. 15 shows the pressure distributions for three points on the

*. hysteresis loop. Curve (A) denotes the pressure distribution on the
upper curve with no acoustic dxsturoance at 14.5 degrees angle of
attack. Curve (B) corressponds to the lower portion of the hysteresis
loop at the same angle of attack with no acoustic disturbance. Curve (C)
"denotes the same lower loop angle of attack with the defined acoustic
signal. The influence of the acoustic disturbance is thus to cause the
flow to change from configuration (B) to configuration (C), resulting in
a restoration of the bubbie mechanism and flow reattachment on the upper
surface of the airfoil. It is evident from Fig. 15 that the case (C)
does represent the same flow as (A). It is interesting to note that this
disturbance is merely needed to trigger the change ((B) to (C)) and once
the attached upper surface flow has been established, the acoustic

signal may be silenced with no further flow change resulting.
The ability of the acoustic disturbances to restore attached flow

appears restricted to range of angles of attack close to the nominal
angle of loop reattachment except at the lowest Reynolds number cases

"- . tested. At a Reynolds number of 100,000 it was possible to virtually
eliminate the hysteresis loop with sound of sufficient magnitude and
frequency. However, at the higher Reynolds numbers examined, even sound

LN -kt'i -levels up to 120 dB. could not cause flow reattachment above a certain
value of angle of attack in the loop. It was however seen that even when
acoustic disturbances could not restore fully attached flow, they could
alter the pressure distribution and give a temporary increase in lift as
is seen in the increased lift values for the lower loop with acoustic

* -disturbance. Depending on the test conditions, these cases yielded
pressure data that did not achieve the high suction peak or the extent

p of the attached turbulent flow on the upper surface.
Fig. 16 illustrates the effect of noise that is not of sufficient

power or frequency to fully restore the boundary layer over the upper
"surface but is successful in increasing the lift. Even though these
curves are for the 15 degree case rather than the 14.5 degree case shown
in Fig. 15, the two cases are close enough in angle of attack to permit
comparison. Both the 4830 Hz. and the 5200 Hz. cases are able to give an
upper surface pressure distribution which appears similar to that for an

• 332

%. NI.



attached flowj however, they exhibit much lower suction near the leading
edge than the attached flow cases of Fig. 15 and this flow is maintained
only as long as the acoustic signal is 'on'. In Fig. 15, the 5600 Hz.
acoustic signal causes the pressure distribution to 'Jump' from curve
(B) to curve (C) and the flow will remain in the curve (C) form even
after the sound is turned off. The two curves seen in Fig. 16 will,
however, only exist as long as the acoustic signal is present. These
signals are not sufficient to cause a full, stable reattachment of the
flow.

" A 15 RC#- 200M 4840 1iZ LOWCR

0 - 15 K#" ffC*- %0 ?SO HZ LO.IIR

4

AA,
0

. . . .. . . . .. 4 .. . . .
t • O.,i 050 ./b I V]C

Fig.16. Acoustic Effect - Incomplete Flow Restoration.

These data combined with those of the previous section, show that
although the acoustic environment and the turbulence level in the flow
can both cause similar effects, they work quite independently. It is
clear that studies of these effects need to be made in facility where
free-stream turbulence and the acoustic environment are not both
dependent on the same variable. The effects of the two types of
disturbances may or may not be cumulative and the degree to which they
are cumulative may be strong function of the Reynolds number.

CONCLUSIONS

1. Pressure and Flow visualization data show that the laminar
separation bubble may be quite large, extending over almost half of
chord. Increases in the Reynolds number cause a contraction of the
extent of the bubble.
2. At higher Reynolds numbers, stall depends on the turbulent
separation that is observed close to the trailing edge downstream of

S reattachment of the bubble and this point of separation moves upstream
along the airfoil surface with increasing angle of attack.
3. Tunnel free-stream turbulence can greatly alter the test data and
even eliminate the hysteresis behavior at lower Reyrolds numbers. It
appears that the range of turbulence levels between 0.02% and 0.2% is
quite important while further increases above 0.2% may have negligible
effect. While turbulence levels do not appear to greatly affect maximum
lift coefficient for the Wortmann airfoil, it does have a pronounced
influence on the hysteresis loop. Cn other airfoils such as the Miley
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airfoil with a 'reverse' hysteresis loop, maximum lift coefficient could
be greatly altered by variations in tunnel turbulence levels.
4. The acoustic environment influences low Re flow behavior in much
the same way as free-stream turbulence. At low Reynolds numbers, noise
can eliminate the hysteresis loop while at high Reynolds numbers, the
hysteresis loop can be considerably altered. As is the effect of free-
stream turbulence, there seems to be a limit beyond which increases in
the magnitude of the disturbance produces no further changes in
aerodynamic behavior.
5. Flow visualization studies such as the evaporative naphthalene
technique together with pressure distribution plots can provide
excellent estimates of the behavior' of the laminar separation bubble and
the boundary layer.
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ABSTRACT

The effects of a propeller slipstream on the wing laminar boundary
are being investigateQ. Hot-wire velocity sensor measurements have
been performed in flight and in a wind tunnel. It is shown that the
boundary layer cycles oetweun a laminar state and a turbulent stat,' at
the propeller blade passage rate. The cyclic length of the turbulent
state increases with decreasing laminar stability. Analyses; of the
time varying velocity profiles show the turbulent state to lie in a
transitlor region between fully laminar and fully turbulent. The
observed cyclic boundary layer has characteristics similar to
relaminarizing flow and laminar flow with external turbulence.

INTRODUCTION

A research program is in progress to investigate the behavior of
th laminar boundary layer as affected by a propeller slipstream.
Although the investigation is directed towards manned propeller driven
aircraft, much of the experimental work to date has been performed at
Reynolds numbers less than lxI0•. These results are therefore also
appliLable to low Reynolds number aircraft.

Early observations of the effect of the propeller slipstream on
boundary layer, transition have noy, resulted in consistent conclusions.
Young and Morris[,2], and Hood and Gaydos [31 concluded from their
investigations that the propelle~r slipstream caused the point of
transition tu move forward to a location near the leading edge.
Reports by Zalovcik [4], and Zalovcik and Skoog [51 describe wing
boundary layer measurements in propeller slipstreams performed on P-47
aircraft utilizing an NACA 230 series wing section and an NACA 66
series laminar flow wing section. Their results show little effect of
the slipstream on transition for the NACA 2.30 section; however, the
test with the NACA 66 series section resulted in the transition point
location moving forward from 50 to 20 percent chord. IhL general
consensus from c.his early work is that the propeller slipstream reduced
the extent of laminar flow by forcing transition to occur earlier.

77` Recent work by Holmes, Obara and Yip [6] and Holmes, et al. [7]
brings into question the validity of the ability of the early

335

Sa



measurement methods to accurately determine transition. Time-dependent

",' behavior, particula'3ly at frequencies associated with propeller blade

passage rate, was no• measurable oy techniques commonly employed at

that time. Measurements by Holmes, et al. [71 using surface hot-v,'oe
sensors indicate the existence of a cyclic turbulent behavior resultlig

in convected regionsi of turbulent packets between wh1i-h the toundary
layer appears to remain laminar (Figure 1).

V = 165 knots; 175 RPM, 3-BLADED PROPELLER
420 HOT FILM SIGNALS

• 0-- -- -
0 BLADE

/ - 'uPASSING.+20-[ FREQUENCY J/

.20

+20// +2 LAMNA

,,.\, I-GMINI -GLOVE - -0L

•,: IF LOVE• JBANDEDGE. +20[
•""'"' '• " •" • i "•'•l,= • " •_......• __j percent 2L0r • ... .,,,,.,.,,

20 TURBULENT --20

$T 0.

420r l&IME, sLC

•..""Figure I . Surface hot-film measurements by Holmes et
al. [7] showing cyclic laminar/turbulence behavior of

+Y boundary laye, within propeller slipstream.

EXPERIMENTAL INVESTIGATIONS

3 .4 .5 . .

',• Flight Experiments

At Texas A&M University, flight measurements of the wing boundary

layer in the slipstream have been made on a Gult'stream Aerospace GA-7

Cougar at two chord locations using a dual-probe hot-wire velocity

sensing system. One probe was located adjacent to the surface well

within the boundary layer and the other was located directly above in

the external flow. The results of the flight test are shown in Figures

2-4.

"The signal traces are time histories of the local flow velocities

in the boundary layer near the surface and in the external flow. The

boundary layer velocity signal shows a periodic laminar/turbulent

behavior. The change to turbulent flow results in an increase in the

• velocity seen by the probe because of the fuller turbulent profile.

% k This change in profile results from periodi - disturbances in the

external flow dtue to the(ý viscous wake Sihed t'rorn the propeller blade.
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... ... ... ... ... ...

HIGH SPEED
Boundary layer

External flow -
Blade wake disturbance

LOW SPEED 41kJ tk
Boundary layer , Blede wake disturbance

External flow -- ' ............ d..l.I, Tip vortex nduced flow -

Figure 2. Identification of hot-wire velocity sensor
signals in Figures 3-,4.

HIGH - AI:•S.EU - LOW
LOW - ANGLE OF ATTACK - HIGH

FAVORABLE - PRESSURE GRADIENT - ADVERSE
LOW - THRUST COEFFICIENT - HIGH

PROPELLER ON

PROPELLER OFF

FLIGHT TEST - 12% CHORD

Figure 3. Velocity signal in boundary layer near
surface, showing cyclic laminar/turbulent flow
(propeller on) and laminar-transition- turbulence
(propeller off).

The length of time which the cyclic turbulence remains in the boundary
layer is dependent upon the laminar sLtability in the differing pressure
gradients from the high-speed to tUe low-speed tnd. At the high-speed
end, the pressure gradient is strongly ft';orable, and laminar stability
is correspondingly high. Here, the boundary layer reverts almost
immediately back to laminar flow after the passage of the external
disturbance. At the low-speed end, the pressure gradient is no longer
strongly favorable, laminar stability is greatly decreased, and the
turbulence remains for almost the total cycle.
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HIGH - AIRSPEED - LOW
LOW - ANGLE OF ATTACK - HIGH

FAVORABLE - PRESSURE GRADIENT - ADVERSE
LOW THRUST COEFFICIENT - HIGH

PROPELLER ON

FLIGHT TEST - 30% CHORD

Figure 4. Velocity signals in boundary layer near

surface and in external flow.

-I,

)i

The effect of ruduced laminar stability at the 30 percent chord
* location is evident in Figure 4. livi- also is seen the character of

the external flow disturbance due to the propeller slipstream. The
"viscous blade wake appears as a short wave impulse barely discernible
at the high-speed end. As the speed is reduced, the propeller blade

p. operates at art increasingly higher angle of attack and the viscous wake
grows, leading to a more pronounced impulse disturbance signal. This
is noted in the figures in terms of the propeller thrust coefficient.
The low frequency wave patter-n which develops in the external
slipstream flow is due to the propeller tip vortex. As demonstrated by
Sparks and Miley [8], the helical tip vortex induces an axial component
in the slipstream velocity which increases with vortex strength
(propeller, thrust coefficient), and as the edge of the slipstream
boundary is approached. While the tip vortex induced flow dominates
the slipstream velocity signal, it will be shown that it is the

relatively smaller blade viscous wake disturbance which is affecting
the laminar boundary layer.

A slipstream disturbance flow model (Figure 5) was constructed

* from an analysis of the flight data. The viscous wake from the
propeller blade forms a helical sheet which is split by the wing. The
turbulence in the helical wake is seen by a stationary point in the
boundary layer as a periodic change in external flow turbulence. The
laminar boundary layer responds by transitioning to the turbulent state
and then returning to the laminar state through a reverse-transitional
process based upon the degree of local laminar stability.

Wind Tunnel Investig.ition

A small-scule wind tunnel test progr•im wao begun to study the

boundary layer response in more detail. The test model was a 30-inch

chord NACA 0012 composite wing section with an 18-inch di3ineter
single-bladed propeller and electric motor moiunted at wing level at
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Figure 5. Slipstream disturbance flow model.

one-fifth chord distance upstream. ficasurements were made at various
angles of attack with a constant temperature hot-wire anemometer system
and dual-probe configuration similar to that used in flight. The
probes were traversed in a chordwise direction along the airfoil with
the probe support free to pivot allowing the sensors to follow the
airfoil contour. The probe heights above the surface were maintained
at approximately 0.01 and 1.0 inches.

Two runs are shown in Figures 6-8. Figure 6 describes the signals
seen in the photographs in the following figures. In each photograph
the upper trace is the velocity in the boundary layer near the surface;
the middle trace is the velocity for the external flow probe; and the
lower trace is the trigger signal for the oscilloscope obtained from a
magnetic proximity transducer sensing propeller blade passage. Figure
7 shows a series of measurements at -3 degrees angle of attack
resulting in a favorable pressure gradient along the upper surface.
The upper row of photographs shows time histories of velocities at
chord locations indicated with the propeller off. Transition takes
place at approximately 70 percent chord at a chord Reynolds number of
6xI0 5 . Low frequency Tollmien-Scnlichting waves appear with
intermittent bursts of turbulence.

The lower row of photographs shows the velocities measured with
the propeller running. The growth of the turbulent part of the cycle

increases with decreasing laminar stability in the chordwise direction.
Evident also is cyclic relaminarization of the previously turbulent
region on the aft portion of the airfoil. Note this effect in the
photograph for the 80 percent chord location. This behavior was seen
in the flight data, but is more pronounced here, possibly due to the
low Reynolds number. The waveform of the cyclic velocity variation can

be noted, with the immediate jump to a turbulent velocity level with
the arrival of the external disturbance. After the disturbance passes,
the velocity returns to the laminar level as an exponential decay.
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Boundary layer velocitynear surface

A4

?Freestream velocity

Magnetic pick-up behind
propeller

Figure 6. Identification of hot-wire velocity sensor
signals in Figures 7-8.

PROPELLER OFF

II

PROPELLER ON

Figure 7. Velocity signals in boundary layer near
surface and in external flow, showing cyclic
laminar/turbulent flow (propeller on) and
laminar-transition-turbulence (propeller off). -30

* angle of attack.

Figure 8 shows the results for 1 degree angle of attack. The
* pressure gradient is less favorable over the upper surface; the laminar

boundary layer responds by transitioning now at 4o percent chord. More
evident her- is the cyclic relarninarization of the previouoly turbulent
boundary layer. For the low test Reynolds number, the propeller

-' slipstream appears to have a beneficial effect in the turbulent. flow
region of the airfoil. The meohanism behind the relaminarization is
not understood at present. Possibilities include ,i reaction to the

cyclic external flow turbulenct, and/or three-diinension•ti e?.'ects from
the swirl component in the helical wake she3t.
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SWAKE PAS8GAE PERIOD :'. ITAUECEITNIYEVLP

RELATIVE VELOCITIES WITH TURBULENCE VELOCITY PROFILE
INTENSITY ENVELOPEI

Figure 9. Time histories of the mean velocity and

turbulence intensity at three vertical positions in
the boundary layer. Data for one wake passage cycle.

-: Laminar

Reverse-transitional
t e n t t vi Turbulent

-3°00 +30

FAVORABLE ADVERSE
id- PRESSURE GRADIENT w

Figure 10. Boundary layer velocity profiles for

three different angles of attack and for, three
different positions in the wake wake passage cycle.

corresponds to a level of external flow turbulence intensity. The

turbulence intensity distribution (profile) through the boundrry layer

for the 0 degree angle of attack case is shown in Figure 11. Due to

limitationsd of the digitizer, the upper cut-off frequency of the data

is approximately 100 hertz. Also, the wind tunnel has a low frequenc:y

unsteadiness which was not removed from th!e data. It is seCr1 thdt
there is a correspondent between tae external flow turbbun eity e

intensity, the boundary layer velocity profile, and the bounda~ry layer
turbulence intensity riprofile.

The effecth of extzernal flow turbulence on laminar and turbulent

boundary layers has been tnvustightteh to a limited extent, primarily

with concern to heat transfer. The work of Dyban, Epfk and Surpuen c9

is summarized in Figure 12. The laminar boundary layer over a flat
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Figure 11. Turbulence intensity a) Boundary layer velocity profiles

profiles for three different for three ranges of external flow

positions in the wake passage turbulence. Blasius (flat plate)

cycle. 00 angle of attack, profile shown for reference.

24 *** *-25.2%

20 - ----

"-. ,18.4%

I ~~97 ' /-1J; q•ou
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b) Boundsary layer turbulence peak turbulence intensity

intensity profiles for different to external flow turbulence

externa rbulence intensity intensity for two different
levels. Reynolds numbers.

Figure 12. Results from Dyban et al. [9].

plate is subjected to different levels of external flow turbulence

intensity. The resulting boundary layer velocity and turbulence

intensity profiles are shown in the figure. As the external flow

turbulence intensity is increased, the velocity profile becomes fuller.

Three distinct ranges of external turbulence intensity have been

identified according to the respective generation of turbulence within

the boundary layer. As shown in Figure 12c, these ranges are: for an

external turbulence intensity less than 4.5 percent, the generated

turbulence intensity in the boundary layer increases at a faster rate
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than the external flow turbulence intensity, the generated intensity
reaching peak levels 2 to 3 times as large depending on the Reynolds
number; for 4.5 to 10 percent external flow turbulence intensity, the
generated turbulence intensity in the boundary layer increases at a
slower rate than the external flow turbulence intensity, reversing the
trend in the first range; and for an external flow turbulence Intensity
greater than 10 percent, the rate of increase of generated turbulence
intensity in the boundary layer monotonically approaches that of the
external flow. The boundary layer velocity and turbulence intensity
profiles in Figure 12 are identified respectively according to these
ranges.

Comparison of the wind tunnel measurements with the the work of
Dyban et al. [9] supports the view that the laminar boundary layer
within the slipstream can be characterized as a boundary layer with a
cyclic variation of external flow turbulence. As indicated in Figure
5, the source of the external flow turbulence is the viscous wake from
the propeller blade. The passage of the wake over a point on the wing
alters the laminar boundary layer according to the behavior shown in
Figures 10-12. The increase in mean velocity shown in Figures 2-4 is

Sthe result of the change in the velocity profile. The length of the
turbulence signal in Figures 2-4 is in part due to the change in the
turbulence intensity profile. The available data show that near the
surface, the turbulence will persist some time after the passage of the
external turbulence. It is expected that the local pressure gradient
will affect the rate of decay of the generated turbulence. This is

presently being investigated. It is also important, to note that with a
definite turbulence profile within the boundary layer, a single point
"measurement by a hot-wire sensor can give misleading information. A
thinner boundary layer would register a shorter turbulence time length
than a thicker one because of' the relative position of the sensor. With
the present understanding, the model of Figure 5 has been updated, and
the current model is shown in Figure 13. In this figure the relative
thickness of the boundary layer and the persistence of the turbulence
is emphasized.

"BLADE WAKE TUR1ULENT

.. •. BLADE WAKE

."' REVERSE-TRANSITIONAL
* •BOUNDARY LAYER

LAMINAR (QUASI-LAMINAR)

, BOUNDARY LAYER TURBULENT BOUNDARY LAYER

5• Figur e 1.3. Current .;lipsteam fluw disturbance

•... mode', showintg effect on aminar bond! try .i ycr.
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An analysis was performed to determine where these external
turbulence boundary layers lie in relation to conventional laminar and
turbulent flows. Shape factor correlations between H1 2 and H3. were
calculated from the wind tunnel data. Data for each time step in the
wake passage cycle were averaged over fifty cycles, smoothed, fit with
a cubic spline and integrated for values of H, 2 and H3,. Figure 14
shows the correlation across a wake passage cycle for an angle of

*'f attack of 0 degrees at chord locations of 15 and 45 percent, and for an
angle of attack of 3 degrees at a chord location of 30 percent. Also
included in the figure are the wake passage cyule time histories of the
freestream mean velocity and turbulence intensity at the three chord
positions. The curves plotted in the figure are the correlations
utilized by Eppler [11] for laminar and turbulent flow as determined
f,'om similar solutions and empirical data.

LAINAR (11)

YR".A4SfOA LAWMPAN

.45C

/H

TR-IOT*NA L LAW•AN

X -30c

"A,."'

15C

a) Time histories of external H32

flow turbulence intensity. b) Shape factor variation for
15 percent chord. 00 angle of
attack.

Figure 14. Variation of boundary layer shape factors

through wake passage cycle.

In Figure 14 the time step data points corresponding to conditions
where the boundary layer is indicated to be laminar lie on the ]aii..;
shape factor curve. The effect of the more adverse pressure gradient
at 3 degrees angle of attack is seen by noting that the respective data
points are shifted to lower vales of H,,. As the cycle is progressed,
the velocity profile shifts to a highly stable form under the influence
of the external turbulence, then reverts back to the conventional
laminar range. In each case the shape factor correlation indicates
that the boundary layer based on velocity profile behavior never
attains the predicted turbulent relationship. In Figure 75, shape
factors determined from the external turbulence flow boundary layer
velocity profiles of Dyban et a!. [9] and from relaminarization flow
boundary layer velocity velocity profiles of reference [10] are plotted
with the laminar and turbulent correlation curves. The external
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turbulence shape parameter values follow that same path as the
slipstream results. The relaminarizing flow shape parameter values
initially move in the direction of a newer (younger) turbulent boundary
layer, then loop back and proceed in the direction of the laminar
curve. The relaminarizing boundary layer is initially turbulent. Under
the action of a strongly favorable pressure gradient, a reversion to a
laminar-like state takes place. The progress of the relaminarization in
relation to the laminar and turbulent curves is noted in the figure.
The turbulence intensity profiles of the relaminarizing flow from
reference [10] are given in Figure 16. The profiles are similar to
those of the external flow turbulence boundary layers.
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Figure 16. Boundary layer turbulence intensity
profiles for relaminarizing flow [10]. Increasing
values of x denote downstream progress towards
relaminarization.

The results in Figures 14 and 15 raise the question of a class of
boundary layers which lie between the fully laminar and fully turbulent
states. In the case of the external turbulence flows, the terms
"pseudo-laminar" and "pseudo-turbulent" have been used. In
consideration of where they lie in terms of shape parameter values, the
term "transitional" may be more appropriate. The implication of the
data in the figures is that a "transitional" shape factor correlation
curve may exist which connects laminar and turbulent flows. This
concept will be investigated in the effort to develop a practical
boundary layer prediction method for the slipstream case.

SUMMARY

The laminar boundary layer within a propeller slipstream is
affected by the viscous wake from the propeller blade. The wake forms
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a helical sheet which is split by the wing and passes over the upper
and lower surfaces. Across a propeller blade wake passage cycle, the
boundary layer at a point on the airfoil surface goes through the
distinct phases of turbulent, reverse-transitional and laminar behavior
consistent with a cyclic variation in external flow turbulence. The

turbulent phase is characteristic of boundary layer flow with external ,.
turbulence, and exhibits velocity profiles which lie in a transitional
region between fully laminar and fully turbulent flow. The cyclic
external turbulence may also Influence the turbulent boundary layer in
such a way as to cause periodic relaminarization as has been observed
in flight and in the wind tunnel.
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